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FOREWORD 


The  First  Annual  High-Speed  Research  (HSR)  Workshop  was  hosted  by  NASA 
Langley  Research  Center  and  was  held  May  14-16, 1991,  in  Williamsburg,  Virginia. 
The  purpose  of  the  workshop  was  to  provide  a national  forum  for  the  government, 
industry  and  university  participants  in  the  program  to  present  and  discuss  important 
technology  issues  related  to  the  development  of  a commercially  viable, 
environmentally  compatible  U.S.  High-Speed  Civil  Transport.  The  workshop  sessions 
and  this  publication  are  organized  around  the  major  task  elements  in  NASA’s  Phase 
I - High-Speed  Research  Program  which  basically  addresses  the  environmental  issues 
of  atmospheric  emissions,  community  noise  and  sonic  boom. 

The  opening  Plenary  Session  provided  program  overviews  and  summaries  by  senior 
management  from  NASA  and  industry.  The  remaining  twelve  technical  sessions  were 
organized  to  preview  the  content  of  each  program  element,  to  discuss  planned 
activities  and  to  highlight  recent  accomplishments. 

Attendance  at  the  workshop  was  by  invitation  only  and  included  only  industry, 
academic  and  government  participants  who  were  actively  involved  in  the  High-Speed 
Research  Program.  The  technology  presented  at  the  meeting  is  considered 
commercially  sensitive,  and  as  suchgth^^^gfiga^u^^^^i^his  publication  are 
protected  by  the  NASA  designatioifl^HHHmm^B 
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SUPERSONIC  CRUISE 


Significant  advances  in  propulsion  performance  are  required  if  supersonic 
transport  vehicles  are  to  become  an  important  part  of  the  21st  century 
international  air  transportation  system.  The  objective  of  the  NASA  Supersonic 
Cruise  propulsion  research  is  to  provide  the  critical  propulsion  technologies  to 
the  industry  in  a timely  fashion  to  contribute  to  the  design  of  economically 
viable  and  environmentally  acceptable  high-speed  civil  transport  (HSCT) . 


HIGH-SPEED  RESEARCH  PROGRAM 


The  NASA  Phase  I High-Speed  Research  Program  (HSRP)  emphasizes  solutions  to 
the  critical  environmental  barrier  issues  associated  with  any  future  HSCT 
aircraft.  Two  of  these  barrier  issues  - atmospheric  ozone  depletion  and 
community  noise  - are  primarily  propulsion  issues  and  are  addressed  in  the  Lewis 
portion  of  HSRP.  The  critical  economical  viability  issues  will  be  the  emphasis 
of  a proposed  Phase  II  HSRP,  which  could  be  initiated  as  early  as  FY  1992. 


Figure  2 
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HSCT  SOURCE  NOISE  CHALLENGE 

The  HSCT  source  noise  challenge  is  illustrated  in  this  figure.  The  jet 
exhaust  noise  levels  at  takeoff  and  landing  conditions  must  be  reduced  by  15  to 
20  db  relative  to  reference  conic  nozzle  levels  before  any  future  HSCT  can  hope 
to  have  noise  levels  below  FAA  noise  regulation  limits.  At  the  same  time,  the 
nozzle  aerodynamic  performance  levels  must  be  kept  high  if  vehicle  overall 
mission  performance  goals  are  to  be  met.  This  combined  acoustic-aerodynamic 
challenge  is  often  expressed  as  a ratio  of  decibel  noise  reduction  to  resultant 
percent  thrust  loss.  For  a viable  HSCT  design  this  ratio  should  be  in  the 
neighborhood  of  4:1.  As  this  figure  shows,  current  technology  would  yield  a 
nozzle  design  with  a ratio  of  no  better  than  2:1. 


HSCT  SOURCE  NOISE  CHALLENGE 
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Figure  3 


LOW-NOISE  NOZZLE  TECHNOLOGY 
ELEMENTS 

The  major  elements  of  the  source  noise  portion  of  HSRP  are  shown  in  this 
figure.  Heavy  emphases  are  being  placed  in  the  first  years  of  HSRP  on  computer 
code  development  and  validation  and  on  subscale  experiments  to  evaluate 
potentially  attractive  nozzle  concepts.  The  emphases  regarding  the  codes  is 
again  on  applying  available  solvers  for  both  nozzle  aerodynamic  flows  and  for  the 
acoustic  signatures  of  the  various  configurations.  The  laboratory  experiments 
and  computer  code  developments  and  the  insights  they  provide  as  to  the  governing 
fluid  physics  will  be  key  inputs  to  the  development  of  advanced  nozzle 
configurations  that  will  meet  the  HSRP  goals,  both  for  aerodynamic  performance 
and  acoustic  suppression. 
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HSR  SOURCE  NOISE  REDUCTION  PROGRAM 

This  figure  represents  the  HSR  Source  Noise  Reduction  Program  in  a slightly 
different  or  bar  chart  form.  This  represents  basically  the  same  information 
identified  in  the  elements  figure  but  also  includes  the  program  major  milestones. 
The  first  darkened  bar  represents  the  whole  program  with  major  milestones  shown 
at  the  halfway  point  and  then  at  the  end.  The  next  three  bars  represent  the 
previously  identified  activities  including  Aero/Acoustic  Analyses,  Aero/Acoustic 
Concept  Evaluations  or  Experiments,  and  then  Subscale  Nozzle  Performance 
Experiments  with  Advanced  Configurations.  Also  included  here  is  the  activity 
relative  to  engine  cycle  analyses  to  determine  the  cycle  benefits  to  be  gained 
and  overall  aircraft  system  noise  prediction  (e.g. , ANOPP) . The  HSR  Phase  I 
program  indicated  here  is  a six  year  activity  with  major  milestones  again  at  the 
halfway  point  at  the  end  of  FY92  and  then  overall  at  the  end  of  FY95.  The 
milestones  shown  at  the  halfway  point  represent  the  completion  of  a series  of 
initial  screening  activities  of  either  the  advanced  codes  or  the  nozzle  concepts. 
The  best  of  these  concepts  will  then  be  researched  in  more  detail  through  the 
rest  of  program.  Details  of  the  activities  occurring  relative  to  each  of  the 
program  bars  will  be  discussed  in  the  various  papers  presented  in  .this  session  of 
the  workshop  including  inputs  from  NASA,  Industry,  and  an  example  of  support  from 
the  Academic  Community. 
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Figure  5 


NASA  HIGH-SPEED  RESEARCH  PLAN 
PROPULSION  ELEMENTS 


The  roadmap  for  the  propulsion  elements  of  NASA's  overall  High-Speed  Research 
Program  is  shown  in  this  figure.  HSRP  Phase  I efforts  will  result  in 
demonstrations  of  low-NOx  combustor  and  low-noise  nozzle  concepts  as  well  as 
determination  of  preferred  HSCT  propulsion  cycles.  NASA's  HITEMP  engine 
materials  program  will  provide  the  basis  for  the  development  of  the  advanced 
composite  materials  required  for  the  combustor  and  nozzle  components  of  any 
future  HSCT  engine. 

The  HSRP  Phase  I and  HITEMP  research  results  will  be  the  inputs  to  the 
proposed  HSRP  Phase  II  Program  currently  advocated  by  NASA.  The  propulsion 
elements  of  HSRP  II  would  demonstrate  HSCT  propulsion  technology  readiness 
initially  through  large-scale  testing  of  the  critical  components  (inlet,  fan, 
combustor,  and  nozzle);  then  these  components  would  be  combined  with  an  available 
core  engine  in  propulsion  systems  technology  demonstrations  at  both  low-speed 
(takeoff)  and  high-speed  (supersonic  cruise)  conditions. 

The  Enabling  Propulsion  Materials  of  HSRP  II  would  demonstrate  the  materials 
technology  readiness  through  tests  of  an  uncooled  ceramic  matrix  composite  (CMC) 
combustor  liner  and  a nozzle  substructure  element  fabricated  from  an  advanced 
intermetal 1 ic  matrix  composite  (IMC)  developed  in  HSRP  II. 


NASA  High-Speed  Research  Plan 
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HIGH  SPEED  JET  NOISE  RESEARCH  AT  NASA  LEWIS 
PROGRAM  CONTENT 

The  source  noise  portion  of  the  High  Speed  Research  Program  at 
NASA  Lewis  is  focused  on  jet  noise  reduction.  A number  of  jet 
noise  reduction  concepts  are  being  investigated.  These  include 
two  concepts,  the  Pratt  & Whitney  ejector  suppressor  nozzle  and 
the  General  Electric  2D-CD  mixer  ejector  nozzle,  that  rely  on 
ejectors  to  entrain  significant  amounts  of  ambient  air  to  mix 
with  the  engine  exhaust  to  reduce  the  final  exhaust  velocity. 
Another  concept,  the  G.E.  "Flade  Nozzle"  uses  fan  bypass  air  at 
takeoff  to  reduce  the  mixed  exhaust  velocity  and  to  create  a 
fluid  shield  around  a mixer  suppressor.  Additional  concepts  are 
being  investigated  at  Georgia  Tech  Research  Institute  and  at  NASA 
Lewis.  These  will  be  discussed  in  more  detail  in  later  figures. 

Analytical  methods  for  jet  noise  prediction  are  also  being 
developed.  Efforts  in  this  area  include  upgrades  to  the  GE  MGB 
jet  mixing  noise  prediction  procedure,  evaluation  of  shock  noise 
prediction  procedures,  and  efforts  to  predict  jet  noise  directly 
from  the  unsteady  Navier  Stokes  equation. 


High  Speed  Jet  Noise  Research 
at  NASA  Lewis 

Program  Content 
Noise  reduction  concept  evaluation 

• P & W ejector  suppressor  nozzie 

• GE  2D-CD  mixer/ejector  nozzie 

• GE  Hade  nozzle 

• GTR!  novel  concepts  evaluation 

• Shear  layer  modification 

Analytical  methods  development 

• MGB  model  upgrade 

• Shock  noise  prediction/evaluation 

• Unsteady  Navier  stokes  solutions 
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2D  P&W  MIXER/EJECTOR  AEROACOUSTIC  NOZZLE  TEST 
IN  THE  NASA  LEWIS  9x15  LSWT 

Shown  in  this  figure  is  an  early  version  of  the  P&W  developed 
mixer/ ejector  nozzle.  This  nozzle  was  tested  in  the  NASA  Lewis 
9x15  LSWT  as  a proof  of  concept  test  to  evaluate  ejector  pumping 
capability  and  noise  reduction  potential.  Since  this  was  the 
first  jet  noise  test  conducted  in  the  9x15  wind  tunnel,  the  test 
also  served  as  a means  of  evaluating  the  suitability  of  this 
facility  for  jet  noise  testing.  Results  from  this  test  will  be 
presented  in  the  next  two  figures.  Details  regarding  modification 
to  the  design  and  follow-on  testing  will  be  presented  in  a later 
paper. 


521 


2D  P&W  MIXER/EJECTOR  AEROACOUSTIC  NOZZLE  TEST 
IN  THE  NASA  LEWIS  9x15  LSWT 

COMPARISON  OF  MIXER-EJECTOR,  CONVERGENT  MIXER 
AND  CONIC  NOZZLE  NOISE  SPECTRA 

Typical  acoustic  results  from  the  test  of  the  P&W  mixer/ejector 
nozzle  are  shown  in  this  figure.  One/third  octave  spectra  from 
the  mixer  ejector  nozzle  are  compared  with  those  from  the  mixer 
alone  and  a round  conic  nozzle  at  angles  of  70  and  130  degrees 
from  the  inlet  axis.  These  data  can  be  used  to  assess  the  noise 
reduction  achieved  by  the  mixer  alone  and  from  the  addition  of 
the  hardwall  ejector.  The  addition  of  acoustic  treatment  to  the 
ejector  wall  would  result  in  additional  noise  reduction  by 
absorbing  noise  generated  within  the  ejector. 


2D  P&W  Mixer/ejector  Aeroacoustic  Nozzle  Test  in 
NASA  Lewis  9x1 5 LSWT 

Comparison  of  Mixer-ejector,  Convergent  Mixer  and 
Conic  Nozzle  Noise  Spectra 


Nozzle  pressure  ratio  = 3.5  Nominal  jet  temperature  = 900  °R  Tunnel  mach  number  = 0.2 
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CFD/TRANSLATING  PROBE  COMPARISON  AND  MIXING 


Shown  in  this  figure  are  results  from  a temperature  traverse  at 
the  ejector  exhaust.  The  results  indicate  that  good  mixing 
between  the  primary  and  the  induced  flows  was  achieved.  Also 
shown  is  a corresponding  predicted  temperature  field  at  the  same 
location.  Good  agreement  between  measured  and  predicted  tempera- 
tures was  achieved. 
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GE  NOISE  REDUCTION  CONCEPTS 


The  main  characteristics  of  two  noise  reductions  concepts  devel- 
oped by  General  Electric  are  given  in  this  figure.  Details 
regarding  these  concepts  will  be  given  in  a later  paper.  The 
first  concept,  like  that  of  Pratt  & Whitney,  is  mixer  ejector 
nozzle.  The  mixer  nozzle  is  designed  with  convergent-divergent 
chutes  to  minimize  shock  noise.  The  ejector,  designed  to  achieve 
60%  pumping,  will  be  acoustically  treated  to  absorb  noise  gener- 
ated within  the  ejector. 

The  second  GE  concept,  the  Flade  Nozzle,  is  designed  for  an 
engine  cycle  with  reduced  mixed  exhaust  velocity.  The  fan  flow 
from  this  cycle  will  be  used  to  produce  a fluid  shield  around  a 
mixer  nozzle. 


GE  Noise  Reduction  Concepts 

2DCD  mixer  ejector  nozzle 

• Mixer  nozzle  with  C-D  chutes 

• Acoustically  treated  ejector  - 60  percent  pumping 


Flade  nozzle 

• Increased  oy-pdss  ratio  (lower  core  velocity) 

• Mixer  on  primary  nozzle  (no  ejector) 

• By-pass  flow  used  for  fluid  shield 
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NOVEL  JET  NOISE  REDUCTION  CONCEPTS 


CIRCULAR  NOZZLE  WITH  TABS  AND  EJECTOR 

In  this  figure,  acoustic  results  from  tests  conducted  by  Georgia 
Tech  Research  Institute  of  a circular  nozzle  with  tabs  and  an 
ejector  are  shown.  Previous  results  with  tabs  and  a circular 
nozzle  have  shown  that  the  tabs  can  significantly  enhance  the 
mixing  of  the  nozzle  flow  with  ambient  air.  By  combining  the 
rapid  mixing  of  the  tabbed  nozzle  with  the  noise  suppression 
potential  of  a treated  ejector,  it  is  hoped  that  significant  jet 
noise  reduction  can  be  achieved  with  simple  nozzle  geometries  and 
a short  ejectors. 


Novel  Jet  Noise  Reduction  Concepts 

Georgia  Tech  Research  Institute 


Circular  nozzle  with  tabs  and  ejector 


Frequency,  KHz 
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NOVEL  JET  NOISE  REDUCTION  CONCEPTS 
COAXIAL  RECTANGULAR  NOZZLE 

Another  concept  being  investigated  at  Georgia  Tech  Research 
Institute  is  the  coaxial  rectangular  nozzle.  In  this  figure,  test 
results  show  the  noise  reduction,  relative  to  a conic  nozzle, 
achieved  by  using  a dual  flow  rectangular  nozzle.  The  concept's 
success  at  supersonic  flow  conditions  may  indicate  that  it  is 
most  effective  in  reducing  shock  noise. 


Novel  Jet  Noise  Reduction  Concepts 

Georgia  Tech  Research  institute 
Coaxial  rectangular  nozzle 
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NOISE  REDUCTION  BY  SHEAR  LAYER  MODIFICATION 


At  Lewis,  jet  screech  is  being  investigated  as  a means  of  excit- 
ing the  jet  shear  layer  and  enhancing  the  mixing  within  an 
ejector.  Enhanced  mixing  can  significantly  shorten  the  ejector  or 
provide  more  treatment  length  to  suppress  internally  generated 
noise.  The  effect  of  excitation  on  the  directivity  of  the  inter- 
nally generated  noise  is  also  being  studied.  The  effectiveness  of 
wall  treatment  within  an  ejector  could  be  enhanced  if  the  inter- 
nally generated  noise  can  be  made  to  propagate  toward  the  side 
walls . 


Noise  Reduction  by  Shear  Layer  Modification 
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• Apply  aerodynamic  excitation  principles  to  enhance  mixing 
and  minimize  performance  penalty. 

• Apply  aerodynamic  excitation  principles  to  alter  directivity 
of  internal  shear  layer  noise  to  maximize  liner  effectiveness. 


JET  EXIT  RIG  WITH  TRANSITION  FOR 
AXISYMMETRIC  NOZZLES 

Shown  in  this  figure  is  a schematic  of  the  NASA  Lewis  Research 
Center  jet  exit  rig.  This  rig  is  designed  for  testing  of  both 
NASP  and  HSR  nozzles  and  is  compatible  with  the  NASA  Lewis  8x6 
and  10x10  supersonic  wind  tunnels  and  the  9x15  low  speed  wind 
tunnel,  the  NASA  Ames  40x80  wind  tunnel,  and  the  new  Lewis  nozzle 
acoustic  test  rig. 


Jet  Exit  Rig  With  Transition  for  Axisymmetric  Nozzles 
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NOZZLE  ACOUSTIC  TEST  RIG  (NATR) 

A schematic  of  a new  nozzle  acoustic  test  rig  is  shown  in  this 
figure.  The  rig  will  be  located  within  a 65  foot  radius  geodesic 
dome.  The  dome  is  designed  to  minimize  community  noise  problems 
from  the  nozzle  acoustic  test  rig  and  the  adjacent  Powered  Lift 
Facility.  Acoustic  treatment  will  be  installed  on  the  inside  of 
the  dome  to  provide  an  anechoic  environment  for  acoustic  testing. 
Forward  flight  effects  will  be  simulated  by  means  of  a free  jet. 
Heated  air  will  be  provided  to  test  nozzles  by  the  jet  exit  rig 
discussed  previously. 


Nozzle  Acoustic  Test  Rig  (NATR) 
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JET  NOISE  PREDICTION  EFFORTS 


Efforts  at  Lewis  to  improve  the  state-of-the-art  of  jet  noise 
prediction  include  the  evaluation  and  improvement  of  existing  jet 
mixing  and  shock  noise  prediction  procedures  and  the  development 
of  new  prediction  procedures.  Planned  improvements  to  the  exist- 
ing, GE  developed,  MGB  procedure  include  replacing  Reichardt's 
mean  flow  prediction  method  with  the  Parc  code  and  adding  non- 
axisymmetric  effects  to  the  acoustic/mean  flow  interaction 
radiation  model.  Shock  noise  prediction  methods  are  currently 
being  evaluated  over  a range  of  jet  Mach  numbers  and  temperatures 
both  with  and  without  forward  flight  effects. 


In  House  Jet  Noise  Prediction  Efforts 

Improve  jet  mixing  noise  prediction 
- Improve  'MGB'  procedure 

Prediction  Procedure  Elements 


Planned  improvements 


Replace  Reichardt's 

Include 

method  m IU 

non-axisymmetric 

Parc  K-e  code 

effects 

Evaluate/improve  shock  noise  prediction 

- Evaluate  current  shock  noise  prediction  procedures 

- Incorporate  CFD  predicted  shock  characteristics  into 
current  shock  noise  prediction  procedures 
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MGB  JET  NOISE  PREDICTION  MODEL 
WITH  PARC  AERO  INPUT 

Shown  in  this  figure  are  typical  results  comparing  predicted  and 
measured  jet  noise  directivities  for  a convergent-divergent 
nozzle  at  the  nozzle  design  pressure  ratio.  The  prediction  was 
made  using  the  GE  MGB  method  with  aerodynamic  inputs  from  the 
Parc  code. 


MGB  Jet  Noise  Prediction  Model  with 
PARC-kc  Aero  Input 

Comparison  of  Measured  and  Predicted  Jet  Noise  Directivity 
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HIGH  SPEED  JET  NOISE  RESEARCH 
AT  NASA  LEWIS 


SUMMARY 

Significant  progress  has  been  made.  High  ejector  pumping,  neces- 
sary for  the  success  of  ejector  suppressor  concepts,  has  been 
demonstrated.  Detailed  designs  have  been  completed  for  several 
promising  noise  reduction  concepts  that  are  to  be  tested  this 
year.  Other  more  novel  concepts  are  being  investigated.  Initial 
steps  have  been  taken  to  upgrade  jet  noise  prediction  procedures. 


High  Speed  Jet  Noise  Research 
at  NASA  Lewis 

Summary 

• High  ejector  pumping  demonstrated 

• Two  acoustically  treated  ejector/suppressor  designs  plus 
fluid  shield/mixer  concept  to  be  evaluated  this  year 

• Other  novel  concepts  being  investigated 

• Aeroacoustic  prediction  procedures  being  upgraded 
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HSCT  Nozzle  Source  Noise  Programs  at  Pratt  & Whitney 
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2MB  JET  NOISE  SUPPRESSION  NEEDED 


Jet  noise  from  the  high  velocity  exhaust  flow  will  dominate  takeoff  noise  spectra  of  high  speed  aircraft.  Although 
available  noise  suppression  technologies  can  be  used  to  quiet  other  engine  noise  sources,  jet  noise  requires  new, 
unique  developments  in  noise  reduction  technology. 

With  the  resurgent  interest  in  the  High  Speed  Civil  Transport,  successful  control  of  the  dominant  jet  noise  (along 
with  emissions  and  materials)  has  again  been  identified  as  one  of  the  two  or  three  technologies  critical  to  a succes- 
sful HSCT.  Without  an  economically  viable  approach  to  FAR36  Stage  3 noise  requirements,  there  can  be  no 
commercial  transport.  Alternate  means  of  meeting  this  noise  rule  (such  as  engine  oversizing)  have  been  shown 
to  adversely  impact  the  system’s  economics. 

Recent  low  noise  nozzle  accomplishments  at  P&W  and  future  plans  are  discussed  in  the  pages  that  follow: 


TOTAL  JET  TURBO  CORE 


Figure  1 


EJECTOR  NOZZLE  TECHNOLOGY  PROGRAM 
NOISE  REDUCTION  YS  FLOW  AUGMENTATION 


Jet  noise  suppression  of  magnitude  20  EPNdB  will  be  needed  relative  to  a unsuppressed  exhaust  system  opti- 
mized for  performance  only.  The  major  low  noise  exhaust  nozzle  effort  at  P&W  has  focused  on  high  flowing, 
mixer  ejector  nozzle  systems  with  secondary  airflow  entrainment  levels  as  high  as  120-140%. 

Since  the  early  days  of  supersonic  transports,  both  Pratt  & Whitney  and  General  Electric  Aircraft  Engines  have 
been  key  participants  in  studies  and  evaluations  of  candidate  HSCT  exhaust  nozzle  concepts.  Teaming  between 
P&W  and  GE AE  to  develop  a HSCT  propulsion  system  is  a major  milestone  in  the  United  States  effort  toward 
a successful  program. 

GEAE  have  been  looking  at  similar  ejector  systems,  trading  reduced  pumping  levels  for  smaller  diameter  and 
drag.  The  lower  pumping  alternative  requires  some  modest  engine  resigning  to  meet  Stage  III.  Having  two  levels 
of  pumping  under  parallel  investigation  by  GEAE  and  P&W  provides  us  the  opportunity  to  better  understand 
the  range  of  ejector  capabilities  and  assess  them  back-to-back  in  terms  of  overall  installed  performance.  One 
of  our  objectives  is  a down  select  decision  to  one  common  ejector  type  by  the  end  of  1992. 


Figure  2 
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MIXER  EJECTOR  NOZZLE 
TECHNOLOGY  CHALLENGES 


One  major  noise  challenge  to  a successful  mixer  ejector  nozzle  is  good  aerodynamic  design.  The  major  benefit 
for  the  ejector  comes  from  reducing  overall  jet  velocity  from  over  3000  ft/sec  to  something  near  1500  ft/sec,  while 
maintaining  thrust.  The  process  of  mixing  tertiaiy  air  with  the  high  velocity  primary  exhaust  flow,  however,  pro- 
duces its  own  noise.  This  mixing  process  must  be  optimized  to  1)  minimize  the  internal  noise  generated  and 
2)  produce  this  noise  in  a form  more  easily  attenuated  by  acoustic  liners  in  the  ejector  shroud. 

Acoustic  liner  technology  capable  of  effectively  attenuating  the  internally  generated  noise  within  the  highly  tur- 
bulent and  high  velocity  and  temperature  environment  of  the  ejector  must  also  be  developed. 

Internal  expansion  ratios  can  be  quite  high  causing  internal  shocks  with  associated  shock  noise.  This  also  needs 
to  be  addressed  in  the  mixer  and  ejector’s  aerodynamic  design. 

Economic  viability  demands  additional  considerations  such  as  nozzle  performance  over  the  full  aircraft  operating 
range  and  advanced  enabling  materials. 


Figure  3 
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1989  HSCT  2D  EJECTOR  MODEL  TEST 
IN  NASA ’s  9 x 15  TUNNEL 


Since  1988,  Pratt  & Whitney  has  conducted  two  HSCT  model  ejector  test  programs  and  will  soon  begin  a third. 
The  original  HSCT  high-flowing  ejector  designs  were  based  on  related  programs  conducted  at  United  Technolo- 
gies Research  Center  (UTRC)  during  the  1980’s. 

P&W’s  first  HSCT  ejector  model  program  was  conducted  in  NASA  Lewis’  9x15  low  speed  acoustic  wind  tunnel 
in  mid-1989.  The  2D  ejector  nozzle  hardware  was  jointly  provided  by  P&W,  UTRC,  and  NASA  LeRC.  Test 
facility  was  provided  by  NASA  and  the  data  analyses  were  shared  among  NASA  and  P&W.  The  1/10  scale  (ap- 
proximate) model  was  tested  with  and  without  the  ejector  shroud  and  over  a range  of  ejector  area  ratios  and 
nozzle  expansion  ratios.  A reference,  conic  nozzle  was  also  evaluated  to  provide  a baseline.  Facility  limitations 
at  that  time  restricted  testing  to  450F  jet  flow.  Ejector  shroud  static  pressure  taps  and  an  exit  pressure  and  tem- 
perature traverse  were  used  to  evaluate  pumping  and  mixing. 


Figure  4 
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TERTIARY  AIRFLOW 


1989  2D  EJECTOR  TEST 

Wall  static  pressure  taps  in  the  ejector  shroud  were  initially  used  to  assess  secondary  airflow  levels  (pumping). 
These  measured  levels  were  later  corroborated  and  calibrated  using  exit  rake  temperature  and  pressure  tra- 
verses. 

Ejector  area  ratios  (Amix/Aprimaiy)  in  the  range  of  3.77  to  4.7  were  tested  and  goal  levels  of  pumping  were  shown 
to  be  technically  feasible.  When  corrected  to  the  engine  temperature  conditions  of  a typical  HSCT  engine,  the 
goal  0.6  corrected  pumping  level  translates  to  an  absolute  pumping  level  of  order  120%  at  HSCT  engine  exhaust 
conditions. 


NOZZLE  PRESSURE  RATIO  ~ Pw/P* 


Figure  5 


540 


SHOCK  NOISE  DOMINATES  2D  EJECTOR  TEST 


With  the  450F  temperature  limit,  the  2D  model  noise  data  from  the  1989  program  was  dominated  by  shock  noise. 
The  measured  levels  for  the  reference  conic  nozzle  were  as  predicted,  verifying  that  the  shock  noise  dominates. 
Tunnel  background  noise  was  measured  and  did  not  directly  prevent  acquisition  and  credible  data.  Without  the 
higher  nozzle  temperatures  needed  to  simulate  realistic  engine  exhaust  conditions  (i.e.:  jet  velocity);  the  key, 
jet  mixing  noise  source  was  not  directly  observable. 


63  125  250  500  IK  2K  4K  8K 


1/3  OCTAVE  BAND  CENTER  FREQUENCY  - HZ 
Figure  6 
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LESSONS  LEARNED:  2D  MIXER  / EJECTOR  IN  9'  x 15' 


Pressure  and  temperature  traverses  at  the  ejector  exit  indicated  good  mixing  was  achieved  within  the  ejector. 
Subsequent  CFD  analysis  of  the  mixing  region  using  P&W  N ASTAR  Navier  Stokes  code  showed  excellent  agree- 
ment with  the  traverses.  The  predicted  internal  wall  static  pressure  measurements  made  along  the  shroud  also 
showed  excellent  agreement  with  the  N ASTAR  code. 

In  summary,  the  first  HSCT  model  nozzle  test  showed  that  very  aggressive  pumping  levels  exceeding  120%  (at 
HSCT  engine  conditions)  can  be  achieved  with  good  mixing.  Also  learned  was  the  effectiveness  of  CFD  analysis 
in  assessing  the  mixing  region.  More  realistic  temperatures  would  be  needed  in  future  programs,  however,  to 
obtain  the  proper  balance  between  shock  and  mixing  noise  in  far  field  noise  measurements. 


• NEED  HIGHER  JET  TEMPERATURES  FOR  ACOUSTIC  TESTING 

• EXCEEDED  AIR  ENTRAINMENT  GOALS 


• GOOD  MIXING 
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Figure  7 
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199©  HSCT  AXISYMMETMC  EJECTOR  MODEL  TEST  IN  BOEING’S  LSAF 


Based  on  the  encouraging  results  from  the  previous  year’s  2D  ejector  program  at  NASA,  two  axisymmetric  ejec- 
tors were  designed  and  procured,  one  with  deep  penetration  and  one  with  shallower  lobes.  An  acoustically 
treated  ejector  shroud  was  also  provided  to  evaluate  the  ability  to  attenuate  internally  generated  noise. 

The  models  were  tested  in  Boeing’s  Low  Speed  Aeroacoustic  Facility  (LSAF)  in  mid  1990  in  a joint  NASA/Boe- 
ing/P&W  program  with  the  model  hardware  provided  under  NASA  LeRC  contract  and  tunnel  time  provided 
by  Boeing.  The  models  were  mounted  to  Boeing’s  high  temperature  jet  rig  providing  primary  nozzle  flows  at 
temperatures  up  to  1500F. 


Figure  8 
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AXISYMMETRIC  MIXER  / EJECTOR  MACH  CONTOURS  - PEAK  AND  VALLEY  - NASTAR 

PRE  TEST  PREDICTIONS 


The  ability  to  successfully  use  P&W’s  CFD  NASTAR  code  to  match  the  previous  year’s  model  data  in  both  exit 
profile  and  internal  static  instrumentation  lent  impetus  to  a pretest  evaluation  of  the  axisymmetric  model.  This 
analysis  indicated  two  potential  problems  with  the  existing  axisymmetric  mixer  hardware.  Higher  than  expected 
local  expansion  ratios  at  the  mixer  exit  indicated  the  presence  of  strong  shocks.  Ejector  exit  hot  streaks  were 
also  projected  at  the  core  coming  off  the  plug  and  near  the  outer  wall  at  each  mixer  lobe.  These  hot  steaks  were 
subsequently  confirmed  during  the  test  by  Boeing  with  their  IR  camera. 

If  present,  the  noise  associated  with  these  hot  streaks  external  to  the  ejector  would  not  be  attenuatable  with  ejec- 
tor acoustic  treatment.  The  test,  subsequently  did  show  this  ejector  acoustic  liner  to  be  ineffective  with  the  exter- 
nal hot  streak  dominating  the  higher  frequencies. 
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TERTIARY  AIRFLOW  OBJECTIVES  ACCOMPLISHED 
1990  AXI  MODEL 


While  indicating  mixing  levels  below  target,  the  pre  test  NASTAR  CFD  analysis  indicated  design  pumping  levels 
would  be  achieved.  Similar  to  the  previous  year’s  2D  model  in  the  9x15,  the  internal  model  aero/performance 
data  confirmed  excellent  agreement  with  the  analysis  and  with  our  goals. 


NOZZLE  PRESSURE  RATIO  ~ PTP/PS  00 
Figure  10 
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JET  NOISE  SUPPRESSOR  TECHNOLOGY 
SUPPRESSION  VS.  NOZZLE  PERFORMANCE 


In  addition  to  higher  temperature  capability,  the  Boeing  facility  also  provided  the  opportunity  to  measure  nozzle 
thrust.  When  compared  to  the  reference  conic  nozzle,  also  tested  by  Boeing,  the  ejectors  showed  only  minimal 
thrust  decrease  at  forward  flight  conditions  simulating  takeoff.  Even  with  the  known  aeromixing  deficiencies, 
the  ejectors  provided  significant  noise  reductions. 

Compared  to  previous  generations  of  jet  suppressor  nozzles,  the  ejector  concept  demonstrated  a significant  tech- 
nology leap  forward  in  terms  of  noise  reduction  per  pound  of  thrust  loss. 


1 2 3 4 5 10  20 
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Figure  11 
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1991  PW / NASA  HSCT  EJECTOR  MODEL  NOISE  PROGRAM 


P&W  and  NASA  are  currently  preparing  to  test  the  next  generation  2D  HSCT  ejector  nozzle  in  Lewis’  9x15 
tunnel  during  the  third  quarter  of  1991.  In  addition  to  a new  mixer/ejector  design  based  of  CFD  tools,  the  use 
of  the  NASA  jet  exit  rig  will  provide  both  the  higher  temperature  capability  (1500F)  and  thrust  measurement 
capability  lacking  in  the  first  9x15  test  program. 

The  current  program  is  a joint,  cooperative  effort  with  P&W  providing  the  CFD  analysis,  hardware  being  pro- 
cured under  contract  to  NASA  Lewis,  and  using  the  NASA  9x15  tunnel  and  jet  exit  rig.  Further,  windows  in  the 
ejector  sidewalls  will  also  be  procured  enabling  NASA  Langley  to  measure  the  internal  mixing  using  flow  visual- 
ization techniques.  The  program  is  also  being  coordinated  with  GE’s  1991 2DCD  HSCT  ejector  model  program 
covering  a complimentary  range  of  ejector  design  parameters. 
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Figure  12 
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EJECTOR  LENGTH  STUDIES 


An  understanding  of  mixing  length  and  ejector  acoustic  liner  quantity  are  critical  parameters  in  the  design  of 
a effective  low  noise  HSCT  exhaust  nozzle.  The  upcoming  2D  ejector  model  program  in  NASA  Lewis’  9x15  Thn- 
nel  will  specifically  address  both  of  these  technology  issues.  A range  of  mixing  lengths  will  be  tested  utilizing 
both  hardwall  and  treated  ejector  shrouds  and  sidewalls. 


Figure  13 
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HSCT  LOW  NOISE  EXHAUST  TECHNOLOGY  PROGRAMS  (MAY  1991) 


Pratt  & Whitney  has  conducted  two  HSCT  model  ejector  test  programs  and  will  soon  begin  a third.  These  current 
model  programs  are  focused  on  the  issue  of  ejector  acoustic  viability  and  noise  reduction  potential.  Also  being 
studied  are  needed  mixing  length  and  acoustic  liner  quantity. 

The  HSR  Phase  2 program  will  cany  the  results  of  the  model  testing  into  a large  scale  demo  program  to  verify 
exhaust  nozzle  technologies  in  the  more  realistic  size.  A parallel  materials  program  will  provide  for  critical  mate- 
rials enabling  a viable  commercial  nozzle. 

One  outstanding  issue  is  ejector  nozzle  acoustic  liner  technology  which  is  projected  to  provide  almost  half  the 
overall  noise  reduction  from  the  mixer/ejector  concept.  Locally  high  temperatures,  Mach  numbers,  and  turbu- 
lence as  well  as  large  spatial  gradients  present  a technology  challenge  for  acoustic  liner  which  will  be  required 
in  the  HSCT  ejector.  The  section  of  candidate  HSCT  liner  concepts  will  also  be  a key  HSR  Phase  2 element 
in  directing  the  nozzle  materials  effort  and  in  the  design  of  a demo  engine  nozzle.  P&W  and  GE  AE  are  in  process 
off  jointly  develop;ing  a liner  program  to  address  these  issues  of  acoustic  liners  in  the  unique  environment  of 
the  ejector  shroud. 
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HSCT  EXHAUST  NOZZLE  DESIGN  APPROACHES  - GEAE  AND  P & W 
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IMPACT  ON  HSCT  TOGW  AND  ECONOMIC  VIABILITY 


HSCT  EXHAUST  NOZZLE  DESIGN  APPROACHES  - GEAE  AND  P&W 
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GEAE  HSCT  ACOUSTICS  RESEARCH  IS  COMPOSED  OF  TEST.  ANALYSES  & SYSTEM  TRADE  STUDIES 
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GEAE  HSCT  ACOUSTICS  RESEARCH  IS  COMPOSED  OF  TEST.  ANALYSES  & SYSTEM  TRADE  STUDIES 
PROGRAM  FOCUS 
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KEY  SENSITIVITIES  FROM  REFERENCE  AIRCRAFT  ARE  ESTABLISHED 
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Key  Sensitivities  From  Reference  Aircraft  are  Established 
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Mission,  payload  are  constant 
FAR36  Stage  III  noise  rules  satisfied 
Individual  linear  sensitivities  only 

Coupled  sensitivities  are  not  necessarily  additive 


ACOUSTIC  EXPERIMENTS 
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ACOUSTIC  EXPERIMENTS 
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Jet  Velocity,  ft/s 


AERO-MIXING  EXPERIMENTAL  SET-UP  AT  GEAE'S  ARL 
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Aero-Mixing  Experimental  Set-Up  At  GEAE 


Suppressor  Chutes 
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View  Afl  Looking  Forward 


SIDELINE  NOISE  PREDICTION  FOR  M2 .4  FLADE  ENGINE 


Ul 

Ul 

Ll 

0 

>- 

• 

O 

0 

H- 

h- 

Ul 

< 

*H 

CL 

0 

UJ 

c 

40 

Z 

o 

0 

IH 

IH 

-J 

UJ 

© 

0 

40 

O 

> 

0 

LU 

40 

LU 

l-l 

02 

CL 

Nl 

0 

0 

02 

0 

U 

IH 

UJ 

0 

0 

1— 

0 

0 

LU 

0 

«c 

O 

IH 

< 

»-l 

LU 

O 

f- 

02 

Z 

H 

u. 

o 

0 

0 

40 

40 

CM 

> 

:2D 

>- 

1 

UJ 

< 

0 

02 

0 

O 

02 

IH 

Z 

© 

o 

UJ 

40 

2D 

h- 

0 

0 

3S 

CO 

0 

o 

iH 

Ll 

h“ 

CO 

LU 

z 

2 1 

Ul 

UJ 

z 

0 

CO 

ll 

x 

LU 

X 

< 

o 

1— 

U. 

H- 

HI 

0 

O 

X 

< 

22 

0 

0 

> 

H- 

O 

z 

40 

IH 

< 

8H 

HH 

0 

H 

< 

Q 

H* 

>- 

0 

40 

0 

o 

0 

H- 

Q 

0 

O 

O 

< 

Z 

0 

a. 

o 

0 

< 

U. 

z 

o 

*x. 

40 

LU 

*• 

1 

40 

< 

o 

0 

0 

UJ 

LU 

LO 

0 

> 

o 

CO 

22 

0 

0 

o 

< 

IH 

UJ 

Z 

0 

o 

0 

0 

< 

-J 

Z 

IH 

> 

0 

z 

z 

LU 

> 

0 

CO 

0 

Q» 

o 

< 

M 

IH 

UJ 

LU 

02 

o 

CO 

0 

CL 

0 

z 

UJ 

LU 

< 

0 

z 

0 

O 

IH 

CO 

IH 

U. 

H 

>- 

>- 

0 

o 

0 

02 

UJ 

«ST 

0 

0 

0 

< 

0 

e 

UJ 

CL 

< 

z 

IH 

CM 

rss 

3ET 

H- 

IH 

CO 

x 

IH 

UJ 

40 

z 

CO 

IH 

UJ 

UJ 

Ul 

VO 

-J 

z 

z 

LU 

22 

CO 

UJ 

x 

IH 

1 

02 

IH 

0 

02 

QL 

0 

02 

0 

z 

< 

z 

o 

22 

UJ 

U. 

O 

H 

u. 

LU 

IH 

H 

0 

H“ 

H» 

O 

22 

0 

0 

co 

w 

X 

< 

< 

0 

0 

0 

H 

0 

Z 

O 

UJ 

£ 

02 

u. 

0 

02 

> 

O 

o 

a. 

Ll 

< 

h* 

574 


Sideline  Noise  Prediction  for  M2.4  Flade  Engine 

Ma/c  = 0.32  and  Alt  = 689 II  (Shock  Free,  Using  Cycles  lor  Ma/c=0.3  and  Al  =0) 
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SCALE  MODEL  HOT  CORE  FLOW  PATH  MODIFIED  TO  PREVENT  HUB-CHOKING  CFL3D  SOLUTION 
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FLOW  CHART  FOB  THE  GEAE  CUSTOMIZED  ANOPP 
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Flow  Chart  for  the  GEAE  Customized  ANOPP 
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HSCT  EXHAUST  NOZZLE  STATUS 
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and  aircraft  Sow  speed  performance 


KEY  ACOUSTIC  TECHNOLOGY  ISSUES  FOR  HSCT 
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KEY  ACOUSTIC  TECHNOLOGY  ISSUES  FOR  HSCT 

GEAE'S  PERSPECTIVE 
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FOR  APPROACH  NOISE  ASSESSMENT. 
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COMMUNITY  NOISE  SOURCES 
AND  NOISE  CONTROL  ISSUES 


G.  L.  Nihart 

Boeing  Commercial  Airplane  Group 
Seattle,  Washington 


High  Speed  Research 
First  Annual  Workshop 
May  14-16,  1991 
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COMMUNITY  NOISE  SOURCES  AND  NOISE 

CONTROL  ISSUES 


• TURBINE  BYPASS  ENGINE  (TBE)  NOISE  LEVELS 

• JET  NOISE  CONTROL 

* ENGINE  CYCLE  IMPLICATIONS 

* NOZZLE  DEVELOPMENT  SCHEDULE 

* NOZZLE  TEST  RESULTS 

- NACA  NOZZLE 

- NFM  NOZZLE 

• TEST  TECHNOLOGY 

• CONCLUSIONS 


FIGURE  1 

FIGURE  2 
FIGURE  3 

FIGURES  4,  5 
FIGURES  6-8 

FIGURES  9 -11 
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NOISE  COMPONENTS  TBE  TURBOJET 


Unsuppressed  levels  for  the  Turbine  Bypass  Turbojet  Engine  (TBE)  at  each  of  the 
certification  points  indicates  the  suppression  needed  to  achieve  FAR  36  Stage  3. 
At  sideline  20  EPNdB  jet  noise  suppression  is  needed,  at  cutback  16  EPNdB  jet 
noise  and  2 EPNdB  burner  noise,  at  approach  6 EPNdB  jet  noise,  7 EPNdB 
burner  noise  and  10  EPNdB  suppression  of  turbine  noise. 


Figure  1 Noise  Components  Turbine  Bypass  Turbojet  Engine 
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ENGINE  CYCLE  SELECTION  AND  NOISE 


The  engine  cycle  selection  will  determine  the  jet  noise  suppression  required 
from  20  EPNdB  for  the  turbojet  to  less  than  10  EPNdB  for  some  of  the  low 
specific  thrust  variable  cycle  engines.  Undestanding  of  nozzle  technology  to 
achieve  20  EPNdB  suppression  is  needed  to  understand  the  engine  cycle  / 
jet  suppression  trades. 


Variable  Cycle  Engine  Developments 


LOWEST  PROPULSION 
PERFORMANCE  BUT  REQUIRES 
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Tandem  Fan  Concept  - 
High-Bypass  Mode 


Remote 
front  fan 


High-bypass 
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FIGURE  2 


NOZZLE  DEVELOPMENT  SCHEDULE 


Model  scale  nozzle  development  testing  will  continue  through  1995  followed 
by  verification  testing  using  a large  scale  demonstrator  engine.  Tests  in  1991 
include  elements  of  the  nearly  fully  mixed  (NFM)  nozzle,  a variable 
geometry  version  of  the  NFM  nozzle  and  source  diagnostics  of  the  NFM 
nozzle.  Source  diagnostics  will  include  cross-correlation  of  far  field  noise 
with  internal  velocity  fluctuations. 


NOZZLE  DEVELOPMENT  TESTING 
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NACA  NOZZLE  DESIGN 


A jet  suppression  test  was  completed  on  the  Naturally  Aspirated  Co- Annular  (NACA) 
nozzle  in  1989.  The  original  design  NACA  nozzle  aspirated  40%  of  the  core  flow.  This 
was  increased  to  over  60%  by  using  the  turbine  bypass  air  as  a second  ejector.  The 
core  flow  crosses  over  the  aspirated  flow  into  an  annulus.  This  produces  an  inverted 
velocity  profile  as  a noise  reduction  feature.  A large  external  plug  was  used  in 
addition. 


NACA  NOZZLE  TEST  RESULTS 


The  mixing  of  the  aspirated  flow  and  the  primary  jet  takes  place  outside  of  the 
nozzle  so  that  the  primary  stream  is  at  full  velocity  in  the  initial  mixing  region. 
This  results  in  large  noise  reduction  down  stream  but  no  reduction  of  high 
frequency  noise  generated  in  the  initial  mixing  region  limiting  the  suppression 
to  10  EPNdB. 


NATURALLY  ASPIRATING  CO-ANNULAR.  NACA. 
NOZZLE  SOURCE  LOCATION 


Elliptic  Mirror  Noise  Source  Distribution  Scan  at  a Low  Frequency 


Elliptic  Mirror  Noise  Source  Distribution  Scan  at  a High  Frequency 


FIGURE  5 


599 


NFM  NOZZLE  DESIGN 


One  solution  to  the  NACA  nozzle  limitation  is  to  mix  the  aspirated  flow  inside 
a treated  ejector  and  Boeings  version  of  this  nozzle  is  called  the  Nearly  Fully 
Mixed  (NFM)  nozzle.  This  nozzle  aspirates  100  + % of  the  core  flow,  fully 
mixes  the  core  and  aspirated  flows  inside  the  ejector  and  minimizes  internal 
shock  cell  noise  from  the  primary  nozzle.  The  internally  generated  mixing  and 
shock  cell  noise  is  reduced  with  acoustic  lining. 


Internally  Mixed  Ejector  - Suppressor 

Nozzle  Concept 


Secondary  air 

(100  + % aspiration) 


Engine 

exhaust 


C Sound  attenuation  lining 

(7-10  dB  attenuation) 


Mixing  region 
(minimum  shock  cell 
and  mixing  noise) 


Low-noise 

mixed-velocity 

stream 

(Vjm  = <1,500  ft/sec) 


FIGURE  6 


NOISE  VERSUS  ASPIRATION  RATE 


Noise  reduction  of  an  aspirating  nozzle  has  the  potential  of  reducing  noise  to  the 
level  of  an  equivalent  nozzle  with  the  fully  mixed  stream  flow  conditions.  The 
noise  reduction  potential  of  an  aspirating  nozzle  versus  aspiration  rate  is  shown. 
NACA  nozzle  and  NFM  nozzle  data  are  also  shown.  Neither  nozzle  reaches  its 
full  potential,  the  NACA  nozzle  because  the  streams  are  mixed  outside  the 
nozzle  and  the  NFM  nozzle  because  some  internally  generated  noise  is  still 
radiated  out. 


FIGURE  7 


PEAK  NOISE  TEST  RESULTS 


The  reference  RC  nozzle  noise  spectrum  is  shown  at  its  peak  radiation  angle 
(140°)  compared  to  the  NACA  and  NFM  nozzles  at  their  peak  angles  (110°). 
The  high  frequency  noise  reduction  of  the  NACA  nozzle  is  limited  because 
the  mixing  takes  place  outside  the  nozzle.  The  NFM  nozzle,  with  the  longest 
treated  ejector,  shows  large  noise  reductions  at  all  frequencies. 


NFM,  NACA,  and  RC  Nozzle  Noise  Comparison 


FIGURE  8 


TEST  TECHNOLOGY 


| NOISE  SOURCE  LOCATION  TECHNIQUES 

t FLOW  PARAMETER  MEASUREMENT  TECHNIQUES 

t TECHNIQUES  FOR  CROSS-CORRELATION  OF  NOISE 
WITH  FLOW  PARAMETERS 

t FLOW  VISUALIZATION  TECHNIQUES 


FIGURE  9 
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NOZZLE  TEST  IN  LSAF 


A nozzle  test  in  progress  in  the  Low  Speed  Aeroacoustic  Facility  (LSAF)  wind  tunnel 
at  Boeing.  The  9’  X 12’  free  jet  nozzle  is  shown  as  well  as  microphone  locations. 

The  translating  elliptic  mirror  microphone  is  used  to  determine  the  noise  source 
location.  Far  field  noise  measurements  are  made  at  20  ft.  sideline  distance  with  fixed 
microphones  out  of  the  tunnel  flow  and  within  the  flow  with  translating  microphones 
at  4.7  ft. 


SCHLIEREN  PICTURES  OF  NACA  NOZZLE 


Flow  visualization  pictures  taken  by  Jack  Seiner  s group  from  NASA  Langley 
are  shown.  These  pictures  of  the  NACA  nozzle  test  show  the  effect  of 
translating  the  outer  shroud  length  on  shock  cell  strength.  As  the  shroud  was 
translated  the  expansion  ratio  (A/ A*)  was  changing. 


SCHLIEREN  RECORDS  FOR 
CONFIGURATIONS  2.3  AND  2.1 


(NPR=3.5,  M T =0.23,  TTPA=1000°F,  WBP  ON) 
CONFIG  2.3  CONFIG  2.1 


-1 .3" 


-2.0" 


FIGURE  11 
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CONCLUSIONS 


* AN  HSCT  WILL  REQUIRE  NOISE  CONTROL  OF  SEVERAL  NOISE  SOURCES,  )N  PARTICULAR  JET 
NOISE,  TO  GET  AIRPORT  COMMUNITY  ACCEPTANCE 


* ENGINE  EXHAUST  NOZZLE  TECHNOLOGY  DEVELOPMENT  IS  NEEDED  TO  ESTABLISH  THE 
PENALTIES  FOR  20  EPNDB  SUPPRESSION  SO  THAT  ENGINE  CYCLE  AND  AIRPLANE  TRADE 
STUDIES  CAN  BE  MADE 

* IMPROVEMENTS  IN  JET  NOISE  TEST  TECHNOLOGY  AND  PREDICTION  TECHNOLOGY  WOULD 
GREATLY  ENHANCE  THE  NOZZLE  DEVELOPMENT  EFFORT 
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SCOPE  OF  RESEARCH 


The  following  provides  a summary  for  research  being  conducted  by 
NASA/LaRC  and  its  contractors  and  grantees  to  develop  jet  engine  noise 
suppression  technology  under  the  NASA  High  Speed  Research  (HSR)  program 
for  the  High  Speed  Civil  Transport  (HSCT) . The  objective  of  this  effort 
is  to  explore  new  innovative  concepts  for  reducing  noise  to  Federally 
mandated  guidelines  with  minimum  compromise  on  engine  performance  both  in 
take-off  and  cruise.  The  research  program  is  divided  into  four  major 
technical  areas  as  outlined  below, 


OUTLINE 

A - JET  NOISE  RESEARCH  ON  ADVANCED  NOZZLES 

1 - LANGLEY  AXISYMMETRIC  MIXED  FLOW  NOZZLE 

2 - PRATT  & WHITNEY  2-D  HYPERMIX  NOZZLE  , 

3 - HIGH  TEMPERATURE  EJECTOR  LINERS 

4 - BOEING  NACA  NOZZLE 

5 - LANGLEY  FORWARD  FLIGHT  SIMULATOR 

6 - LDV  AND  WATER  COOLED  PROBE  DEVELOPMENTS 

B - PLUME  PREDICTION  AND  VALIDATION 

1 - EVALUATION  OF  RNS  TO  BASELINE  AXISYMMETRIC  JETS 

2 - AXISYMMETRIC  PLUG  VALIDATION  EXPERIMENT 

3 - EVALUATION  OF  COMPRESSIBLE  TURBULENCE  MODELS 

4 - SHOCK/VORTEX  INTERACTION  STUDY 

C - PASSIVE  AND  ACTIVE  CONTROL 

1 - NOZZLE  GEOMETRY  EFFECTS 

2 - MULTIPLE  JET  INTERACTIONS 

3 - CURVED  JET  MIXING 

4 - ACTIVE  CONTROL  OF  INITIAL  JET  SHEAR  LAYER 
D - METHODOLOGY  FOR  NOISE  PREDICTION 

1 - SUPERSONIC  INSTABILITY  WAVES 

2 - NON-LINEAR  WAVE  INTERACTIONS 

3 - COMPRESSIBLE  RAYLEIGH  EQUATION  DEVELOPMENT 

4 - PREDICTION  OF  NOISE  FOR  NON-ROUND  JET  GEOMETRY 

5 - LOW  REYNOLDS  NUMBER  RESEARCH 
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A1  - LANGLEY  AXISYMMETRIC  MIXED  FLOW  NOZZLE 


A dual  co-annular  stream  axi symmetric  nozzle  has  been  designed  (figure 
la)  and  fabricated  (figure  lb)  to  support  HSR.  The  model  was  designed 
with  removable  contour  parts  at  the  nozzle  exit  to  accommodate  a wide 
range  of  geometries  for  concept  investigations,  including  conversion  to 
single  stream  configurations.  These  removable  parts  are  fabricated  from 
Haynes  230  alloy,  which  along  with  water  cooling  of  the  non-removable 
stainless  steel  nozzle  duct,  permits  testing  the  model  to  2500°R. 
Depending  on  the  nozzle  geometry  selected,  the  mixed  flow  model  scale  size 
to  full  was  designed  to  be  between  eight  and  ten  to  one. 

The  Jet  Noise  Laboratory  (JNL)  at  Langley  can  supply  two  independently 
controlled  air  streams  (25  lbm./sec.  each)  to  power  the  mixed  flow  model. 
The  outer  stream  is  supplied  by  a Marquart  sudden  expansion  propane/air 
fueled  burner,  which  enables  testing  to  the  2500°R  temperature  limit  of 
the  model  at  a nozzle  pressure  ratio  of  10.5.  Air  supplied  to  the  propane 
burner  is  pre-heated  electrically  to  improve  combustor  stability.  The 
inner  stream  is  electrically  heated  (500  KW) , enabling  testing  to  1460°R 
with  2 lbm./sec.  air  to  a nozzle  pressure  ratio  of  10.5.  'Both  inner  and 
outer  flow  stream  air,  fuel,  electrical  heat,  and  water  system  are 
remotely  controlled  using  a distributive  process  system  controller. 

The  design  of  a two  dimensional  mixed  flow  nozzle  system,  like  that 
shown  in  figure  la,  is  currently  in  progress. 


SUPERSONIC  JET  NOISE  LABORATORY 

AXISYMETRIC  EXTERNAL  MIXING 
CLASS  II 


a - schematic  of  dual  stream  b - photograph  of  high  radius 

nozzle  design  concept.  ratio  mixed  flow  nozzle. 

Figure  1.  Langley  mixed  flow  axisymmetric  nozzle  with  removable  high 
temperature  alloy  nozzle  parts. 
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A2  - PRATT  & WHITNEY  2-D  HYPERMIX  NOZZLE 


A sharp  focus  schlieren  apparatus  with  imaging  radiometer  is  being 
developed  at  Langley  to  provide  flow  visualization  for  diagnostic 
evaluation  of  individual  mixer  elements  of  the  Pratt  & Whitney  2-D  mixer 
ejector  nozzle.  This  nozzle  is  scheduled  for  test  later  this  year  in  the 
NASA  Lewis  9 X 15  foot  wind  tunnel. 

As  shown  in  figure  2,  the  model  contains  four  mixer  lobes.  These  lobes 
were  designed  as  convergent -divergent  passages  to  minimize  shock  noise. 
High  temperature  air  (2000°R)  is  ducted  from  the  NASA/Lewis  hydrogen/air 
fueled  propulsion  model  through  these  mixer  lobes.  In  addition  to  the 
noise  reduction  produced  by  mass  flow  augmentation  by  the  ejector,  the 
model  additionally  reduces  noise  through  the  creation  of  large  scale  axial 
vorticity  on  the  nozzle  afterbody.  The  large  scale  vorticity  accelerates 
mixing  of  external  air  with  hot  flow  from  the  lobes,  thereby  reducing  flow 
velocity  and  noise. 

The  flow  visualization  experiments  will  enable  interpretation  of  noise 
reduction  to  the  flow  physics  inside  the  ejector.  Figure  3 provides  a 
schematic  for  the  sharp  focus  schlieren  apparatus  being  assembled  for  the 
NASA/Lewis  tunnel.  The  designed  of  this  apparatus  is  based  on  the  methods 
developed  by  Weinstein  (1991).  The  optical  axis  is  vertical.  The 
ejector's  flat  sidewalls  will  be  replaced  with  a set  having  optical 
viewports.  The  optical  glass  is  Infrasil  302,  which  transmits  in  the 
infra-red  to  3.2  microns.  This  glass  can  be  ground  to  achieve  schlieren 
quality.  A double  pulsed  ND-YAG  laser  with  35  mJ  output  in  the  green  (532 
nm)  is  the  light  source.  This  laser  can  be  fired  as  a single  shot  laser 
or  synchronized  externally  at  30  Hz.  to  a video  camera.  The  laser's  pulse 
duration  is  7 nsec,  thus  allowing  instantaneous  view  of  flow  features. 


Figure  2.  Pratt  & Whitney  2-D  mixer  ejector  nozzle  in  NASA/Lewis  9 X 15 
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A2  - APPLICATION  OF  SHARP  FOCUSED  SCHUEREN 


Flush  mounted  optical  windows  are  being  constructed  for  both  the  tunnel 
floor  and  ceiling.  The  20"  X 24"  crown  glass  floor  window  contains  the 
first  schlieren  grid  and  fresnel  lens.  The  ceiling  window  is  Infrasil 
302.  A f/3.6  lens  with  6"  clear  aperture  is  mounted  behind  the  ceiling 
window.  Based  on  the  fixed  distances  of  the  model  in  the  tunnel  and  the 
optical  aperture  through  the  model,  the  f/3.6  lens  was  selected  to  produce 
a sharp  focus  less  than  the  0.4  inch  mixer  lobe  thickness.  Flow  features 
beyond  1.25  inches  cannot  be  distinguished  with  this  apparatus.  This 
means  that  the  schlieren  apparatus  will  be  able  to  isolate  flow  details 
from  a single  mixer  lobe.  A rigid  support  mounted  to  the  tunnel  ceiling 
is  used  to  support  the  second  schlieren  grid,  image  plane  viewfinder,  70 
mm  film  and  video  camera. 

Radiometric  measurements  with  a dual  imaging  radiometer  will  be 
conducted  using  the  same  optical  access  ports.  The  radiometer  contains 
a narrow  band  filter  centered  at  2.6  microns  to  enable  imaging  of  water 
produced  as  a by-product  of  combustion  between  hydrogen  and  air.  Because 
the  radiometer's  depth  of  focus  exceeds  that  of  the  model  width,  it  will 
be  necessary  to  seed  a given  mixer  lobe  with  C02.  Since  C02  emits  at  4.2 
microns,  both  the  model  and  ceiling  windows  will  be  replaced  with  sapphire 
to  conduct  these  tests.  The  radiometer  is  equipped  with  a narrow  band 
filter  around  4.2  microns.  Using  this  method,  the  mixing  of  a single 
mixer  lobe  can  be  traced. 


f/3.6  6"  aperture  lens 


NASA  LEWIS  9 X 15  TEST  SECTION 
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Figure  3.  Schematic  of  sharp  focus  schlieren  apparatus  for  NASA/Lewis  test 
of  P & W nozzle. 
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A3  - HIGH  TEMPERATURE  EJECTOR  UNERS 


Application  of  acoustic  treatment  to  mixer  ejector  walls  has  been 
proposed  as  a method  to  achieve  additional  noise  reduction.  Both  P & W, 
GEAE,  and  Boeing  have  used  ejector  liners  in  previous  suppressor  nozzle 
studies,  achieving  varying  degrees  of  success.  These  liners  have 
typically  been  fabricated  using  a bulk  absorber  with  perforated  face 
sheet.  Little  is  known  about  the  effectiveness  of  such  a concept  in  the 
presence  of  distributed  broadband  sources,  whose  locations  and  frequencies 
depend  on  the  mixer  suppressor  geometry.  Temperature  gradients  and  high 
speed  grazing  flow  with  shocks  provide  a formidable  challenge  to  existing 
liner  technology. 

NASA  Langley  has  begun  an  investigation  of  acoustic  liners  for  the  HSCT. 
The  study  will  use  the  JNL  to  study  candidate  materials  in  the  presence 
of  high  speed  and  high  temperature  grazing  flows.  In  parallel  efforts  to 
this  effort,  T.L.  Parrott,  of  the  Langley  Applied  Acoustics  Branch,  will 
develop  candidate  materials  for  these  studies  using  a flow  impedance  tube, 
and  Gary  Settles  of  Penn  State  Univ.  will  evaluate  the  aerodynamic 
performance  of  these  candidate  materials. 

The  JNL  studies  will  initially  begin  by  using  a small  2-D  C-D  1460°R  Mach 
2 rectangular  nozzle  with  ejector,  as  shown  in  figure  4a.  The  sidewalls 
of  the  ejector  are  adjustable.  The  construction  of  this  model  is 
complete.  The  aspect  ratio  of  the  nozzle  is  7.2  to  simulate  two 
dimensional  wave  emission.  The  sidewalls  of  the  ejector  contain  optical 
viewports  to  permit  flow  visualization.  For  large  plume/wall  separations, 
it  is  possible  to  identify  the  emitted  Mach  wave  angle  to  the  impedance 
boundary,  provided  no  acoustic  interaction  occurs  between  the  plume  and 
duct  modes.  This  is  illustrated  in  figure  4b,  which  provides  indication 
that  in-situ  measurements  of  material  impedance  will  also  be  determined. 
For  small  plume/wall  separations  the  aerodynamic  boundary  layer  over  the 
liner  face  sheet  can  be  visualized.  Both  aerodynamic  flow  measurements 
and  far  field  acoustic  measurements  (ejector  treated  on  four  walls)  will 
be  conducted  to  support  this  research. 


a - model  hardware 


b - experimental  setup 


Figure  4.  Initial  JNL  study  of  acoustic  liners  for  HSCT  ejectors. 
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A3  - HIGH  TEMPERATURE  EJECTOR  UNERS 


The  upper  and  lower  walls  of  the  ejector  will  be  lined  with  various 
length  and  depth  candidate  materials  being  developed  in  the  Flow  Impedance 
Tube  Laboratory  (FITL) . Early  concepts  to  be  studied  in  the  JNL  include 
investigation  of  ceramic  honeycomb  material  with  small  diameter  cells, 
whose  absorption  is  dominated  by  viscous  dissipation.  Such  materials  are 
aerodynamical ly  smooth  and  do  not  require  a face  sheet.  Such  smoothness 
does,  however,  bring  into  question  liner  absorption  capabilities  at  high 
angles  of  grazing  incidence.  To  achieve  broadband  absorption 
characteristics  using  ceramic  honeycomb,  both  stepped  and  variable  depth 
liners  will  be  investigated.  A broadband  liner  material,  Permablique 
(figure  5),  will  also  be  investigated.  In  addition  to  the  ceramic 
honeycomb,  bulk  liners  using  Kevlar  with  perforated  face  sheets  will  be 
investigated  to  provide  comparison  to  industry  experience. 


In  the  JNL,  in-situ  measurements  of  impedance  will  be  conducted  using 
water  cooled  pressure  transducers.  This  technology  has  been  successfully 
developed  to  enable  measurement  of  dynamic  pressure  in  high  temperature 
environments,  as  indicated  in  figure  6.  To  apply  this  technology  to  the 
liner  program  will,  however,  require  an  investigation  of  the  phase 
characteristics  of  piezorestive  transducers.  Similar  measurements  will 
be  performed  in  FITL,  with  eventual  development  of  a theoretical  model  to 
describe  absorption  behavior. 


Vace  she  et 


Fikermctai 

dl33<o*i3\  r 

\ CVti^Vi  1pe  sts  fenced 


5o\vct  bactcmq  sheet 


Figure  5.  Permablique,  a locally  reacting  acoustic  liner  with  spatially 
dependent  frequency  tuning. 


Water-cooled  dynamic 
pressure  transducer 


Water-cooled  transducer 
technology: 

9 Permits  testing  to  jet  total 
temperatures  - 1700°  R 

• Current  tests  to  1200°  R 

• Applicable  to  full-scale 
testing 


Figure  6.  Water  cooled  piezorestive  transducer  for  high  temperature  flow. 
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A4  - BOEING  NACA  NOZZLE 


In  a joint  effort  with  Boeing,  a flow  visualization  investigation  of  the 
Boeing  NACA  nozzle  series  was  conducted  in  their  LSAF  by  the  Langley  JNL 
staff.  The  objective  of  the  Langley  effort  was  to  assist  Boeing  with 
analysis  of  the  aeroacoustic  data,  primarily  through  acquisition  of 
flowfield  data.  For  these  tests  both  a conventional  schlieren  system  and 
imaging  radiometer  were  used  for  flow  visualization.  Figure  7a  shows  the 
NACA  nozzle  mounted  in  the  Boeing  LSAF.  Both  the  imaging  radiometer  and 
linear  array  are  visible  in  this  figure. 

The  naturally  aspirated  coannular  (NACA)  nozzle  of  Boeing  is  shown 
schematically  in  figure  7b.  Supersonic  hot  exhaust  air  from  the  turbine 
is  ducted  to  the  outside  duct  of  the  nozzle.  The  outer  stream  shroud 
could  translate,  thus  providing  an  outer  stream  with  adjustable  area 
ratio.  Subsonic  secondary  air  is  entrained  through  the  ejector  and  ducted 
to  the  inner  stream.  The  secondary  air  is  augmented  by  air  bypassed  from 
the  turbine  stage,  since  an  HSCT  engine  should  have  margin  at  take-off. 
The  secondary  air  stream  is  unheated  and  subsonic.  Acoustically,  the 
scaled  NACA  nozzle  achieved  between  9 and  10  EPNdB  of  suppression  with 
little  performance  penalty. 

The  conventional  schlieren  apparatus  utilized  a 100  nsec  10  kHz  spark 
source  with  capability  of  being  fired  externally  to  obtain  conditionally 
sampled  data.  A video  camera  was  used  to  record  data  and  post  processed 
using  image  analysis  software.  The  most  difficult  part  of  the  set-up 
involved  folding  the  optical  axis  with  a mirror  located  in  the  upper  left 
hand  corner  of  the  forward  flight  nozzle.  This  requirement  arises  in  LSAF 
due  to  the  proximity  of  the  nozzle  and  forward  flight  nozzle  to  a wall. 


Figure  7.  Boeing  NACA  nozzle  flow  visualization  study. 


A4  ■ NACA  NOZZLE  SCHUEREN  DATA 


With  the  schlieren  data,  it  was  possible  to  determine  the  optimum 
location  for  shock  free  flow.  This  was  determined  to  occur  at  the 
translating  shroud  position  Ls  = -0.5".  The  optimum  shroud  location  was 
found  to  be  dependent  on  forward  flight  Mach  number  and  turbine  bypass 
flow.  Example  schlieren  results  obtained  with  NACA  2.3  are  shown  in 
figure  8.  As  can  be  observed,  in  addition  to  changes  in  shock  structure, 
the  shear  layer  spread  rate  is  very  dependent  on  operational  parameters 
of  the  nozzle. 


(Mj  = 0.23,  TTPA  = 1460°R,  LS  = -0.5") 

NPR  = 3.50  NPR  = 4.35 


(NPR  = 3.5,  TTPA  = 1460°R,  WBP  OFF) 

M,  = 0.0  Mt  = 0.23 


Figure  8.  Schlieren  data  from  NACA  nozzle  study. 
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The  imaging  radiometer  used  in  this  study  proved  valuable  in  providing 
information  on  the  flow  uniformity  of  the  model  and  post  merged  regions 
of  the  flow.  The  radiometer  was  capable  of  simultaneously  imaging 
radiation  between  8 and  12  microns  through  one  channel,  and  4.2  microns 
through  a second  channel  with  narrow  band  filter.  The  long  wavelength 
channel  is  used  to  image  metallics  associated  with  the  nozzle,  while  the 
short  wavelength  is  used  to  image  C02,  a by-product  of  the  propane  air 
combustion.  Figure  9 shows  the  degree  of  flow  non-uniformity  (later 
traced  to  unsymmetric  flow  in  combustor)  and  the  enhanced  mixing  produced 
by  application  of  the  turbine  bypass  flow.  These  results,  which  represent 
an  average  of  100  consecutive  frames,  were  obtained  for  NPR  = 3.5,  TTPA 
= 1460°R,  and  LS  = -0.5". 
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Figure  9*  NACA  nozzle  dual  wavelength  band  radiometric  results 
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AS  - LANGLEY  FORWARD  FLIGHT  SIMULATOR 


A forward  flight  simulator  with  propulsion  model  is  currently  being 
designed  on  a FY-92  CoF  for  installation  in  the  NASA/LaRC  Jet  Noise 
Laboratory.  The  simulator  and  propulsion  model  will  complete  all  facility 
requirements  necessary  for  HSCT  research  in  the  take-off  mode.  Figure  10 
provides  a schematic  of  the  proposed  forward  flight  system  and  propulsion 
model . 

The  tunnel  is  powered  by  a 10  ft.  diameter  two  stage  axial  flow  fan  that 
is  driven  by  a variable  speed  drive  with  a 4000  HP  motor.  The  fan  is 
capable  of  pulling  50"  H20  at  420,000  CFM.  With  a 4 X 5 foot  nozzle  exit, 
this  corresponds  to  a forward  flight  simulation  velocity  of  350  ft. /sec. 
The  area  contraction  ratio  of  the  nozzle  is  11.25.  The  nozzle  inlet  duct 
entrance  is  equipped  with  a honeycomb  flow  straighter  and  six  continuously 
woven  wire  mesh  screens.  The  anechoic  test  section  is  36  X 18  X 18  ft., 
wedge  tip  to  wedge  tip.  The  first  diffuser  utilizes  a 2.5  degree  half 
angle  with  a 5 X 5 ft.  throat.  A collector  is  used  to  help  recovery  of 
the  free  jet  static  pressure.  A second  diffuser,  of  3°  half  angle,  is 
used  to  slow  the  flow  for  the  final  duct  silencer. 


The  propulsion  model  will  have  similar  features  to  existing  JNL  nozzle 
hardware,  allowing  existing  nozzle  parts  to  be  utilized.  The  model  will 
house  a burner  capable  of  heating  10  lbm./sec  of  air  to  2460°R.  The 
primary  mode  of  combustion  will  be  propane/air,  with  capability  of 
operating  from  a hydrogen/air  supply,  A single  component  balance  will  be 
installed  for  rudimentary  performance  assessments. 
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Figure  10.  NASA/LaRC  Jet  Noise  Laboratory  Forward  Flight  Simulator. 
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A6  - JNL  LASER  VELOCIMETER  SYSTEM 

The  JNL  laser  Doppler  velocimeter  is  capable  of  measuring  2 velocity- 
components  . A schematic  of  the  system  is  shown  in  figure  11a.  The  system 
is  based  on  a fiber  optic  LDV  probe  which  allows  the  15  watt  argon-ion 
laser  to  be  located  remotely  (25  meters)  from  the  test  chamber  so  that 
it  is  not  subject  to  high  intense  noise  fields.  Figure  lib  shows  the  now 
obsolete  single  axis  fiber  optic  system  mounted  in  the  test  chamber.  The 
probe's  nominal  dimensions  of  3"  diameter  by  18"  long,  make  the  probe 
easily  mountable  on  the  Laboratory's  3 axis  digital  probe  traverse 
mechanism.  At  the  laser  end  of  the  probe,  there  are  four  fiber  ends  for 
laser  beam  transmission  to  the  jet  test  cell.  Two  transmit  514.5  nm  and 
two  transmit  488.0  nm.  The  optical  components  at  the  laser  site  allow  for 
color  separation,  beam  splitting,  and  frequency  shifting  before 
transmission  through  the  optical  fibers.  In  the  test  chamber,  a lens  is 
mounted  with  a focal  length  of  600  mm. , which  will  produce  a minimum  of 
20  good  fringes.  The  light  scattered  by  seed  particles  entering  the  probe 
volume  are  collected  in  the  off-axis  backscatter  mode.  Six  inch  di'ameter 
collection  optics  are  mounted  on  a movable  platform  that  allows  the 
backscatter  angle  to  be  optimized  for  maximum  signal  strength . Off-axis 
backscatter  is  generally  superior  for  collecting  light  from  small  seed 
particles.  The  seed  particles  used  in  the  JNL  for  hot  flows  are  alumina 
powders  with  nominal  particle  size  of  0.3  microns.  Particles  are  injected 
into  the  air  supply  line  with  a fluidized  bed  seeder  operated  from  the 
control  room. 


a - schematic  of  JNL  2 -color  LDV  b - single  component  LDV  in  JNTC 

Figure  11.  Description  of  JNL  laser  velocimetry  system. 
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A6  - JNL  WATER  COOLED  PROBE  DEVELOPMENTS 


Three  types  of  water  cooled  supersonic  probes  were  developed  and  tested 
to  study  high  temperature  jet  plumes.  The  probe  types  include  total 
temperature  and  total  and  static  pressure.  All  probes  were  designed  with 
a diameter  of  4.76  mm  and  a wall  thickness  of  0.38  mm.  An  annular  coolant 
system  was  utilized  for  all  three  designs,  and  proved  satisfactory  to 
temperatures  of  2460°R  in  Mach  2 flow.  A three  dimensional  cut-away  view 
of  the  static  pressure  probe  is  shown  in  figure  12.  A single  center  tube, 
proceeding  up  to  the  backside  of  the  tip,  provides  coolant  water  to  the 
probe.  The  water  sprays  the  back  of  the  tip,  and  symmetrically  immerses 
the  region  between  the  inlet  water  tube  and  inner  wall  of  the  probe  as  it 
proceeds  to  the  probe  aft . Four  tubes  inside  the  probe  serve  to  read  the 
average  static  pressure.  The  shape  of  the  exterior  probe  geometry  matches 
that  previously  used  with  uncooled  probes  in  the  JNL.  The  total  pressure 
probe,  not  shown,  is  designed  by  similar  methods.  The  total  temperature 
probe  incorporated  the  annular  cooling  up  to  a region  near  the 
thermocouple  bead  as  shown  in  f igure  13  . The  thermocouple  bead  is  located 
in  a blackbody  cavity  and  samples  high  temperature  air,  whose  velocity  is 
controlled  by  the  probe  inlet  and  exit  ports.  The  area  ratio  of  inlet  to 
exit  ports  are  selected  to  produce  subsonic  flow  over  the  thermocouple 
bead.  A portion  of  the  thermocouple  sheath  forms  a liquid  tight  seal 
between  the  test  and  coolant  chambers. 


Figure  12.  Illustrated  cut-away  view  of  cooled  static  pressure  probe. 


ilinlet  water  tube 
fpl^iivMer  tube)  : 


Figure  13.  Cut-away  view  of  cooled  total  temperature  probe  tip. 


A6  - JNL  WATER  COOLED  PROBE  DEVELOPMENTS 


The  data  obtained  from  the  total  and  static  pressure  probes  were  found 
satisfactory  to  temperatures  of  2460°R  in  Mach  2 flow.  The  data  from  the 
water  cooled  temperature  probe,  however,  was  affected  by  the  water 
coolant.  This  required  the  development  of  a phenomenological  model  for 
heat  transfer  to  the  thermocouple  bead  to  account  for  heat  transferred  to 
the  coolant.  The  rate  of  heat  transfer  to  the  TC  junction  was  found,  for 
example,  significantly  higher  with  water  coolant  activated. 

The  heat  transfer  analysis  developed  a relationship  between  the 
indicated  probe  bead  temperature  and  freestream  flow  total  temperature. 
This  analysis  solves  a heat  balance  equation  involving  radiative, 
convective  and  conductive  modes  at  the  TC  junction.  The  accuracy  of  this 
relationship  is  shown  in  figure  14,  which  compares  indicated  and  corrected 
bead  temperatures.  The  indicated  bead  temperature  is  represented  by  the 
triangular  and  circular  points.  The  circular  points  represent  data 
obtained  at  jet  plume  locations  with  known  local  total  temperature, 
whereas  the  triangular  points  represent  data  at  unknown  J.ocal  jet  total 
temperatures.  Comparison  of  the  circular  and  triangular  data  points  shows 
the  degree  of  departure  from  ideal  response.  The  three  known  data  points 
were  used  to  obtain  coefficients  for  the  heat  transfer  analysis. 
Application  of  the  model  analysis,  produces  corrected  temperatures  that 
appear  to  be  in  satisfactory  agreement  to  the  known  jet  total  temperature. 
This  is  indicated  by  the  square  data  points. 


Figure  14.  Calculated  total  temperature  compared  to  indicated  bead 
temperature  for  variuos  jet  centerline  temperatures. 
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Bl  - EVALUATION  OF  RNS  TO  BASELINE  AXISYMMETRIC  JETS 


Numerical  prediction  of  jet  plume  structure  provides  support  for 
theoretical  and  empirical  based  jet  noise  prediction  methods.  For 
extremely  complex  nozzle  geometry,  like  that  of  an  HSCT  suppressor  nozzle, 
CFD  prediction  of  flow  structure  is  essential.  Prior  application  of  the 
PNS  code  SCIPVIS  to  a Mach  2 underexpanded  axisymmetric  jet  provided 
satisfactory  agreement  to  measured  data  as  shown  in  the  plume  static 
pressure  variations  of  figure  10.  In  this  example,  SCIPVIS  is  using  the 
kW  two  equation  turbulence  model.  These  results  are  encouraging,  however, 
several  important  deficiencies  exist  in  applying  PNS  to  more  complex  jet 
flows . 

The  PNS  cannot  handle  non-uniform  subsonic  external  flow,  large  Mach 
discs,  multiple  jets,  or  large  scale  3D  vortical  behavior.  All  these  are 
important  in  application  to  HSCT.  Even  for  the  simple  axisymmetric  jet, 
it  is  remarkable  that  the  PNS  could  achieve  such  good  success,  since  it 
neglects  all  streamwise  stress/diffusive  terms.  In  a recent  study,  SAIC 
finds  that  neglect  of  the  streamwise  terms  actually  produce  errors  that 
are  compensated  by  those  introduced  by  the  simplified  treatment  of  the 
subsonic  portion  of  the  shear  layer.  Their  results  show  that  pressure 
variations  in  the  subsonic  layer,  which  are  produced  by  shock/shear  layer 
interactions,  influence  the  upstream  development  of  the  flow. 


HACH  2 AT 


Figure  15.  PNS  prediction  of  Mach  2 underexpanded  jet  with  kW  model. 
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B1  - EVALUATION  OF  RNS  TO  BASELINE  AXISYMMETRIC  JETS 


In  the  SAIC  investigation  of  the  Mach  2 underexpanded  ax i symmetric  jet, 
two  RNS  (Reynolds  Averaged  Navier-Stokes)  codes,  PARCH  and  CRAFT,  were 
studied  using  the  ke  turbulence  model.  The  SCIPVIS  code  with  ke  was  used 
as  a benchmark.  The  PARCH  code  uses  an  implicit  central-differencing 
Beam-Warming  algorithm  to  solve  the  full  Navier-Stokes  equations.  The 
PARCH  code  contains  blocking  and  complex  griding  schemes  that  make  it 
attractive  for  use  with  complex  nozzle  geometry.  The  CRAFT  code  is  finite 
volume  with  upwind  numerics.  Figure  11  shows  a comparison  between  all 
three  codes  in  their  prediction  of  the  jet  static  pressure  and  total 
enthalpy  along  the  centerline  of  the  Mach  2 underexpanded  jet  plume.  As 
can  be  observed,  even  though  both  RNS  and  PNS  exhibit  the  same  rate  of 
mixing,  substantial  differences  exist  between  the  codes  with  regard  to 
wave  attenuation  beyond  the  second  shock  cell.  The  CRAFT  code  produces 
less  wave  attenuation  than  PARCH,  but  both  RNS  codes  show  significant  wave 
attenuation  relative  to  PNS. 


Figure  16.  Comparison  of  PNS  and  RNS  prediction  of  Mach  2 jet. 
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B1  - EVALUATION  OF  RNS  TO  BASELINE  AXISYMMETRIC  JETS 


In  an  attempt  to  understand  the  mechanism  for  wave  damping,  SAIC  first 
compared  the  performance  of  all  three  codes  using  laminar  calculations 
with  thin  shear  layer.  The  results  showed  that  all  three  codes  predicted 
the  same  overall  shock  structure,  the  CRAFT  code  showing  the  smallest 
level  of  numerical  dissipation.  As  a final  step,  numerical  calculations 
were  made  using  the  PARCH  code  with  the  full  stress  tensor  retained  and 
with  the  streamwise  viscous/diffusive  terms  dropped.  As  can  be  observed 
in  figure  12,  this  has  a profound  influence  on  wave  damping.  Retention 
of  the  full  stress  tensor  leads  to  significant  damping  of  the  wave 
structure  beyond  the  third  shock  cell.  This  suggests  that  the  turbulence 
model  used  in  the  calculation  is  critical  to  achieving  a satisfactory 
prediction  for  plume  shock  structure.  Thus  at  this  point  more  research 
is  required  on  these  3D  RNS  codes  before  they  can  be  reliably  used  to 
assist  in  a shock  noise  calculation. 


PARCH 

FULL  STRESS 

PARS.  STRESS 


x/ry 


Figure  17.  Effect  of  streamwise  viscous/diffusive  terms  on  wave  damping. 
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B2  - AXISYMMETRIC  PLUG  VALIDATION  EXPERIMENT 


The  axisymmetric  plug  nozzle  represents  a good  candidate  for  validation 
of  CFD  for  HSCT  applications.  The  internal  boundary  and  large  wall 
curvature  are  all  features  that  can  be  associated  with  a complex 
suppressor  nozzle  configuration.  The  nozzle  design  area  ratio  is 
equivalent  to  Mach  1 . 5 at  2060°R,  For  the  present  numerical /experimental 
program  a plug  half  angle  of  15°  is  initially  being  considered.  The  plug 
contains  ventilation  for  boundary  layer  control  to  prevent  separation  and 
for  shock  management.  The  geometry  of  the  wall  ports  are  selected  to 
minimize  noise.  The  degree  of  ventilation  can  be  controlled.  Figure  11 
illustrates  the  nozzle  geometry.  A removable  hatch  is  used  to  enable 
installation  of  various  plug  surface  measuring  devices.  The  plug  is  being 
manufactured  to  include  an  non-instrumented  and  non-ventilated  plugs.  The 
measurement  methodologies  to  be  utilized  are  as  follows: 

Plug  Body  PLUME  ACOUSTICS 

STATIC  WALL  PRESSURES  TOTAL  & STATIC  PRESSURE  FAR  FIELD  LINEAR  ARRAY 

DYNAMIC  WALL  PRESSURE  MEAN  VELOCITY  (LDV)  NEAR  FIELD  CONTOURS 

SURFACE  TEMPERATURE  REYNOLDS  STRESS  (LDV)  SOURCE  LOCATION 

HEAT  TRANSFER  MEAS.  TOTAL  TEMPERATURE  CONTOURS 

WALL  SHEAR  STRESS  STATIC  TEMPERATURE  MEAS. 

PLUG  VENTILATION  FLOW  VISUALIZATION 

AXISYMMETRIC  NOZZLE  WITH  15°  PLUG 

DESIGN  POINT: 

MACH  = 1.5 
To  = 2060" R 


Figure  18 . Single  stream  axisymmetric  plug  flow  nozzle  for  validation 
experiment . 
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B2  - AXISYMMETRIC  PLUG  PARCH  CODE  RESULTS 


Initial  calculations  have  been  performed  at  SAIC  using  PARCH  for  the 
axisymmetric  plug  nozzle  geometry  described  above.  In  a parallel  effort, 
Nick  Georgiadis  of  NASA  Lewis  has  applied  the  PARC  code  using  the  same 
nozzle  geometry.  For  the  work  at  SAIC,  a full  Navier-Stokes  analysis  is 
applied  to  determine  slip  wall  versus  no  slip  wall  behavior.  The  flow 
calculation  begins  internal  to  the  nozzle,  where  a 91  X 71  adaptive  grid 
is  used  to  compute  internal  flow.  The  Chien  low  Reynolds  number  ke 
turbulence  model  is  used  to  enable  calculation  into  the  wall  region.  The 
PARCH  code  predicts  transition  to  occur  inside  the  nozzle  duct.  The  plug 
jet  adaptive  grid  consisted  of  a 201  streamwise  by  101  crossstream  mesh. 
The  analysis  assumes  an  adiabatic  wall.  In  the  experimental  model,  heat 
flux  measurements  will  be  conducted  using  specially  designed  calorimeters 
to  aid  the  numerical  analysis. 


BLOW-UP  - NOZZLE  GRID  (91  x 71) 


Figure  19.  Parch  code  adaptive  grid  for  axisymmetric  plug  nozzle. 
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B2  - AXISYMMETRIC  PLUG  PARCH  CODE  RESULTS 


Figure  15a  compares  static  pressure  results  between  the  slip  and  non- 
slip wall.  As  can  be  observed  significant  attenuation  of  shock/wave 
structure  occurs  due  to  interaction  with  the  turbulent  plug  boundary 
layer.  The  numerical  simulation  involves  operation  of  the  nozzle  at  its 
design  pressure  and  temperature  ratios.  On  exiting  the  nozzle,  both  the 
slip  and  non-slip  solutions  accelerate  the  flow  beyond  the  nozzle  design 
point.  The  nozzle  exit  is  located  at  X = 5.8733".  Both  the  inviscid  and 
viscous  wall  solutions  achieve  a maximum  stream  Mach  number  of  1.9  at  the 
nozzle  exit.  The  inviscid  wall  solution  indicates  that  in  order  to  turn 
the  flow  at  the  plug  tip,  a shock  is  generated.  Figure  15b  shows 
corresponding  Mach  number  contours  associated  with  the  viscous  wall 
solution.  As  can  be  seen  supersonic  flow  extends  to  a region  near  X = 36. 


CLASS  I SINGLE  FLOW  JET 
PRESSURE  ALONG  PLUG  SURFACE 


X 

a - comparison  of  plug  wall  and  centerline  static  pressures  for  slip  and 
non-slip  solutions. 

CLASS  I VISCOUS  SINGLE  FLOW  JET 
MACH  NUMBER  CONTOURS 
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b - predicted  Mach  number  contours . 

Figure  20.  PARCH  code  analysis  of  axisymmetric  plug  nozzle  flow. 
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B3  - EVALUATION  OF  COMPRESSIBLE  TURBULENCE  MODELS 

As  described  in  section  Bl,  accurate  numerical  prediction  of  supersonic 
shock  containing  flows  is  dependent  upon  the  turbulence  model  installed 
in  the  code.  Recently  Sarkar  (1990)  has  developed  a new  compressible 
turbulence  model  that  shows  an  increase  in  the  compressible  turbulent 
dissipation,  eij'  that  would  lead  to  a decreased  growth  rate  with  Mach 
number.  From  his  results  one  sees  that  ei;j  only  depends  on  Mach  number, 

V|Pes(1  + a1Mt2)8ij 

pes(Solenoidal  Dissipation)  = p:  (coj  j 

A preliminary  experiment  was  conducted  in  the  NASA/LaRC  JNL  to  examine  the 
prediction.  Using  schlieren  optical  data,  LDV  and  pitot  tube 
measurements,  the  spread  rate  in  the  initial  shear  layer  was  measured. 
The  results  are  shown  in  Figure  21.  Except  for  the  data  at  305  K,  the 
results  are  consistent  with  the  Sarkar  model.  Future'  studies  will 
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Figure  21.  Examination  of  new  compressible  turbulent  model. 


investigate  other  Mach  numbers. 
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Cl  - NOZZLE  GEOMETRY  EFFECTS,  CENTERLINE  VELOCITY 


For  a shock-free  supersonic  jet,  the  amplitude  of  the  emitted  noise  is 
a high  power  of  the  jet  exit  velocity.  Therefore,  any  technique  which 
rapidly  reduces  the  plume  speed  without  generating  any  additional  noise 
will  exhibit  an  acoustic  benefit.  Although  round  nozzle  designs  typically 
are  used  for  turbine  engines,  a viable  passive  control  of  noise  may  be  the 
use  of  asymmetric  nozzles  which  promote  rapid  mixing  thus  lowering  plume 
velocities  and  the  associated  noise.  Possible  geometries  whould  be  those 
which  can  be  designed  shock- free  to  eliminate  the  presence  of  shock- 
associated  noise. 

An  elliptic  nozzle  design  method  which  produces  a shock-free  flow  was 
developed  by  Seiner,  Baty,  and  Kumar  at  the  NASA-Langley  Research  Center. 
Two  nozzles  were  constructed:  Mach  2 of  aspect  ratio  3 and  Mach  1.5  of 
aspect  ratio  2.  A comparison  of  the  centerline  velocity  distribution  is 
presented  in  figure  22  between  the  elliptic  and  shock-free  axisymmetric 
nozzles.  The  axial  dimension  is  normalized  by  the  equivalent  diameter  of 
the  nozzle.  As  is  evident  in  the  figure,  the  centerline  velocity  of  the 
elliptic  nozzles  decays  more  rapidly  than  that  of  the  round  nozzles.  One 
may  expect  a noise  reduction  through  the  use  of  this  type  of  geometry. 


The  Effect  of  Elliptic  Geometry  on  :ne  The  Effect  of  Elliptic  Geometry  on  ‘he 

Centerline  Velocity  of  o Mach  - 5 ^et  Centerline  Velocity  of  a Mach  2 Jet 


<2/Dea 


a - Mach  1.5  Jet  b - Mach  2.0  Jet 

Figure  22.  The  effect  of  elliptic  geometry  on  the  centerline  velocity 
distribution . 
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Cl  - NOZZLE  GEOMETRY  EFFECTS,  MOMENTUM  THICKNESS 


The  momentum  thickness  has  been  used  as  a length  scale  of  the  initial 
turbulent  shear  layer  (Ho,  1987)  . The  initial  azimuthal  distribution  of 
the  momentum  thickness  controls  the  initial  roll-up  of  shed  vorticity 
while  the  axial  distribution  provides  an  indicator  of  the  distortion  of 
the  jet  column  with  downstream  distance  (Baty,  1990)  , The  observed 
centerline  velocity  decay  due  to  the  elliptic  geometry  can  be  related  to 
the  asymmetric  distortion  of  the  major  and  minor  axes  momentum  thickness. 
This  distortion  leads  to  enhanced  mixing  with  the  surrounding  medium. 

Figure  23a  presents  the  axial  momentum  thickness  distribution  for  the 
Mach  1.5  elliptic  nozzle  along  both  major  and  minor  axes.  Within  the 
potential  core  (X/Deq  < 5)  , the  momentum  thickness  is  essentially 
independent  of  major  or  minor  axes  and  grows  linearly,  similar  to  a round 
jet.  This  indicates  little  azimuthal  variation  in  the  scales  of  initially 
shed  vorticity.  However,  beginning  approximately  at  the  end  of  the 
potential  core,  the  jet  undergoes  a large  three  dimensional  distortion. 
The  behavior  of  the  Mach  2 elliptic  nozzle  is  different  as  seen  in  figure 
23b.  The  major  axis  momentum  thickness  increases  at  a greater  rate  with 
axial  distance  than  does  the  minor  axis  momentum  thickness.  This  is  in 
contrast  to  the  behavior  of  the  Mach  1.5  elliptic  nozzle.  It  is  not  known 
if  this  is  related  to  the  increased  nozzle  design  Mach  number  or  its 
increased  aspect  ratio.  The  minor  axis  momentum  thickness  of  the  round 
and  elliptic  jets  are  equal  in  the  potential  core  region.  Beyond  the  core 
region  even  the  minor  axis  momentum  thickness  increases  faster  than  the 
round  nozzle. 


.MOMENTUM  "H)CKNE5S  COMPARISON 


Momentum  thickness  growth 


a - Mach  1 . 5 Jet 


b - Mach  2 . 0 Jet 


Figure  23.  The  axial  momentum  thickness  distributions 
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Cl  - NOZZLE  GEOMETRY  EFFECTS,  SPECTRAL  COMPARISON 


The  differences  in  the  major  and  minor  axes  momentum  thickness 
measurements  for  the  Mach  1.5  elliptic  nozzle  would  indicate  the  existence 
of  a complex  three-dimensional  flow  structure.  This  type  of  flow  should 
have  equally  complex  stability  properties  which  would  be  manifest  in  the 
acoustic  emission. 

Figure  24  is  a spectral  comparison  between  the  acoustic  radiation  of  two 
azimuthal  angles  of  the  Mach  1.5  elliptic  nozzle  operating  at  a total 
temperature  of  1160  R.  Also  included  is  a spectrum  of  the  Mach  1.5  round 
nozzle  corrected  to  the  thrust  of  the  elliptic  nozzle.  <{>  = 0 degrees  is 
in  a plane  which  contains  the  minor  axis  and  the  jet  axis;  <|)  = 90  degrees 
represents  a plane  containing  the  major  axis  and  jet  axis.  The  \j/  angle 
is  referenced  to  the  nozzle  inlet  axis  and  a value  of  128  degrees  is  the 
approximate  direction  of  maximum  overall  acoustic  emission.  The  data  were 
acquired  at  approximately  127  equivalent  diameters  from  the  nozzle  exit. 

As  is  evident  in  the  figure,  a strong  dependency  exists  between  the 
spectral  partitioning  of  acoustic  energy  and  the  nozzle  geometry.  Also, 
the  acoustic  field  of  the  elliptic  nozzle  is  azimuthally  varying  similar 
to  the  momentum  thickness  distribution.  The  overall  sound  pressure  level 
of  the  round  nozzle  is  1 dB  greater  than  the  elliptic  at  y = 0 degrees  and 
4 dB  greater  than  the  elliptic  at  y = 90  degrees.  Thus,  geometry  alone 
can  yield  acoustic  amplitude  benefits  and  possibly  be  used  in  the  spectral 
redistribution  of  energy. 


Figure  24 . 
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Spectral  comparison  of  the  acoustic  emission  from  round  and 
elliptic  nozzle  geometries. 


Cl  - NOZZLE  GEOMETRY  EFFECTS,  PERCEIVED  NOISE  LEVEL 


Due  to  the  spectral  differences  created  by  nozzle  geometry  variations, 
the  frequency-weighted  perceived  noise  level  would  provide  an  important 
comparative  metric  for  full  scale  applications.  Acoustic  data  were 
acquired  via  a linear  array  for  not  only  the  Mach  1.5  round  and  elliptic 
geometries  but  also  for  an  augmented  deflecting  exhaust  nozzle  (ADEN) . 
The  ADEN  is  a rectangular  nozzle  with  parallel  sidewalls  and  convergent- 
divergent  flaps  that  differ  in  length  in  the  nozzle  exit  plane.  The  data 
were  scaled  to  50000  lb  of  thrust  at  a sideline  distance  of  1476  feet  and 
were  propagated  through  a standard  atmosphere  using  appropriate  spectral 
corrections.  These  full  scale  conditions  are  representative  of  the 
requirements  of  the  proposed  high  speed  civil  transport . <J)  is  referenced 
as  previously  for  the  elliptic  nozzle  and  for  the  ADEN  <J)  = 0 degrees 
contains  the  nozzle's  convergent -divergent  plane. 

Figure  25a  indicates  that  for  <jj  = 0 degrees,  the  elliptic  geometry 
provides  an  acoustic  reduction  at  the  low  xj/  angles  presented.  The  ADEN 
is  not  a three-dimensional  contoured  nozzle  design  and  thus  should 'contain 
shock  noise  which  would  increase  the  lower  \j/  angle  amplitudes.  Figure  25b 
shows  an  acoustic  reduction  for  the  elliptic  nozzle  as  well  as  the  ADEN 
when  compared  to  the  round  geometry.  Again  note  the  presence  of  shock 
noise  for  the  ADEN.  This  indicates  the  importance  of  identifying  a 
passive  noise  control  nozzle  geometry  which  can  produce  a shock-free  flow, 
similar  to  the  elliptic  nozzle  tested. 
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Figure  25.  Comparison  of  the  perceived  noise  level  for  various  nozzle 
geometries  scaled  to  a full  scale  application. 
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Cl  - NOZZLE  GEOMETRY  EFFECTS,  DESIGN  MACH  NUMBER 


Figure  26  presents  the  azimuthal  variation  of  the  perceived  noise  level 
for  both  elliptic  nozzles  tested.  The  data  is  scaled  similar  to  figure 
25.  The  \|/  angle  corresponds  to  the  approximate  location  of  maximum 
acoustic  emission.  For  flows  which  are  shock-free,  the  data  indicates  a 
strong  dependence  of  noise  emitted  on  the  velocity  of  the  plume;  i.e., 
greater  exit  velocities  produce  higher  acoustic  amplitudes.  This 
dependence  is  evident  for  all  azimuthal  angles  as  indicated  by  the  Mach 
1.5  nozzle  data  for  the  two  temperatures  presented  and  also  the  Mach  2 
data  compared  to  the  Mach  1.5  nozzle  data. 

The  data  also  shows  (similar  to  the  previously  presented  spectra)  that 
the  acoustic  amplitude  is  dependent  on  the  azimuthal  angle  (j).  In  general, 
the  perceived  noise  level  decreases  as  (j)  approaches  90  degrees.  This 
dependence  represents  another  passive  control  method  by  which  the  nozzle 
orientation  on  a full  scale  engine  can  be  manipulated  to  radiate  the 
majority  of  the  acoustic  energy  away  from  noise  sensitive  areas.  It  is 
important  to  note  that  because  all  nozzles  are  scaled  to  constant  thrust, 
the  lower  temperature  nozzle  case  should  appear  with  smaller  scaled  noise 
because  it  is  a higher  mass  flow  nozzle. 


0 20  40  60  80  100 

0,  Degrees 


Figure  26.  Comparison  of  the  perceived  noise  level  for  the  two  elliptic 
nozzle  geometries  tested. 
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C2  - MULTIPLE  JET  INTERACTIONS 


The  HSCT  suppressor  nozzle,  as  currently  envisioned,  utilizes  multiple 
hot  high  speed  jets  surrounded  by  afterbodies  that  promote  rapid  mixing 
with  these  jets.  To  show  the  types  of  interactions  possible  with  multiple 
jet  configurations,  figure  27  presents  a phased -averaged  Schlieren 
photograph  of  unheated  twin  choked-tube  nozzles  (the  strobe  light  is 
locked  to  the  screech  frequency  for  a given  phase  of  the  measured  acoustic 
wave ) . 

These  nozzles  were  operated  at  a fully  expanded  Mach  number  of  1.32 
where  the  dominant  instability  wave  in  the  jet  shear  layer  is  a flapping 
structure  (double  helix) . Generally,  this  type  of  large  scale  structure 
has  no  azimuthally  preferred  orientation.  However,  due  to  the  mutual 
excitation  of  the  jets,  the  flapping  motion  of  both  jets  is  now  oriented 
in  a plane  containing  the  axes  of  both  jets.  This  alters  not  only  the 
azimuthal  directivity  of  the  screech  noise  but  also  promotes  a more  rapid 
mixing  configuration  as  compared  to  a single  nozzle.  The  potential  thus 
exists  for  using  the  passive  control  feature  of  multiple  jet  interaction 
for  acoustic  benefits. 


Figure  27.  Phased-average  Schlieren  of  twin  choked-tube  nozzles. 
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C2  - MULTIPLE  JET  INTERACTIONS 

The  envelope  geometry  for  multiple  jets  in  an  HSCT  application  is  either 
round  or  a low  aspect  ratio  rectangular.  The  high  speed  jets  emerge  from 
geometries  that  are  complex,  but  often  driven  by  the  geometric  constraint 
of  packaging  in  the  envelope  shape.  The  suppresor  also  makes  use  of  an 
acoustically  treated  ejector  that  provides  augmentation  to  the  engine  mass 
flow.. 

The  elliptic  jet  geometry  discussed  previously  shows  that  passive 
methods  can  be  used  to  reduce  noise.  The  properties  of  these  non-round 
geometries,  as  exhibited  by  the  deformation  of  the  jet  column  (momentum 
thickness  distribution) , suggest  that  the  orientation  and  location  of  the 
high  speed  mixer  lobes  is  not  arbitrary.  A study  of  multiple  jet 
interactions  from  a tri-axial  configuration  of  nozzles  (figure  28)  is  now 
underway  at  NASA  Langley.  The  initial  system  uses  a set  of  elliptic 
nozzles  with  varying  aspect  ratio  combinations.  The  mechanism  to  support 
the  tri-axial  nozzle  system  permits  location  of  the  three  nozzles  to  be 
arbitrarily  rotated  and  positioned  about  a central  axis.  All  elliptic 
nozzles  are  designed  to  be  shock-free,  so  that  an  assessment  of  3-D 
turbulent  interaction  can  be  studied  without  the  influence  of  plume 
shocks.  One  cannot  differentiate  non-symmetric  pressure  gradients 
produced  by  shocks  in  the  flow  from  that  produced  by  turbulence. 


a - Simulated  Suppressor  Nozzle 


b - Interaction  Mode 


Figure  28.  Example  of  tri-axial  elliptic  nozzle  configuration. 


636 


C4  - ACTIVE  CONTROL  OF  INITIAL  JET  SHEAR  LAYER 

The  primary  noise  generation  mechanisms  of  supersonic  jet  flows  have 
been  attributed  to  the  presence  of  large  scale  structures  in  the  shear 
layer.  These  dominant  structures  develop  when  small  scale  disturbances 
in  the  initial  region  of  the  jet  grow  in  amplitude  as  they  convect 
downstream.  Therefore  it  may  be  reasonable  to  assume  that  by  actively 
controlling  initial  shear  layer  instabilities,  which  have  maximum  growth 
rates,  one  can  also  control  the  noise  emission. 

C.M.  Ho  at  University  of  Southern  California  is  investigating  practical 
methods  for  controlling  the  most  unstable  modes  and  their  azimuthal  energy 
distribution.  These  methods  involve  the  use  of  sound,  temperature,  tuned 
cavities,  and  piezo-ceramic  actuators  to  control  the  initial  shear  layer 
disturbances  of  axi symmetric  and  asymmetric  nozzles  operating  in  both  the 
subsonic  and  supersonic  regimes.  Acoustic  measurements  have  been  made  for 
a circular  jet  tested  from  the  low  subsonic  to  the  transonic  range.  These 
measurements  span  the  near  field  pressure  fluctuations  to  the  far  field 
noise.  The  far  field  spectra  presented  in  figure  29  indicate  that  for 
M=.2  to  .35,  the  noise  generated  by  large  scale  coherent  structures  in  the 
thin  shear  layer  dominates  (high  frequency  peaks) , while  beginning  at 
M= . 4,  the  noise  of  the  preferred  mode  dominates  (broadband  peak).  The 
data  will  be  compared  to  that  acquired  when  various  control  methodologies 
are  implemented. 
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Figure  29.  Far  field  spectra  for  an  unheated  circular  jet  operating 
subsonically . 
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D1  - SUPERSONIC  INSTABILITY  WAVES 


An  experiment  is  being  planned  in  the  NASA/LaRC  JNL  to  verify  the 
theoretical  predictions  of  Tam  (1990)  on  the  occurrence  of  supersonic 
instability  waves  in  high  temperature  jets  where  Ts/Ta  > 2.5.  The 
predictions  of  figure  30  show  that  with  increasing  jet  temperature  ratio, 
the  Kelvin-Helmholtz  instability  wave  amplitude  decreases,  but  there  is 
the  appearance  of  a supersonic  instability  wave.  These  waves  are  produced 
by  turbulence  structure  in  the  shear  layer  that  convect  supersonically 
relative  to  the  local  jet  sound  speed. 


Total  wave  amplification 

b/R 

A (o,  n)  = exp  [J-  ki  (S,  n,  b/R)  Rd(b/R) 

b0/R 

Where,  b =rc5-  h (jet  half  width) 
a = db/dx  (jet  spread  rate) 
ki  = o (neutral  PT;  max  growth) 


] 
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amplified  fixed  frequency  wave 
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D1  - MEASURED  AND  PREDICTED  MACH  WAVE  EMISSION  ANGLE 


Figure  32  illustrates  a specific  example  between  the  measured  and 
predicted  Mach  wave  emission  angle  for  a hot  supersonic  jet.  In  this 
example,  the  Mach  2 jet  is  being  operated  overexpanded  at  M,  = 1.5  and  a 
temperature  of  2466  R.  Figure  32a  shows  the  measured  Schlieren  data  for 
this  example.  The  Mach  waves,  which  emerge  from  the  edge  of  the  shear 
layer,  have  wave  normals  that  appear  orientated  60  degrees  to  the  jet 
axis.  Based  on  Tam's  (1990)  large  scale  wave  model,  instability  waves  for 
this  example  will  convect  at  61%  of  the  jet  exit  velocity.  Based  on  this, 
the  predicted  wave  angle  is  59  degrees  to  the  jet  axis,  as  shown  in  figure 
32b. 


Figure  32.  Measured  and  predicted  Mach  wave  emission  for  a hot  jet. 
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D2  - NON-UNEAR  WAVE  INTERACTIONS 


Under  certain  operating  conditions,  shock-containing  supersonic  free 
jets  have  been  shown  to  emit  high  amplitude  narrowband  acoustic  signals 
referred  to  as  screech  tones.  It  has  been  suggested  that  the  generation 
of  this  noise  component  is  due  to  the  interaction  of  the  dominant  large 
scale  coherent  structure  in  the  turbulent  shear  layer  with  the  shock  cell 
system  (Tam,  1986)  . Screech  has  been  observed  to  be  multi-modal,  i.e.  the 
jet  exhibits  different  instability  characteristics  depending  on  the 
operating  condition  of  the  nozzle  (Ponton,  1989),  To  better  understand 
this  noise  mechanism,  it  is  important  to  determine  whether  different 
screech  modes  are  independent  or  interact  non- linearly . 

Two  particular  screech  modes  can  be  identified  in  the  acoustic  spectrum 
presented  in  figure  33a.  These  modes  are  the  B and  C modes,  and  are 
labelled  accordingly.  Also  identified  are  the  second  and  third  harmonics 
of  the  C mode  (2C  and  30  as  well  as  narrowband  processes  occurring  at  the 
frequencies  B+C  and  2C-B.  These  latter  two  spectral  components  provided 
the  impetus  to  perform  a bispectral  analysis  on  the  data  jto  determine  if 
non-linear  wave-wave  interactions  are  occurring  between  the  fundamental 
screech  modes.  This  higher-order  spectral  technique  reveals  phase 
coherences  between  three  frequencies  satisfying  the  selection  criteria 
0)3  = 0)!  + 0)2  indicative  of  a non-linear  quadratic  interaction  (Ritz,  1987)  . 

The  bispectral  analysis  produced  the  auto-bicoherence  contour  plot  shown 
in  figure  33b,  The  diagonal  lines  are  constant  0)3  lines  and  the  two 
additional  frequencies  satisfying  the  selection  criteria  are  obtained  from 
the  abscissa  and  the  ordinate.  As  labelled  on  the  plot,  phase  coherences 
are  seen  to  exist  between  the  C,  B,  and  B+C  frequencies  as  well  as  between 
the  2C-B,  B,  and  2C  frequencies.  This  indicates  that  non-linear 
interactions  are  occurring  and  suggests  that  future  acoustic  models  should 
encompass  the  observed  source  non-linearity. 


Figure  33.  Spectral  analysis  of  the  acoustic  emission  from  an  unheated 
round  conical  nozzle  operating  at  M,  = 1.44, 
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D4  - PREDICTION  OF  NOISE  FOR  NON-ROUND  JET  GEOMETRY 


The  dominant  sources  of  supersonic  jet  noise  may  be  associated  with  the 
coherent  structures  in  the  jet  mixing  region,  the  jet's  shock  cell 
structure,  and  the  interaction  between  these  two  phenomena.  In  this  study 
the  changes  to  the  noise  radiation  associated  with  a change  in  the  nozzle 
exit  geometry  is  examined.  An  elliptic  jet  of  aspect  ratio  2 has  been 
considered.  The  large  scale  structures  in  the  jet  are  modelled  as 
instability  waves.  These  structures  convect  downstream  with  a velocity 
on  the  order  of  the  jet  exit  velocity.  For  high  Mach  number  or  heated 
jets  there  is  a direct  coupling  between  the  pressure  fluctuations  in  the 
jet  flow  field  and  the  acoustic  field.  This  results  in  intense  noise 
radiation.  In  the  present  study  the  characteristics  of  the  large  scale 
structures  or  instability  waves  are  obtained  from  a solution  of  the 
compressible  Rayleigh  equation.  In  the  region  just  outside  the  jet  flow 
the  pressure  fluctuations  are  described  in  terms  of  Mathieu  functions  and 
modified  Mathieu  functions.  These  fluctuations  are  matched  with  the 
acoustic  field  using  the  method  of  matched  asymptotic  expansions.  Figure 
34  shows  a typical  far  field  calculation  for  the  sei  flapping  mode.  The 
two  sections  through  the  directivity  pattern  shown  in  figure  34  show  (a) 
the  variation  with  azimuthal  angle  <|>  for  a polar  angle  of  3 0 degrees,  and 
(b)  the  variation  with  polar  angle  0 for  an  azimuthal  angle  of  0 degrees. 
The  decibel  levels  are  in  arbitrary  units.  Experimental  data  acquired  at 
similar  operating  conditions,  indicate  the  preference  for  axisymmetric 
structure  and  a wave  direction  at  a steeper  angle  to  the  jet  axis.  Future 
calculations  are  being  made  to  investigate  stability  properties  of 
axisymmetric  structure. 
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Figure  34 . Far  field  directivity  with  azimuthal  and  polar  angles. 
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D5  - LOW  REYNOLDS  NUMBER  RESEARCH 


The  most  promising  theoretical  developments  in  the  prediction  of 
supersonic  jet  noise  involve  the  modeling  of  large  scale  turbulence 
structure  (that  produces  a dominant  portion  of  the  radiated  noise)  with 
instability  wave  theory.  Operation  of  model  jets  under  low  Reynolds 
numbers  are  achieved  by  exhausting  the  jets  at  low  density  (pressure) 
conditions  in  the  low  pressure  anechoic  chamber  jet  test  facility  (figure 
35) . Standard  condenser  microphones  are  used  for  the  acoustic 
measurements  and  miniature  hot-wire  probes  measure  the  turbulence 
structure  in  the  jets*  The  unique  feature  of  the  latest  measurements  is 
that  jets  with  helium/air  mixtures  are  used  to  simulate  heated  jet 
conditions.  This  approach  is  a reliable  way  to  evaluate  the  predictive 
capability  of  the  analytical  model.  The  first  and  simplest  check  is  of 
the  most  unstable  frequency  of  the  primary  jet  instability  (and  radiated 
noise) . Initial  experiments  have  been  performed  with  a jet  operating  at 
Mach  2,  with  a helium/air  mixture  that  produces  a velocity  that  is 
approximately  50%  greater  than  the  pure  air  jet*  Shown  in  figure  36  are 
the  acoustic  spectra  of  air  and  an  air/helium  mixture  j.et . The  most 
unstable  frequency  is  shown  to  increase  as  the  instability  theory  predicts 
it  should.  Numerous  additional  measurements  are  underway  to  explore  these 
phenomena  in  more  detail. 
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Figure  35.  Low  pressure  anechoic 
jet  test  facility. 


Figure  36.  Acoustic  spectra; 

M=2 . 1 air  and 
helium/air  jets. 
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COMPONENTS  OF  SUPERSONIC  JET  NOISE 


The  noise  of  supersonic  jets  consists  of  three  principal  components. 

They  are  the  turbulent  mixing  noise,  the  screech  tones  and  the  broadband 
shock  associated  noise.  The  turbulent  mixing  noise  forms  the  low  frequency 
peak  of  a typical  supersonic  jet  noise  spectrum.  The  screech  tones  are  sound 
waves  of  discrete  frequencies.  Broadband  shock  associated  noise  is  the  high 
frequency  component  of  the  jet  noise  spectrum.  It  is  made  up  of  a main  peak 
and  sometimes  a few  secondary  peaks  at  higher  frequencies.  Experimental 
observations  and  theory  indicate  that  the  fundamental  screech  tone 
frequency  marks  the  low  frequency  limit  of  broadband  shock  associated 
noise.  Both  the  screech  tones  and  broadband  shock  associated  noise  are 
generated  by  the  presence  of  a shock  cell  structure  in  the  jet.  For  a perfectly 
expanded  jet  the  total  radiated  noise  is  less  and  comprises  of  only  turbulent 
mixing  noise. 


Typical  far  field  supersonic  jet  noise  spectrum 
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SHOCK  CELL  STRUCTURE  OF  IMPERFECTLY  EXPANDED  JETS 


The  static  pressure  at  the  nozzle  exit  of  an  imperfectly  expanded  jet  is 
not  equal  to  the  ambient  pressure.  To  obtain  pressure  equilibrium  at  the 
nozzle  lip  a shock  wave  or  an  expansion  fan  is  formed.  The  shock  or 
expansion  fan  allows  the  gas  of  the  jet  to  adjust  quickly  to  the  ambient 
pressure.  From  the  nozzle  lip  the  shock  or  expansion  fan  propagate  across  the 
jet  to  the  mixing  layer  on  the  other  side.  Outside  the  jet  the  gas  is  stationary 
or  in  low  subsonic  motion.  Shock  or  expansion  is  not  allowed.  As  a result  the 
shock  or  expansion  fan  is  reflected  back  at  the  mixing  layer.  The  reflected 
expansion  fan  or  shock  will  continue  to  propagate  downstream  bouncing  back 
and  forth  from  one  side  of  the  jet  to  the  other.  In  this  way  a quasi-peri odic 
shock  cell  structure  is  formed.  The  details  of  the  shock  cell  structure  can  be 
calculated  analytically  [1]  or  computationally  [2],  Of  importance  to  broadband 
shock  associated  noise  and  screech  tone  predictions  are  the  gross  features  of 
the  shock  cell  structure,  namely,  the  shock  cell  spacing  and  pressure 
amplitude. 


QUASI-PERIODIC  SHOCK  CELL  STRUCTURE 


Axial  pressure  distribution  at  r/D  = 0.38,  Mj  = 1.82,  Md  = 2.0 
Measured  — dark  line  : Calculated  — light  line 


LARGE  TURBULENCE  STRUCTURES/INSTABILITY  WAVES 


One  of  the  most  important  physical  entities  in  the  flow  of  a supersonic 
jet  which  is  responsible  for  noise  generation  is  the  large  turbulence 
structures/instability  waves.  Pictures  (see  sketch  below)  of  these  instability 
waves  are  provided  in  ref.  [3],  They  are  usually  called  the  Kelvin-Helmholtz 
instability  waves.  They  generally  appear  in  a form  with  either  axisymmetric 
or  helical  (flapping)  geometry.  These  instability  waves  derive  their  energy 
from  the  mean  flow.  They  are  also  responsible  for  the  mixing  and 
entrainment  of  ambient  gas  into  the  jet  flow. 


LARGE  TURBULENCE  STRUCTURES/INSTABILITY  WAVES 
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Large  scale  instability  waves  in  the  mixing  layer  of  a 
supersonic  jet  excited  by  upstream  sound  waves 


SUPERSONIC  JET  NOISE  THEORY 


There  exists  now  a fairly  good  understanding  of  how  the  three  principal 
components  of  supersonic  jet  noise  are  generated.  The  crucial  element  is  the 
large  turbulent  structures/instability  waves  of  the  jet  flow.  These  instability 
waves  extract  energy  from  the  mean  flow  as  they  propagate  downstream 
along  the  jet  column.  The  turbulent  mixing  noise  is  generated  directly  by  the 
supersonic  components  (relative  to  the  ambient  speed  of  sound)  of  these 
instability  waves.  The  screech  tones  and  the  broadband  shock  associated 
noise  are  generated  by  the  weak  interaction  of  these  instability  waves  and 
the  shock  cell  structure  as  the  former  propagate  through  the  latter. 


SUPERSONIC  JET  NOISE  THEORY 


GENERATION  OF  TURBULENT  MIXING  NOISE 


To  understand  how  instability  waves  generate  turbulent  mixing  noise 
let  us  remind  ourselves  the  problem  of  supersonic  flow  past  a solid  wavy 
wall.  The  solution  of  this  problem  suggests  that  Mach  waves  are  formed. 

These  Mach  waves  extend  to  infinity  away  from  the  wall  indicating  that 
acoustic  disturbances  are  radiated  to  the  far  field.  Now  an  instability  wave 
travelling  with  supersonic  velocity  relative  to  the  ambient  speed  of  sound  is 
analogous  to  the  problem  of  supersonic  flow  past  a wavy  wall  [4].  Mach 
waves  are  radiated.  The  principal  direction  of  radiation  is  normal  to  the  Mach 
wave  front.  The  frequency  of  the  radiated  sound  is  equal  to  the  frequency  of 
the  instability  wave. 


TURBULENT  MIXING  NOISE 


Wavy  wall  analogy 
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COMPARISONS  BETWEEN  PREDICTED  PEAK  NOISE 
FREQUENCY  AND  DIRECTION  OF  RADIATION  WITH  MEASUREMENTS 


If  indeed  the  dominant  part  of  turbulent  mixing  noise  is  generated  by 
Mach  wave  radiation  associated  with  the  instability  waves  then  the  dominant 
noise  frequency  of  a perfectly  expanded  supersonic  jet  must  be  nearly  equal 
to  that  of  the  most  amplified  instability  waves.  Further  the  direction  of  peak 
noise  radiation  must  be  equal  to  the  Mach  wave  radiation  angle  of  the  most 
amplified  instability  wave,  Extensive  comparisons  between  the  calculated 
(theoretical)  and  measured  peak  frequencies  and  directions  of  radiation  for 
jets  of  different  Mach  number  and  total  temperature  have  been  carried  out  in 
ref.  [5],  Good  agreements  are  found  (see  figure  below). 


8 (degrees ) 

Comparison  of  the  frequency  and  direction  of  Mach  wave 
radiation  of  the  most  amplified  instability  wave  of  a Mach  2 jet 
at  a total  temperature  of  855* F.  Shown  are  contours  of  equal 
sound-pressure-level  in  the  e -frequency  plane.  ® theoretical  value. 
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STROUHAL  NUMBER  OF  MAXIMUM  SPL  OF  HOT  SUPERSONIC  JETS 


For  slightly  supersonic  cold  jets  the  instability  waves  would  propagate 
downstream  with  subsonic  velocity  relative  to  the  ambient  speed  of  sound. 

In  this  case  a direct  wavy  wall  analogy  would  produce  no  sound.  In  order  to 
determine  the  noise  generated  by  the  large  scale  subsonic  instability  waves 
their  spatial  growth  and  decay  in  the  flow  direction  must  be  taken  into 
account.  It  can  be  easily  shown  that  with  wave  amplitude  variation  even  a 
subsonic  instability  wave  would  have  some  supersonic  wave  components  [4], 
These  components  will  radiate  noise.  However,  the  radiation  efficiency  is  not 
high  and  decreases  rapidly  with  a decrease  in  wave  propagation  speed,  a 
comparison  between  the  calculated  frequency  of  the  most  amplified 
instability  wave  and  that  of  peak  noise  radiation  (see  figure  below)  shows 
good  agreement  at  high  jet  temperature  or  high  jet  velocity.  The  good 
agreement  deteriorates  as  the  jet  temperature  and  velocity  decrease  (the 
wave  speed  becomes  subsonic)  consistent  with  the  above  reasoning. 


The  Strouhal  number  at  maximum  sound-pressure-level  of  a Mach 
1.7  jet  as  a function  of  jet  to  ambient  temperature  ratio, 
theory;  # experiment. 
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NEAR  FIELD  SOUND  PRESSURE  LEVEL  CONTOURS 


The  instability  wave  theory  for  a single  frequency  wave  is  well 
established  [4].  The  theory  can  calculate  the  near  field  pressure  contour 
(relative)  distribution  as  well  as  the  far  field  directivity  at  a given  Strouhal 
number.  A typical  calculated  near  field  pressure  contour  distribution  is  given 
below.  It  compares  very  favorably  with  measurements.  A comprehensive 
turbulent  mixing  noise  theory  capable  of  predicting  the  entire  noise  spectrum 
is  still  unavailable  at  the  present  time. 


Near  field  sound-pressure-level  contours  ; Mj  = 2 , St  = 0.38 
Calculated  (top)  , measured  (bottom) 
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GENERATION  OF  BROADBAND  SHOCK  ASSOCIATED  NOISE 


Broadband  shock  associated  noise  is  generated  by  the  weak  interaction 
between  the  large  turbulence  structures/instability  waves  and  the  quasi- 
periodic  shock  cell  structure  as  the  former  propagate  through  the  latter.  One 
simple  way  to  see  this  is  to  consider  a single  instability  wave.  As  this 
instability  wave  passes  through  the  shock  cells  scattering  takes  place 
resulting  in  acoustic  radiation.  A very  comprehensive  stochastic  model 
theory  [6].  [7]  has  been  developed  which  can  predict  the  spectra  and 
directivities  of  this  noise  component.  The  theory  can  also  predict  the  near 
field  noise  pattern  as  well.  Recently  the  theory  has  been  extended  to  include 
the  effects  of  forward  flight  [8].  The  predicted  results  compare  very 
favorably  with  measurements. 


LARGE  TURBULENCE 
STRUCTURES/INSTABILITY  WAVES 

_ BROAD  BAND 
SHOCK  NOISE 
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SHOCK  CELL  STRUCTURE 


CALCULATED  AND  MEASURED  FAR  FIELD  SHOCK  NOISE  SPECTRA 


Extensive  comparisons  between  theoretical  and  measured  far  field 
broadband  shock  associated  noise  have  been  carried  out  [7].  Below  is  a 
typical  case.  The  peak  frequency  of  broadband  shock  associated  noise  varies 
with  the  direction  of  radiation.  The  half-width  of  the  spectral  peak  decreases 
in  the  forward  direction.  These  features  appear  to  be  quite  well  predicted  by 
the  theory. 


Far  field  noise  spectra.  M^l.5,  Mj=l .28.  aieasured 

— — , calculated 


CALCULATED  AND  MEASURED  NEAR  FIELD  SHOCK  NOISE  SPL  CONTOURS 


This  is  a comparison  between  the  calculated  and  measured  near  field 
noise  pressure  contours  on  a plane  passing  through  the  jet  axis  according  to 
the  stochastic  model  theory  [6]  at  a 1/3  octave  band  center  frequency  of  16 
KHz.  A 1.4  dB  has  been  added  to  the  calculated  noise  contour  to  give  a better 
comparison  with  measurements.  (The  error  is  of  the  order  of  1.4  dB).  The 
broadband  shock  noise  is  represented  by  the  lobe  radiating  to  the  left.  The 
dominant  direction  of  noise  radiation  and  the  location  of  the  contours  appear 
to  be  reasonably  well  predicted. 
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Near-field  sound-pressure-level  contours. 
Mj  = 1.67  , Md  =1.5  (a)  Measured  . 

(b)  Calculated  + 1.4  dB.  f = 16  KHz 


GENERATION  OF  SCREECH  TONES 


Screech  tones  are  generated  by  a feedback  loop  [9],  [10].  Near  the 
nozzle  lip  the  pressure  and  velocity  fluctuations  associated  with  acoustic 
disturbances  outside  the  jet  can  excite  the  Kelvin-Helmholtz  instability  of  the 
jet.  The  instability  wave  extracts  energy  from  the  mean  flow  and  grows  as  it 
propagates  downstream.  At  about  four  or  five  shock  cells  downstream  the 
amplitude  of  the  instability  wave  becomes  sufficiently  large  to  interact 
strongly  with  the  shock  cell  structure.  This  interaction  produces  very  strong 
acoustic  radiation.  A part  of  the  acoustic  waves  created  radiates  upstream. 
Upon  reaching  the  nozzle  lip  the  acoustic  waves  excite  the  shear  layer  of  the 
jet  creating  new  instability  waves.  In  this  way  the  feedback  loop  is  closed. 


GENERATION  MECHANISM  OF  SCREECH  TONES 


FEEDBACK  LOOP 


CALCULATED  AND  MEASURED  STROUHAL  NUMBER  OF  SCREECH  TONES 


By  using  the  feedback  loop  model  it  is  possible  to  calculate  the  Strouhal 
number  of  the  fundamental  screech  tone.  In  this  figure  the  solid  curve 
represents  the  calculated  frequency  [10]  as  a function  of  jet  Mach  number. 
The  dotted  curve  represents  a simplified  prediction  using  a simple  empirical 
formula  for  the  propagation  speed  of  the  instability  wave.  Screech  tone 
amplitudes  are  very  sensitive  to  the  presence  or  absence  of  reflecting 
surfaces  in  the  near  environment.  Sometimes  it  is  difficult  to  reproduce  the 
same  screech  amplitude  even  in  the  same  experimental  facility.  Perhaps 
because  of  this  variability  there  is  no  screech  tone  intensity  prediction 
formula  at  the  present  time;  even  a totally  empirical  one. 


The  Strouhal  number  of  fundamental  stable  screech  tones  versus  fully 
expanded  jet  Mach  number  (cold  jets). 
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SUMMARY  AND  FURUTE  WORK 


At  the  present  time  the  generation  mechanisms  of  the  three  principal 
noise  components  of  supersonic  jets,  namely,  the  turbulent  mixing  noise,  the 
broadband  shock  associated  noise  and  the  screech  tones  are  quite  well 
understood.  A very  comprehensive  broadband  shock  associated  noise 
prediction  theory  for  round  jets  is  now  available.  The  theory  can  predict  the 
far  field  noise  spectra  and  directivity.  A similar  comprehensive  turbulent 
mixing  noise  theory  applicable  to  hot  as  well  as  cold  jets  is  still  needed. 
However,  the  noise  directivity  at  a single  frequency  can  be  calculated  within 
the  framework  of  current  theory.  Work  on  developing  a noise  prediction 
theory  for  non-axisymmetric  jets,  such  as  jets  from  rectangular  nozzles,  is 
under  way.  A shock  noise  prediction  scheme  for  non-axisymmetric  jets  may 
become  available  soon.  The  frequencies  of  screech  tones  can  be  predicted 
with  reasonable  accuracy.  Because  of  its  sensitivity  to  the  surrounding 
environment,  currently  there  is  no  theory  capable  of  predicting  the  intensity 
of  screech  tones. 


SUMMARY  AND  FUTURE  WORK 

• NOISE  GENERATION  MECHANISMS  UNDERSTOOD 

• GENERAL  FRAMEWORK  OF  NOISE  PREDICTION  THEORY 

AVAILABLE 

• COMPREHENSIVE  TURBULENT  MIXING  NOISE  THEORY 

( HOT  JETS  ) NEEDED 

• N ON  - AXIS  YMMERTRIC  JET  NOISE  THEORY  NEEDED 

• SCREECH  TONE  ( INTENSITY ) THEORY  NEEDED 
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Sonic  Boom  Program 
Overview 

Christine  M.  Darden 
NASA  Langley  Research  Center 

Figure  1 


Sonic  Boom  Research  Plan 
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Figure  2 
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Sonic  Boom  Decision  Criteria 

• A low-boom  configuration  design  comparable  to  an  unconstrained  design  in 
terms  of  economic  viability 

- system  studies  to  determine  trade-off  between  performance 
penalties  and  economic  benefit  of  overland  supersonic  flight 


• Low-boom  design  methodology  validated  by  wind  tunnel  tests 

- configuration  designs  and  models  by  LaRC,  ARC,  Boeing  and  DAC 


• Estimate  of  acceptable  sonic  boom  exposure 

- Dose-response  relationship  from  laboratory  and  in-home  studies 


• Estimate  of  sonic  boom  levels  from  a low-boom  configuration  in  a realistic 
atmosphere 

- Analytical  modelling  to  include  atmospheric  turbulence 

Figure  2 

Sonic  Boom  Plan  Beyond  Decision 


DEC  1992  1993  1994  1995 


Figure  3 
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Sonic  Boom  Issues  for  Overwater  Operations 


• Supersonic  operations  near  coastlines 

- during  acceleration  and  deceleration  (focused  and  secondary  booms) 

- during  cruise  (primary  boom  carpet  width,  secondary  booms) 

- requires  prediction  of  boom  levels  and  location,  and  audibility  criteria 

• Incidental  overland  supersonic  operations  or  restricted  corridors  , , 

- environmental  impact  assessment 

- requires  prediction  of  boom  levels  and  location 

- estimated  community  reaction,  damage  probability,  etc. 


Figure  4 
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Sonic  Boom 

Source  Design  / Prediction  / Performance 

Overview 

Christine  M.  Darden 
NASA  Langley  Research  Center 


Figure  1 


Program  Elements 


Configuration  Design 

Sonic  Boom  Analysis  - Modified  Linear  Theory 

Performance  Analysis 

Wind  Tunnel  Evaluation 

Sonic  Boom  Analysis  - Higher  Order  Methods 


Figure  2 
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Program  Participants 


NASA  LANGLEY 

Vehicle  Integration  Branch 
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Outline  of  Presentation 


The  objective  of  the  sonic  boom  research  in  the  current  High  Speed  Research  Program  is 
to  ultimately  make  possible  overland  supersonic  flight  by  a high  speed  civil  transport.  To  accom- 
plish this  objective,  it  is  felt  that  results  in  four  areas  must  demonstrate  that  such  a vehicle  would 
be  acceptable  by  the  general  public,  by  the  airframers,  and  by  the  airlines.  It  should  be  demon- 
strated: (1)  that  some  waveform  shape  has  the  possibility  of  being  acceptable  by  the  general  pub- 
lic; (2)  that  the  atmosphere  would  not  totally  destroy  such  a waveform  during  propagation;  (3) 
that  a viable  airplane  could  be  built  which  produces  such  a waveform;  and  (4)  that  any  perfor- 
mance penalty  suffered  by  a low  boom  aircraft  would  be  counteracted  by  the  economic  benefit  of 
overland  supersonic  flight. 

This  paper  addresses  the  work  being  done  at  Langley  Research  Center  in  support  of  the 
third  element  listed  above  -the  area  of  configuration  design.  The  initial  part  of  the  paper  will 
give  a review  of  the  theory  being  used  for  configuration  designs  and  discuss  two  theory  validation 
models  which  were  built  and  tested  within  the  past  two  years.Discussion  of  the  wind  tunnel  and 
theoretical  results  (linear  theory  and  higher  order  methods)  and  their  implications  for  future  de- 
signs will  be  included.  f 


DESIGN  PROCEDURE 
THEORY  VALIDATION  DESIGNS 
WIND  TUNNEL  TESTS 
FUTURE  DESIGNS 
L/D  ESTIMATES 
PLUME  EFFECTS 

SIGNATURES  ON  FLIGHT  PROFILE 


Figure  1 
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Design  Approach  for  Low  Boom  Aircraft  Concept 


Two  design  approaches,  both  based  on  the  Seebass  and  George1,2  sonic  boom  minimiza- 
tion theory,  are  being  used  in  the  design  of  low  boom  concepts  at  Langley.  The  first  approach  is 
illustrated  in  Figure  1.  The  design  parameters  of  aircraft  weight,  length,  Mach  number  and  flight 
altitude,  along  with  signature  parameters  which  define  the  type  of  signature  and  the  bluntness  pa- 
rameter of  the  signature  are  used  to  define  a target  equivalent  area  distribution  and  pressure  signa- 
ture as  shown  in  the  upper  right  comer  of  the  figure.  Working  initially  with  an  uncambered  wing, 
the  designer  describes  a planform  and  fuselage  shape  and  iterates  on  this  design  until  the  Mach- 
sliced  equivalent  area  is  near  but  everwhere  below  the  desired  equivalent  area.  When  the  equiva- 
lent area  for  the  planform  and  flat  plate  lift  are  judged  “near  enough”  to  the  target,  a camber  sur- 
face is  designed  to  increase  the  lift  of  the  configuration.  Again,  the  equivalent  areas  of  the  design 
are  continually  compared  to  the  target  equivalent  area  distribution  until  the  differences  in  the  ar- 
eas are  very  slight.  Final  adjustments  to  the  design  are  made  in  the  fuselage  by  use  of  an  Inverse 
Fuselage  Design  Procedure  which  prescribes  the  fuselage  necessary  for  a given  equivalent  area 
distribution.3  More  information  on  this  design  procedure  can  be  found  in  reference  4. 

Once  the  sonic  boom  constraints  have  been  met,  the  configuration  is  then  analyzed  for 
performance.  If  it  is  judged  to  have  serious  performance  deficiencies,  then  changes  must  be  made 
because  of  aerodynamic  concerns  and  the  configuration  recycled  through  the  sonic  boom  design 
phase. 


Figure  2 
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DESIGN  APPROACH  FOR  BLENDED  WING-BODY 

CONFIGURATION 


A second  approach  for  designing  a blended  wing-body  configuration  with  low  boom 
constraints  is  shown  below.  In  this  approach,  the  designer  initially  defines  the  planform  of  the 
desired  wing-body  and  the  geometry  for  the  nacelles  and  fin.  The  camber  surface  is  designed 
using  the  procedure  of  reference  5,  and  the  thickness,  twist  and  dihedral  schedules  are  added.  The 
configuration  is  then  evaluated  to  determine  its  equivalent  area  distribution  and  its  sonic  boom 
signature  is  calculated  using  the  method  of  reference  6. 

Redesign  for  low  boom  is  accomplished  by  a comparison  between  the  F-function  of  the 
configuration  and  the  target  F-function.  The  target  F-function  may  be  derived  from  the  method  of 
references  1 and  2,  or  a related  method.  When  the  desired  F-function  and  resulting  signature  have 
been  attained,  the  necessary  equivalent  area  distribution  is  defined.  The  equivalent  area  due  to 
lift,  pods,  and  fins  of  the  original  configuration  is  subtracted  from  the  target  equivalent  area 
distribution  so  that  the  only  area  remaining  is  the  equivalent  area  due  to  the  wing-body.  Final 
modifications  to  the  design  are  made  with  thickness  adjustments  to  the  wing  body  using  an 
inverse  design  procedure.7  All  of  the  codes  in  the  above  approach  have  been  automated  with 
input  and  output  files  consistent  with  one  another.  Judgement  and  interface  with  the  designer  is 
necessary  at  each  step  of  the  design  and  analysis  process, 


INITIAL-CUT  DESIGN  AND  SONIC  BOOM 
ANALYSIS  FOR  BLENDED  WING-BODY 
CONFIGURATION 


REDESIGN  FOR  LOW-BOOM 


(EAD=equiva!ent 
area  distribution) 


Figure  3 


Sonic  Boom  Wind  Tunnel  Models 


Two  wind  tunnel  models  were  designed  using  the  first  approach  shown  in  this  paper8.  To 
insure  proper  definition  of  the  camber  and  twist  distribution  of  the  configuration,  these  models 
were  designed  to  be  12  inches  in  length— the  largest  sonic  boom  models  ever  built  at  the  Langley 
Research  Center.  Design  conditions  for  the  models  are  shown  in  the  insets.  One  configuration  was 
designed  to  cruise  at  Mach  2 at  an  altitude  of  55,000  feet.  The  assumed  weight  at  beginning  cruise 
was  550,000  lbs  and  the  full  scale  length  was  323  feet.  As  shown,  this  configuration  was  designed 
to  give  a flat-top  signature  at  design  cruise  conditions,  with  a bow  shock  overpressure  of  slightly 
less  than  1 psf.  The  second  model  was  designed  for  cruise  at  Mach  3 and  an  altitude  of  65,000 
feet.  The  beginning  cruise  weight  was  assumed  to  be  600,000  lbs  and  the  full  scale  length,  313 
feet.  This  concept  was  designed  to  give  the  minimum  shock,  or  “ramp”  signature  at  cruise  condi- 
tions—again  with  a bow  shock  of  slightly  less  than  1 psf.  The  models  were  fabricated  in  two  piec- 
es with  an  integrated  sting.  They  both  featured  twist  and  camber  and  had  four  axisymmetric  flow- 
through nacelles  and  a vertical  fin. 


Figure  4 
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Wind  Tunnel  Tests 


Existing  sonic  boom  extrapolation  methods  are  based  on  the  assumption  that  disturbances 
are  axisymmetric  and  thus  3-dimensional  effects  would  be  ignored.  Because  of  this  limitation, 
previous  sonic  boom  wind  tunnel  signatures  were  measured  at  3-5  body  lengths  away  to  insure 
that  all  three  dimensional  effects  had  settled.  For  the  Langley  Unitary  supersonic  wind  tunnel 
which  is  4X4  feet  in  cross  section,  the  needed  measuring  distance  has  restricted  the  model  size  to 
4 or  5 inches  in  length.  Because  an  accurate  representation  of  camber,  twist  and  thicknesses  of  the 
current  low  boom  configurations  was  felt  to  be  essential  to  the  validation  of  the  theory,  the 
decision  was  made  to  build  the  current  wind  tunnel  models  at  12  inches-more  than  twice  the  size 
of  any  previous  sonic  boom  model  at  Langley.  This  size  helped  to  alleviate  the  problem  of 
fabricating  an  accurate  representation  of  the  concept,  but  aggravated  the  problem  of  accurate 
extrapolation.  At  Mach  2,  measurements  in  the  Langley  tunnel  would  be  at  most  2 body  lengths 
away  with  possible  3 dimensional  changes  still  occurring.  While  CFD  or  other  nonlinear  3- 
dimensional  extrapolation  methods  are  being  developed  and  validated,  the  need  to  also  obtain 
signatures  at  5-6  body  lengths  was  very  important.  Thus  arrangements  were  m^de  with  the  NASA 
Ames  Research  Center  to  test  the  low  boom  configurations  in  their  9X7’  and  8X7’  supersonic 
wind  tunnels.  These  measurements  would  insure  proper  extrapolation  with  the  larger,  more 
accurate  model.  Tests  on  the  low  boom  models  were  held  at  Ames  in  October  1990,  and  at 
Langley  in  December  1990  and  January,  1991. 


NASA  AMES  9X7  UNITARY-  October,  1990 
Mach  1.68,  2.00,  2.50 

NASA  LANGLEY  4X4  UNITARY 
Test  Section  I-  December,  1990 
Mach  2.5,  2.96 

Test  Section  II  - January,  1991 
Mach  2.0, 2.5 


Figure  5 
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Sonic  Boom  Test  Setup 


Test  setup  for  the  Mach  3 low-boom  concept  in  test  section  2 of  the  Langley  Unitary  Plan 
Wind  Tunnel  is  shown  in  this  figure.  The  model  and  a specially  made  angle-of-attack  mechanism 
are  mounted  to  the  permanent  tunnel  strut  system  using  a specially  made  sting.  The  model  was 
capable  of  33  inches  of  linear  travel  because  of  the  strut  mechanism,  and  up  to  1 80  degrees  of  role 
because  of  an  additionally  installed  roll  coupling.  The  model  was  tested  at  a roll  angle  of  90 
degrees.  The  model  and  its  support  mechanism  were  also  capable  of  lateral  movement  because  of 
the  permanent  strut  system.  Measuring  probes  were  mounted  to  a solid  tunnel  door  which  had 
replaced  the  usual  windowed  door  for  the  sonic  boom  tests.  The  reference  probe  was  mounted 
such  that  it  was  not  within  the  disturbance  field  of  the  model  at  any  of  its  anticipated  locations 
within  the  tunnel.  The  measuring  probe  was  located  such  that  it  would  be  within  the  field  of  the 
complete  signature  of  the  model  as  the  model  moved  forward.  The  measuring  probe  was  mounted 
to  a motorized  track  which  allowed  6 inches  of  linear  movement  and  thus  increased  the  flexibility 
of  the  body  lengths  at  which  signatures  could  be  taken  without  shutting  down  the  tunnel  and 
manually  moving  the  probe.  , 


Langley  Unitary  Plan  Wind  Tunnel 
Test 


Low  Boom  Mach  3 Concept 


Figure  6 
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Flow  visualizations  taken  during  the  sonic  boom  tests  included  this  oil  flow  photograph  of 
the  Mach  3 concept.  Oil  mixed  with  fluorescent  dye  is  painted  on  the  model  and  the  model 
installed  in  the  tunnel.  When  design  test  conditions  are  achieved,  a vapor  light  is  focussed  on  the 
model.  Flow  patterns  on  the  surface  of  the  model  can  be  observed  by  the  oil  patterns  which 
develop  .For  this  model,  at  a test  Mach  number  of  2.96  and  an  angle  of  attack  of  1.96  degrees,  one 
can  see  that  the  surface  flow  pattern  Is  very  complex.  One  would  like  to  see  very  clean  attached 
flow  which  is  indicated  by  smooth  patterns  in  a linear  direction  from  front  to  back  with  very  little 
puddling  of  the  oil,  Instead,  there  are  patterns  of  slanted  flow  moving  in  a defined  region  from 
front  to  back  which  indicates  a leading  edge  vortices  on  the  surface.  The  puddling  of  the  oil  near 
the  trailing  edge  also  indicates  that  some  separation  is  occurring. 


Figure  7 
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Wind  Tunnel  Results 


Initial  wind  tunnel  data  indicated  two  unexpected  results.  Midway  along  the  positive 
portion  of  the  signature  a large  shock  occurred  in  an  area  where  the  signature  was  expected  to  be 
relatively  flat.  Toward  the  end  of  the  signature  a second  shock  occurred  before  the  complete 
resolution  of  the  tail  shock.  Upon  further  investigation,  it  was  decided  that  the  final  shock  was  the 
result  of  interference  from  the  angle-of-attack  mechanism  which  caused  a stronger  shock  than 
anticipated.  It  was  not  clear  where  the  first  unexpected  shock  was  originating  until  the  nacelles 
were  removed  to  provide  signatures  for  the  validation  of  Euler  code  computational  calculations. 
The  disappearance  of  the  shock  for  the  configuration  without  nacelles  indicated  immediately  that 
flow  was  not  being  achieved  in  the  small  (.2  inch  diameter)  flow-through  nacelles,  and  that  there 
was  a standing  shock  in  front  of  the  nacelles.  Attempts  to  open  the  nacelles  more  and  sharpen  the 
front  edges  to  try  an  achieve  flow  did  not  alleviate  this  shock.  All  tests  at  NASA  Ames  were  done 
with  nacelles  on.  The  nacelles  were  only  removed  during  the  tests  at  Langley. 


MACH  3 LOW  BOOM  CONFIGURATION 
Radial  distance  = 8 inches 
N = 3.1  lbs.  PINF=  147.3  psf 


NASA  Langley  Unitary  Wind  Tunnel 
Test  Section  2 
Mach  number  = 2.96 


Delta  X 

With  Nacelles 


0.180 


0.120 

PI  Pint 
0.060 


0.000 


-.060 

16.0  24.0  32.0  40.0  48.0  56.0 

Delta  X 


Without  Nacelles 


Figure  8 
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Pressure  measurements  at  two  radial  distances  for  the  Mach  2 configuration  are  shown  in 
figure  9.  Signatures  at  several  distances  are  desirable  for  two  reasons.  With  the  current  emphasis 
on  sonic  boom  predictions  using  Computational  Fluid  Dynamics  (CED)  methods,  signatures  at 
several  distances  axe  needed  to  validate  those  codes  in  regions  where  grid  density  and/or  grid 
spreading  could  reduce  accuracy.  Signatures  at  several  radial  distances  are  also  desired  to  observe 
the  manner  in  which  the  signature  changes  as  it  propagates  outward.  The  signatures  shown  were 
measured  at  6 inches  and  12  inches  or  at  1/2  and  one  body  lengths.  Attenuation  of  the  pressure 
levels  at  the  forward  part  of  the  signature  are  very  evident  as  the  signature  propagates  outward. 
There  is  damping  of  the  compressions  and  expansions  which  occur  just  ahead  of  the  major  expan- 
sion, but  the  most  negative  portion  of  the  major  expansion  does  not  attenuate.  The  largest  changes 
in  the  character  of  the  signature  seem  to  be  occurring  in  the  region  of  the  signature  where  3-di- 
mensional effects  of  the  lifting  surface  would  occur. 


MACH  2 LOW  BOOM  CONFIGURATION 
Without  Nacelles 
N-5.1  lbs.  PINF  = 160.2  psf 


NASA  Langley  Unitary  Wind  Tunnel 
Test  Section  1 
Mach  number  = 2.0 


8.0  16.0  24.0  32.0  40.0  48.0  56.0  64.0  72.0 

Delta  X 

Radial  Distance  = 6 inches 


0.090 


0.060 


0.030 

P/Pinf 

0.000 


-.030 


-.060 

8.0  16.0  24.0  32.0  40.0  48.0  56.0  64.0  72.0 
Delta  X 

Radial  Distance  = 12  inches 
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Comparison  of  Measured  and  Extrapolated 

Wind  Tunnel  Data 


To  investigate  the  accuracy  of  extrapolating  very  near-field  pressure  signatures,  the 
signature  measured  at  1/2  body  length  was  extrapolated9  to  one  body  length  and  compared  with 
the  signature  as  measured  at  one  body  length.  The  results  of  the  comparison  are  shown  on  this 
figure.  Note  that  in  the  forward  portions  of  the  signature  where  volume  is  the  major  portion  of  the 
equivalent  area  the  agreement  between  the  measured  and  extrapolated  data  is  excellent.  The  latter 
half  of  the  signatures  differ  significantly,  however.  For  the  first  two  shocks  and  expansions,  the 
extrapolated  signature  is  less  than  that  measured;  the  slopes  of  the  expansion  regions  differ 
considerably  and  the  measured  signature  has  the  larger  expansion.  These  differences  would 
indicate  that  an  axisymmetric  propagation  method  does  not  account  for  all  of  the  flow  field 
phenomena;  i.e.  the  flow  in  that  region  is  highly  three-dimensional.  Signatures  at  greater 
distances  are  needed  to  ascertain  just  how  far  radially  one  must  be  before  there  are  no  3- 
dimensional  effects. 


MACH  2 CONFIGURATION  NO  NACELLES  M = 2.0 


Figure  10 
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Comparison  of  Ground  Signatures 


An  example  of  the  differences  in  the  ground  signatures  when  wind  tunnel  data  is 
extrapolated  from  two  different  distances  is  seen  in  figure  1 1.  The  signature  on  the  left  was 
extrapolated  from  data  taken  at  1/2  body  length  and  the  data  on  the  right  was  extrapolated  from 
data  taken  at  one  body  length.  For  this  Mach  2 configuration  which  was  designed  to  prevent  shock 
coalescence,  the  bow  shock  levels  of  the  ground  signatures  are  nearly  the  same.  The  most 
significant  differences  in  the  two  signatures  are  just  before  the  expansion  where  three-dimension 
effects  are  strongest  in  the  near-field  signature,  and  the  length  of  the  signature.  Since  current 
indications  are  that  loudness  is  a better  indication  of  sonic  boom  disturbance  than  bow  shock 
level10,  these  differences  in  the  latter  portion  of  the  signatures  could  lead  to  significant 
differences  in  their  loudness. 


Extrapolated  Extrapolated 

from  1/2  body  length  from  one  body  length 

(Thomas  Code  - Langley  1686#1 2)  (Thomas  Code  - Langley  1686#1 5) 


Figure  11 
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Cross  Sections 


Perhaps  an  explanation  of  the  flow  field  phenomena  around  the  shaped,  low-boom 
configurations  can  be  explained  with  figure  12,  which  shows  a flow  field  cross  section  for  a low 
boom  configuration  at  three  axial  locations  as  predicted  by  an  Euler  computational  method11. 
Note  that  at  mid  aircraft,  the  flow  field  is  relatively  clean,  with  only  the  bow  shock  being 
prominent.  At  the  aft  end  of  the  aircraft,  very  strong  shocks  emanating  from  the  region  of  the 
wing  are  evident.  As  one  moves  further  downstream,  the  flow  field  immediately  beneath  the 
configuration  is  still  very  clean,  but  the  strong  shocks  generated  by  the  wind  are  moving  toward 
the  flight  path.  It  is  probably  the  strong  effect  of  the  wing  that  is  being  seen  in  the  wind  tunnel 
data  just  ahead  of  the  expansion  region.  These  results  would  indicate  that  for  low  boom 
configurations  where  the  primary  effort  has  been  to  reduce  disturbances  in  the  flight  path,  the 
non- zero  azimuth  angles  can  not  be  ignored  either  for  ground  level  signatures  or  for  the  influences 
they  have  on  the  flight  path  signatures. 


Low  Boom  Configurations 


Mid-  Aircraft 


Aft  End 


Body  Length  Downstream 


Figure  12 
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Comparison  of  Extrapolated  Wind  Tunnel  Data 

and  Target  Signature 


A comparison  of  extrapolated  wind  tunnel  data  taken  at  one  body  length  from  the  Mach  3 
configuration  with  test  conditions  of  Mach  2.96  and  normal  force  3.06  lbs  is  compared  with  the 
target  signature  for  the  same  flight  conditions.  As  can  be  observed,  the  objective  was  to  obtain  a 
bow  shock  of  0.94  psf  followed  by  an  isentropic  increase  in  pressure  to  1.45  psf.  The  extrapolated 
data  does  not  show  this  behavior.  The  bow  shock  level  is  1.8  psf  and  a second  shock  increases  the 
pressure  to  1.95  psf.  There  could  be  several  reasons  for  the  discrepancy  in  the  expected  signature 
and  the  actual  signature:  (1)  linear  theory  methods  used  in  the  design  of  the  configuration  become 
less  valid  at  Mach  numbers  as  high  as  2.9612;  (2)  the  isentropic  rise  in  pressure  is  less  stable  and 
is  therefore  more  difficult  to  maintain  during  propagation;  (3)  boundary  effects  which  cannot  be 
properly  scaled  on  these  12-inch  models  may  have  an  effect  on  the  wind  tunnel  results. 


LARC  UPWT  TESTS;  MACH  3 MODEL;  TEST  MACH  NUMBER  = 2.96 
Data  Extrapolated  from  32  Inches;  Boundary  Layer  Effects  Not  Predicted. 
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Figure  13 
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Comparison  of  Extrapolated  Wind  Tunnel  Data 

and  Target  Signature 


A comparison  of  the  extrapolated  wind  tunnel  data  and  the  target  signature  for  the  Mach  2 
configuration  is  seen  in  figure  14.  Also  shown  on  the  signature  is  the  signature  predicted  from  the 
geometry  using  linear  theory  methods.  Test  conditions  were  Mach  2 and  normal  force  5.1  lbs.  As 
can  be  seen,  the  agreement  between  the  forward  part  of  the  extrapolated  wind  tunnel  signature  and 
the  target  signature  is  excellent.  The  largest  discrepancies  are  in  the  region  near  the  expansion 
where  uncertainty  about  3-dimensional  effects  still  exist  and  in  the  overall  length  of  the 
signatures.  If  significant  changes  do  not  occur  in  wind  tunnel  results  taken  at  3 to  4 body  lengths, 
then  these  results  appear  to  validate  the  minimization  theory  for  these  twisted  and  cambered 
configurations  at  Mach  2. 


0 Wind  tunnel  signature  at  12"  - extrapolated  to  ground 
° Ideal  pressure  signature 
o Signature  predicted  from  geometry-linear  theory 
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Theoretical  Bow  Shock  Overpressures 


Several  factors  have  contributed  to  the  decision  for  the  range  of  Mach  numbers  to  be  con- 
sidered in  the  next  cycle  of  low  boom  designs.  Included  among  those  factors  are:  (1)  initial  indica- 
tions that  ozone  considerations  may  lead  to  cruise  altitudes  of  around  45,000  feet;  (20  the  wind 
tunnel  results  which  indicated  that  the  linear  theory  design  methods  may  be  invalid  at  higher 
Mach  numbers;  and  (3)  the  decision  in  the  High  Speed  Research  (HSR)  program  that  future  de- 
signs would  center  around  Mach  2.4.  An  additional  factor  is  shown  on  figure  15.  Shown  on  this 
figure  are  two  carpet  plots  which  include  results  of  the  minimization  code  for  a minimum  shock 
type  signature.  The  plot  on  the  left  shows  for  the  condition  Mach  1.6,  the  equivalent  length  neces- 
sary for  a given  bow  shock  overpressure  at  a given  altitude.  This  figure  shows  that  to  achieve  the 
lowest  bow  shock  level  at  the  shortest  length,  one  would  cruise  at  the  lowest  altitude.  An  increase 
in  altitude  increases  the  length  necessary.  The  second  carpet  plot  shows  that  for  an  altitude  of 
44,000  feet  one  would  cruise  at  the  lowest  Mach  number  to  achieve  the  lowest  bow  shock  level  at 
the  lowest  length.  Using  as  guidance  information  from  this  plot  as  well  as  guidance  from  the  other 
factors,  the  choice  was  made  to  choose  Mach  number  between  1.6  and  2 for  the  second  cycle  of 
low  boom  designs  in  which  the  emphasis  will  be  placed  on  integrating  performance. 


Minimum  shock  signature 
Weight  = 700,000  lbs;  Nose  length  ratio  = 0.1 ; 
fsentropfc  slope  = 0.5;  Reflection  factor  = 2,0 
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Sonic  Boom  Design  Efforts 


Target  conditions  and  a preliminary  planform  chosen  as  Mach  1.6  low  boom  design  are 
shown  on  figure  16.  The  target  signature  shown  is  one  conceived  at  Boeing  Airplane  Company  as 
one  method  of  improving  the  stability  problems  of  the  minimum  shock  signature  but  still 
maintaining  some  of  the  weight  advantage  allowed  by  that  signature.  Target  design  flight 
conditions  include  Mach  1.6, 45,000  ft  altitude,  a beginning  cruise  weight  of  650,000  lbs  and  an 
overall  length  of  323  lbs.  The  theoretical  equivalent  area  distribution  and  its  resulting  pressure 
signature  with  a bow  shock  of  approximately  0.85  psf  are  shown.  Signature  conditions  listed  are 
input  parameters  which  define  some  of  the  variable  parameters  in  the  minimization  code.  The 
configuration  planform  shown  is  still  in  its  developmental  stage. 
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Performance  Comparisons 


The  ultimate  goal  of  the  configuration  minimization  portion  of  the  sonic  boom  program,  is 
to  develop  a low-boom  configuration  which  would  be  competitive  with  a baseline  configuration 
which  has  no  low  boom  constraints  but  which  would  have  to  cruise  subsonically  overland.  Shown 
in  figure  17  is  an  L/D  comparison  of  a baseline  Mach  2 concept  with  no  low-boom  constraints, 
but  which  has  been  optimized  aerodynamically  and  three  low  boom  configurations.  The  Low 
Boom  I concept  was  designed  as  a theory  validation  model  and  very  little  effort  was  placed  on  the 
performance.  Low  Boom  H represents  an  intermediate  design  effort  which  was  subsequently 
dropped  because  of  performance  estimates  and  Low  Boom  HI  is  the  current  1.6  design  being 
worked.  This  figure  does  not  separate  Mach  numbers  effects  from  these  results  but  does  give  an 
indication  of  improved  performance  for  the  low  boom  designs.  Also  these  results  are  for  a 
trimmed  aerodynamic  concept  but  for  untrimmed  low  boom  configurations.  L/D  estimates  for 
Low  Boom  I are  quite  poor  when  compared  to  the  Aerodynamic  baseline.  Design  efforts  on  the 
Low  Boom  II  concept  improved  the  subsonic  characteristics  significantly  but  the  supersonic 
performance  estimates  were  still  quite  low.  Very  preliminaiy  estimates  of  L/D  for  the  current 
Mach  1.6  design  show  significant  L/D  improvements-subsonically  better  than  the  baseline  and 
nearly  equal  to  the  baseline  at  its  design  Mach  number  of  1.6.  Recall  that  the  results  for  the  Mach 
1.6  design  are  very  preliminary  and  are  subject  to  change.  They  are  shown  only  to  indicate  that 
with  effort  toward  systems  integration,  the  performance  of  the  low  boom  designs  should  improve. 


Maximum  L/D  at  40,000  ft 

Aerodynamic  configuration  trimmed;  Low  boom  configurations  untrimmed 


Aerodynamic 


Md  = 2.0 


Figure  17 
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Effect  of  Engine  Plume  on  Sonic  Boom 

Signatures 


Concern  has  been  expressed  about  the  effect  of  the  engine  plume  on  the  sonic  boom 
signature  of  shaped  configurations.  To  get  an  estimate  of  its  effects,  an  Euler  code  was  used  to 
calculate  the  plume  of  the  low  boom  Mach  3 concept  based  on  the  pressure  ratios  defined  for  the 
in-house  Mach  3 engine13.  In  normal  sonic  boom  calculations,  the  plume  is  approximated  by  a 
cylindrical  extension.  Shown  on  figure  18  are  comparisons  of  the  sonic  boom  signature  for  the 
Mach  3 configuration  cruising  at  Mach  3 at  60,000  ft  initially  with  the  cylindrical  plume  and 
beside  it  with  the  calculated  plume.  It  can  be  seen  that  for  the  nozzle  defined,  the  plume  at  60,000 
feet  completely  obscures  any  benefit  of  shaping.  The  pressure  signature  for  the  same  Mach  3 
configuration  cruising  at  Mach  2 and  55,000  feet  is  shown  on  the  second  line.  Although  some 
effect  of  the  plume  is  still  evident,  it  is  much  less  than  the  effect  at  60,000  feet.  Initially  these 
results  were  used  to  conclude  that  the  effect  at  Mach  1.6  and  45,000  feet  would  be  not  be 
noticeable.  It  was  found  however,  that  a different  engine  was  necessary  for  those  conditions  and 
when  actual  calculations  were  made,  the  effect  of  the  plume  at  45,000  feet  was  comparable  to  that 
shown  at  55,000  feet.  Clearly  plume  effects  cannot  be  ignored  during  the  design  process. 
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Figure  18 
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Sonic  Boom  Contours  as  a Function  of  Mach 

Number  and  Altitude 


The  sonic  boom  prediction  method  using  modified  linearized  theory  methods  has  been  au- 
tomated and  integrated  into  an  in-house  performance  code14.  Results  of  sonic  booms  at  various 
altitudes  for  the  Low  Boom  I configuration  are  shown  as  contours  on  figure  19.  These  boom  lev- 
els were  calculated  for  steady  state  conditions  but  it  was  found  that  acceleration  and  climb  rates 
typical  for  a transport  configuration  did  not  significantly  change  the  results.  Climb  profiles  for  op- 
timum performance  and  with  boom  constraints  are  shown  on  this  figure. 


Mach  2 low  boom  configuration 
Take  off  gross  weight,  590,000  lbs 


Figure  19 
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Ground  Pressure 
Performa: 


timum 


Shown  in  figure  20  are  the  ground  level  signatures  for  the  low  boom  Mach  2 configuration 
as  it  climbed  to  cruise  along  the  optimum  performance  flight  path.  All  signatures  are  plotted  to  the 
same  scale  for  comparison.  Note  that  during  the  cruise  portion  of  the  flight  the  signature  achieves 
it  flat  top  shape  as  predicted,  but  during  climb,  bow  shock  levels  as  high  as  2.8  psf  are  generated. 


Mach  2 low  boom  configuration 
Take  off  gross  weight,  590,000  lbs 
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Ground  Sonic  Boom  Signatures  for  Restricted 

Flight  Profiles 


Shown  in  figure  21  is  the  flight  path  necessary  and  sonic  boom  generated  when  the  sonic 
boom  bow  shock  level  is  restricted  to  1.2  psf.  As  can  be  seen,  to  limit  the  boom  to  1.2  psf, 
supersonic  speeds  must  not  be  achieved  until  35,000  feet.  For  this  flight  profile,  there  is  a 2% 
penalty  in  total  range  when  compared  to  the  performance  profile. 


Delta  P max  = "I  >2  psf 
Mach  2 Sow  boom  configuration 
Take  off  gross  weight,  590,000  lbs 


Figure  21 


Ground  Sonic  Boom  Signatures  for  Restricted 

Flight  Profile 

To  limit  the  boom  to  1.0  psf.,  figure  22  shows  that  the  configuration  must  be  at 
approximately  43,000  feet  before  going  supersonic.  This  profile  results  in  a 5%  range  penalty 
when  compared  to  the  optimum  performance  path.  It  is  evident  from  these  results  that  the  entire 
flight  profile  of  the  low  boom  configuration  must  be  considered  when  evaluating  its  economic 
performance. 


Delta  Pmax  “1*0  psf 
Mach  2 low  boom  configuration 
Take  off  gross  weight,  590,000  lbs 


Figure  22 
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Concluding  Remarks 


Wind  Tunnel  results  indicate  theory  validation,  especially  at 
Mach  2,  but  signatures  at  greater  distances  needed. 

Next  designs  will  target  lower  Mach  numbers  and  will 
stress  integration  of  performance  and  low  boom 
characteristics. 

Next  designs  will  be  tested  for  low  boom  and  performance. 

Plume  effects  and  entire  mission  profile  must  be  considered 
in  the  design  and  evaluation  of  configurations. 


Figure  23 
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LOW-SONIC-BOOM  DESIGN  PERSPECTIVE 


CURRENT  GOAL:  No  perceptible  boom  over  populated  areas 

ASSUMPTION  IN  HSCT  VIABILITY  STUDIES: 

No  supersonic  flight  over  land 
Optimized  over  water  routing 

HSCT  ENVIRONMENTAL  IMPACT  STUDIES  WITH  "ACCEPTABLE"  BOOM 
OBJECTIVES: 

Evaluate  the  impact  of  applying  innovative  sonic  boom  technology  to 
practical  HSCT  configurations,  for  possible  overland  supersonic 
cruise. 

Identify  design  issues,  performance  and  noise  characteristics,  and 
economic  benefits  relative  to  a baseline  configuration. 

f 

RESULTS: 

Three  low-boom  configurations  developed,  one  in  each  HSCT  Phase 
m,  IIIA,  and  DIB. 


Figure  1.  Sonic  boom  pressure  field. 
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DESIGN  APPROACH  FOR  REDUCED  SONIC  BOOM 


Unfortunately,  the  sonic  boom  design  goal  is  not  yet  firmly  established,  because  we 
do  not  know  enough  to  precisely  define  sonic  boom  waveforms  that  are  psycho-acoustically 
acceptable  to  humans.  However,  for  this  study,  the  sonic  boom  design  goal  was  to  obtain  a 
sonic  boom  waveform  at  the  ground  with  loudness  of  72  dBA  or  less.  The  72  dBA  loudness 
criterion  was  developed  from  an  analysis  of  available  human  response  test  data  acquired 
during  the  1970s  (ref.  2).  This  reduced  loudness  is  obtained  by  reducing  the  magnitude  of 
the  pressure  jump  across  each  shock  wave  in  the  sonic  boom  waveform  to  a value  of  about 
0.75  lb/ft2. 

The  sonic  boom  constraint  defined  above  has  a profound  effect  on  the  airplane  design. 
In  particular,  the  airplane  lifting  surfaces  must  be  highly  swept,  lightly  loaded,  and  spread 
along  the  horizontal  length  of  the  airplane.  In  addition,  the  distribution  of  volume  must  be 
closely  dove-tailed  to  the  lift  distribution.  An  appropriate  flight  condition  (Mach,  altitude, 
and  gross  weight)  must  also  be  selected  to  achieve  a realistic  configuration. 


Figure  2.  Conventional  and  low-boom  concepts  compared. 
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TARGET  SONIC  BOOM  WAVEFORMS  , PHASE  HI 

In  HSCT  Phase  III,  configuration  III  was  designed  with  the  objective  of  meeting  the 
72  dBA  target  with  1.0  lb/ft2  shocks  at  Mach  1.5  cruise  with  a "ramp"  waveform,  shown 
below  (refs.  2 through  5).  The  design  loudness  of  72  dBA  was  not  met,  however,  due  to  the 
stronger-than-desired  tail  shock  and  intermediate  shocks.  In  Phase  III  A,  the  target  waveform 
for  Mach  1.7  cruise  was  revised  to  be  a "delayed  ramp"  waveform  with  0.90  lb/ft2  shocks, 
resulting  in  configuration  DIB,  Again,  however,  the  calculated  loudness  of  77  dBA  did  not 
meet  the  loudness  goal,  primarily  because  of  an  update  to  the  shock-wave  rise-time  effect. 

In  Phase  IHB,  the  target  shock  strengths  were  reduced  to  0.75  lb/ft2  to  achieve  the  72 
dBA  target  loudness.  In  addition,  the  target  waveform  was  revised  slightly,  as  shown  below. 


Predicted  Sonic-Boom  Waveform  at  the  Ground  (Sea  Level), 
Kr  = 1.9,  standard  day  temperature,  no  wind 


Figure  3.  Target  sonic  boom  waveforms. 
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AIRPLANE  DESIGN  FOR  REDUCED  SONIC  BOOM  LOUDNESS 


The  sonic  boom  design  constraint  was  imposed  in  the  form  of  an  overall  target 
distribution  of  the  Whitham  F-function,  which  is  directly  related  to  the  target  sonic  boom 
waveform  at  the  ground.  The  target  F-function  fundamentally  defines  the  airplane  lift  and 
volume  aerodynamic  characteristics  close  to  the  airplane  (Ref.  6).  The  sonic  boom 
disturbance  at  the  ground  includes  the  effects  of  atmospheric  propagation  (Refs.  6 and  7). 
Figure  4 shows  the  overall  target  F-function  and  the  associated  sonic  boom  waveform  at  the 
ground. 


Config  u ration  1 1 I B 


Figure  4.  Target  F-function  and  waveform. 
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DESIGN  PROCEDURE  FOR  LOW  SONIC  BOOM 

Figure  5 outlines  the  design  process  that  was  used  in  Phase  IIIB  to  define 
configuration  IIIB.  Many  iterations  in  geometry  were  required  to  approach  the  desired 
overall  airplane  F-function.  The  lift  and  volume  contributions  of  each  airplane  component 
(wing,  body,  nacelles,  horizontal  tail,  and  vertical  tail)  must  be  located  and  shaped 
appropriately,  while  considering  any  mutual  interference  effects.  Each  design  iteration  led  to 
a correction  in  the  actual  airplane  F-function  and  a directly-related  correction  to  the 
geometry. 


Lift  Volume 


Figure  5.  Design  procedure  for  low  sonic  boom. 
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WING  DESIGN  AND  NACELLE  LIFT  EFFECTS 


Because  the  sonic  boom  from  large,  heavy  cruise  vehicles  is  lift-dominated,  the  most 
important  airplane  component  is  the  wing  planform  and  the  lift  distribution  that  it  produces. 
Accordingly,  previous  Phase  III  studies  have  focused  on  arrow-wing  planforms,  wing 
leading-edge  strakelets,  and  appropriate  wing  camber  and  twist  designs.  However,  another 
aspect  of  the  lift  distribution  is  the  lift  produced  by  the  nacelles,  mounted  aft  on  the  wing 
lower  surface.  The  positive  pressures  from  the  nacelle  forebodies  pressurize  the  wing  lower 
surface,  producing  a beneficial  lift  force  of  up  to  10%  of  the  total  lift.  Because  the  effect  is 
strong  and  localized,  it  should  be  considered  eary  in  the  design  phase.  The  Phase  IIIA 
configuration  required  a rather  severe  fuselage  area-ruling  to  counteract  the  non-smooth  lift 
distribution  in  the  vicinity  of  the  nacelles. 

Therefore,  one  of  the  major  goals  of  Phase  IBB  was  to  achieve  a smooth  overall  lift 
distribution,  considering  the  nacelle  lift-interference  effects.  This  was  accomplished  as 
follows:  1),  use  of  new  baseline  nacelles,  having  a smaller  area  growth,  and  2)  revised  wing 
camber  and  twist  design,  with  a reflex  in  the  camber  surface  near  the  nacelles. 

Figure  6 shows  the  improvement  in  the  F-function  due  to  lift,  by  comparing  the  F- 
functions  of  the  IIIA  configuration  and  the  new  IHB  design.  These  F-functions  were 
calculated  by  converting  the  lift  distributions  into  the  equivalent  bodies  of  revolution  for  the 
start-of-cruise  condition,  according  to  the  standard  sonic  boom  methods  (Refs.  7 and  8). 


Figure  6.  Calculated  F-functions  due  to  lift. 
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AREA  DISTRIBUTIONS  AND  F-FUNCTION  DUE  TO  VOLUME 

The  details  of  the  volumetric  components  were  defined  next,  beginning  with  the 
fuselage  forebody.  The  forebody  shape  is  important  because  it  produces  the  initial  0.75  lb/ft^ 
shock  wave  and  the  constant-pressure  region  of  the  target  sonic  boom  waveform.  It  was 
defined  by  the  method  of  Reference  9,  with  a slight  reduction  of  forebody  cross-sectional 
area  to  account  for  forebody  lift.  Figure  7 shows  the  area  distribution  and  F-function 
produced  by  all  of  the  volumetric  components. 


Figure  7.  Area  distributions  and  F-functions  due  to  volume. 
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FUSELAGE  AREA  DISTRIBUTIONS 


The  fuselage  area  distribution  shown  in  Figure  8 is  quite  different  from  previous  low- 
boom  configurations,  because  of  the  0.75  lb/ft^  constraint  and  the  smoother  lift  distribution. 
The  aft-body  shape  in  particular  is  impacted  by  the  more  severe  sonic  boom  constraint, 
resulting  in  reduced  seating  capacity  ( only  237  mixed-class  or  252  all-tourist  passengers). 
This  fuselage  shape  could  be  improved,  in  terms  of  seating  capacity  and  also  wave  drag,  by 
modifying  the  wing  planform  and  lift  distribution.  In  addition,  the  aft-body  design  needs 
more  investigation. 

Figure  8 shows  the  severe  area-ruling  of  the  IIIA  configuration  in  the  vicinity  of  the 
nacelles,  due  to  the  non-smooth  lift  distribution.  This  effect  was  reduced  considerably  for 
configuration  IHB. 


Figure  8.  Fuselage  area  distributions. 
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LOW  SONIC  BOOM  DESIGN,  CONFIGURATION  DIB 


The  drawing  of  the  uncycled  configuration,  the  Model  IIEB,  is  shown  in  Figure  9. 
This  drawing  was  used  as  the  basis  for  developing  the  sonic  boom  characteristics,  as  well  as 
the  inputs  and  scalars  for  the  performance  sizing  program. 


Figure  9.  Model  IIIB,  General  Arrangement. 
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SONIC  BOOM  CHARACTERISTICS 

The  Mach  1.7  overland  cruise  sonic  boom  waveform  at  the  ground  was  calculated  for 
the  start-of-cruise  condition  and  is  shown  in  Figure  10.  The  bow  and  tail  shocks  meet  the 
0.75  lb/ft^  design  goal.  Although  the  waveform  exhibits  smaller  pressure  jumps  and 
isentropic  pressure  increases,  the  calculated  sonic  boom  loudness  is  71  dBA,  which  is  less 
than  the  design  goal  of  72  dBA.  The  small  pressure  jumps  are  not  significant  for  sonic  boom 
loudness. 

The  calculated  loudness  is  sensitive  to  the  shock-wave  rise  time.  For  this  study,  rise- 
time values  were  determined  from  an  empirical  analysis  of  N-wave  sonic  booms  produced  by 
Air  Force  fighter  and  SR-71  aircraft.  The  rise  time  of  the  0.75  lb/ft^  bow  shock  is  about  6 
msec;  the  smaller  shocks  have  an  appropriately  longer  rise  time. 


Figure  10.  Actual  F-function  and  waveform. 
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SIZING,  PERFORMANCE,  AND  NOISE  CHARACTERISTICS 


The  airplane  is  sized  for  a 5000  n.  mi.  mission  by  fuel  volume  (wing  area)  and 
minimum  takeoff  weight  (engine  size).  Figure  1 1 compares  Model  RIB  to  its  baseline 
airplane.  Despite  the  large  15%  loss  in  payload  from  279  to  237  passengers  required  to 
achieve  the  target  0.75  lb/ft^  waveform,  the  takeoff  gross  weight  increased  2%,  OEW 
increased  8%,  engine  size  increased  6%,  while  block  fuel  was  essentially  unchanged.  On  the 
other  hand,  takeoff  and  landing  performance  of  Model  IHB  was  substantially  improved 
relative  to  the  baseline  due  to  the  low  wing  loading  dictated  by  the  fuel  volume  requirement. 
This  in  turn  lead  to  lower  takeoff  noise  levels  for  the  Model  IDB,  -2.7  EPNdB  and  -1.3 
EPNdB  at  the  sideline  and  community  points,  respectively. 

The  performance  assessment  of  the  Model  IIIB  relative  to  the  baseline  was  done  at 
the  average  fleet  mission  of  about  3450  n.m.,  of  which  about  25%  is  flown  over  land.  The 
baseline  flies  the  overland  portion  of  the  flight  at  Mach  0.9,  while  Model  IIIB  flies  it  at  Mach 
1.7,  which  reduces  the  block  time  by  about  0.5  hour. 


Model  IIIB  and  Its  Baseline 


20 


Payload 


MTOW 


10 


Percent 
change 
relative  to 
baseline 


-20  i— 


OEW  Engine  Block 
airflow  fuel 


M = 2.4  design  mission 


Figure  11.  Performance  comparison,  Model  IIIB  and  its  baseline. 
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SUMMARY  OF  PHASE  in  CONFIGURATIONS 


During  the  Phase  III  low  sonic  boom  studies,  several  configurations  have  been 
designed,  with  different  sonic  boom  and  configuration  constraints.  Figure  12  gives  a 
comparison  of  their  respective  design  conditions  and  constraints.  The  early  studies  illustrated 
the  advantages  of  lower  altitude  and  reduced  supersonic  Mach  number.  Higher  Mach 
number,  as  well  as  higher  altitude,  make  the  low-boom  design  problem  inherently  more 
difficult  because  far-field  propagation  pushes  the  waveform  toward  the  form  of  the  far-field 
N-wave,  rather  than  the  "shaped"  low-boom  waveforms.  Therefore,  at  higher  Mach  or 
altitude,  severe  configuration  changes  are  required  to  achieve  the  shaped  near-field 
waveforms  with  reduced  shock  strength.  For  example,  the  Mach  2.4  low-boom  configuration 
2B  had  significant  drag  and  weight  penalties,  and  a balance  problem  due  to  a wing  location 
far  back  on  the  fuselage.  The  Mach  2.4  configuration  was  not  pursued  further,  because  of 
these  formidable  design  problems. 

In  Phase  IIIA,  a new  sonic  boom  target  waveform  was  developed,  the  "dalayed  ramp" 
waveform,  and  the  cruise  Mach  number  was  increased  from  Mach  1.5  to  1.7.  The  delayed 
ramp  waveform  has  several  desirable  features  from  the  standpoints  of  configuration  design, 
sonic  boom  propagation,  and  loudness.  ' 


Overwater  Cruise  is  at  Mach  2.4  in  all  Cases 


Phase 

Configuration 

Sonic  boom 
constraint  (target) 

Overland  start-of-ctuise 
design  condition 

Mach 

Altitude,  ft 

GW,  lb 

■ 

IB 

Ramp  waveform, 
APsh  = 1.0  lb/ft2 
72  a BA  loudness 

. 

1.5 

; 

48,000 

650,000 

Special  forebody  shape, 
arrow-wing  planform  with  strake, 
staggered  nacelles,  etc. 

I 

2B 

Same  as  IB 

2.4 

53,000 

650,000 

Much  Idnger  .forebody,  bigger  strake, 
aft  wing  location,  drag  penalty, 

20%  increase  in  TOGW. 

■ 

III 

Same  as  1 B 

1.5 

48,000 

650,000 

Two-post  landing  gear,  268  PAX. 
Actual  boom  loudness  78  dBA. 

IIIA 

IIIA 

Delayed  ramp 
waveform 
APsh  = 0.9  lb/ft2 
72  dBA  loudness 

1.7 

44,000 

650,000 

Minor  configuration  changes  from  III, 
253  PAX,  77  dBA  loudness. 

IIIB 

IIIB 

Modified  delayed 
ramp 

APsh  = 0.75  lb/ft2 
72  dBA  loudness 

1.7 

44,000 

620,000 

Smoother  lift  distribution,  new  nacelles, 
modified  fuselage  with  aft-body 
extension,  four-post  landing  gear, 

237  PAX,  71  dBA  loudness. 

Figure  12.  Summary  of  low-sonic-boom  design  constraints. 


715 


IMPACT  OF  SONIC  BOOM  DESIGN  CONSTRAINT 

For  the  5000  n.m.  mission,  relative  to  a baseline  configuration,  the  low-boom  designs 
typically  have  the  following  characteristics:  heavier  TOGW,  higher  L/D,  and  similar  block 
fuel.  These  characteristics  are  compared  in  Figure  13  for  the  three  low-boom  configurations 
and  their  respective  baseline  configurations.  The  0.75  lb/ft^  design  (MB),  however,  suffers 
from  reduced  L/D  and  passenger  count,  as  a direct  result  of  the  severe  sonic  boom  design 
constraint.  Accordingly,  its  block  fuel  per  passenger  is  17%  greater  than  the  baseline. 


Sized  Airplanes  for  5,000  nm  Mission 


0.7  0.8  0.9  1.0 

Design  sonic-boom-shock  strength,  APSH,  lb/ft2 


Figure  13.  Effect  of  the  level  of  the  sonic  boom  constraint. 
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WING  LOADING  CONSIDERATIONS 

In  designing  for  reduced  sonic  boom,  the  wing  loading,  W/Sref,  is  a particularly 
important  design  variable.  For  conventional  configurations,  the  lift  is  concentrated  over  only 
about  50%  of  the  total  airplane  length.  Such  wings  have  obvious  advantages  in  terms  of 
weight  and  skin  friction  drag.  For  the  low-boom  configurations,  however,  the  lift  must  be 
distributed  over  a larger  fraction  of  the  airplane  length  and  over  a larger  wing  area.  For 
example,  the  design  wing  loading  of  the  low-boom  configuration  HIB  is  about  63  lb/ft2, 
whereas  the  wing  loading  of  the  baseline  configuration  is  close  to  100  lb/ft2 

The  effect  of  airplane  sizing  for  optimum  cruise  performance  is  illustrated  for 
configuration  IIIB  when  it  is  sized  for  the  5000n.m.  mission.  As  shown  in  the  table  below, 
the  wing  area  was  reduced  from  9870  to  8632  ft?,  which  increased  the  wing  loading  from  63 
to  73  lb/ft2;  optimum  cruise  performance  is  obtained  with  the  higher  wing  loading.  The 
increase  in  wing  loading,  however,  means  that  the  wing  lift  may  then  be  too  concentrated  and 
the  low-boom  design  requirement  may  no  longer  be  satisfied.  This  result  indicates  that  there 
may  be  an  inherent  penalty  for  low-boom  configurations  because  of  the  sonic  boom 
requirement  for  a relatively  large,  lightly-loaded  wing.  Obviously,  another  cycle  in  the 
design  procedure  is  needed,  to  develop  the  best  compromise  between  the  low-boom 
requirements  and  optimum  cruise  performance.  In  all  of  the  Phase  III  studies,  only  a single 
pass  was  made  through  the  sizing  exercise. 


■* 


Gross  Weight,  W,  lb 
At  Start-of-Cruise 


Effective  Wing 
Area,  Sref,  ft2 


Wing  Loading, 
W/SREF,  lb/ft2 


Design  Pt.,  620,000  9870  63 

Config.  IIIB 

Sized  Apl.,  628,000  8632  73 

(5000n.m.), 

Config.  IIIB 
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CONCLUSIONS 


Configuration  IIIB  was  designed  for  reduced  sonic  boom  loudness  at  the  ground  and 
was  compared  to  a baseline  configuration  in  terms  of  size,  performance,  and  noise.  The 
following  statements  summarize  the  major  conclusions: 

1)  In  designing  for  reduced  sonic  boom  loudness,  many  design  variables  must  be 
considered,  including  flight  condition  variables  and  configuration  design  constraints  that 
conflict  with  the  sonic  boom  constraints. 

2)  In  the  "shaped  boom"  concept,  shock  coalescence  and  waveform  aging  must  be 
retarded  to  avoid  the  N-wave  form.  Minimum  aging  occurs  at  the  lower  altitudes  and  lower 
supersonic  Mach  numbers. 

3)  The  sonic  boom  loudness  goal  of  72  dBA  was  achieved  by  keeping  the  shock 
waves  to  less  than  0.75  lb/ft^,  based  on  an  empiricaly-derived  rise  time  of  six  msec. 

4)  Compared  to  previous  Phase  HI  sonic  boom  constraints  of  1.0  and  0.9  lb/ft^,  the 
0.75  lb/ft^  constraint  produced  additional  penalties  in  gross  weight,  drag,  passenger  count, 
and  performance. 

5)  A long,  slender  aft  body  was  required  for  the  0.75  lb/ft^  constraint,  which  resulted 
in  a 15%  reduction  in  seating  capacity  to  only  237  mixed-class  passengers  (or  252  all- 
tourist), and  a 2%  increase  in  maximum  takeoff  gross  weight  relative  to  the  baseline  airplane. 

6)  Takeoff  noise  was  decreased  by  about  2 EPNdB,  due  to  the  low  wing  loading 
dictated  by  the  fuel  volume  requirement. 

7)  A performance  benefit  for  operating  at  Mach  1.7  over  land,  rather  than  at  Mach 
0.9,  did  not  materialize  because  of  the  large  decrease  in  the  ratio  of  payload  to  takeoff  gross 
weight. 

8)  The  deficiencies  of  configuration  IIIB  in  terms  of  drag,  weight,  and  passenger 
count  can  be  improved  somewhat  by  additional  design  work  and  a better  compromise 
between  the  low-boom  requirements  and  optimum  cruise  performance;  the  more  severe 
design  constraint  of  0.75  lb/ft^  makes  the  design  process  more  difficult 
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INTRODUCTION 


This  paper  describes  the  NASA  Ames  Research  Center  program  in  sonic  boom  prediction 
methodologies.  This  activity  supports  NASA's  High  Speed  Research  Program  (HSRP).  An 
overview  of  the  program,  recent  results,  conclusions,  and  current  effort  will  be  given.  This 
effort  complements  research  in  sonic  boom  acceptability  and  validation  being  conducted  at 
Langley  and  Ames  Research  Centers. 

The  goals  of  the  sonic  boom  element  are:  to  establish  a predictive  capability  for  sonic  booms 
generated  by  High-Speed  Civil  Transport  (HSCT)  concepts;  to  establish  guidelines  of 
acceptability  for  supersonic  overland  flight;  and  to  validate  these  findings  with  wind  tunnel 
and  flight  tests.  The  cumulative  result  of  these  efforts  will  be  an  assessment  of  economic 
viability  for  supersonic  transportation.  This  determination  will  ultimately  be  made  by  the 
aerospace  industry. 
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CFD  SONIC  BOOM  PROGRAM 

Established  approaches  to  sonic  boom  prediction  and  minimization  utilize  linear  supersonic 
aerodynamics  and  quasi-linear  acoustic  propagation  theory.  However,  the  accuracy  of  these 
methods  deteriorates  as  the  Mach  number  or  angle  of  attack  increases,  and  they  have 
difficulty  modeling  complex  geometries  and  propulsion  system  effects.  The  new  generation 
of  proposed  HSCTs  will  be  highly  optimized  in  all  respects,  and  hence  will  require  improved 
accuracy  in  optimizing  the  sonic  boom. 

It  has  been  proposed  to  utilize  computational  fluid  dynamics  (CFD)  to  provide  the  near-field 
pressure  distribution,  This  approach  has  several  advantages:  nonlinear  effects  and 
geometric  complexities  can  be  fully  accounted  for,  including  propulsion  system  effects;  the 
pressure  field  can  be  propagated  to  a distance  sufficiently  far  from  the  vehicle  that  linear 
propagation  theory  is  valid;  a complete  aerodynamic  description  of  the  vehicle  is  generated, 
facilitating  simultaneous  analysis  of  the  complete  system;  and  a common  database  can  be 
used  for  low  speed  analysis  and  off-design  performance. 

The  first  element  of  this  project  was  to  validate  CFD  codes  for  sonic  boom  prediction.  Three 
test  cases  of  increasing  complexity  were  selected  for  this  purpose,  and  results  of  this  study 
will  be  given  later.  Other  aspects  of  the  CFD  activity  include  predictions  of  sonic  boom  for 
proposed  configurations,  pre-test  analysis  of  wind  tunnel  models  and  post-test  diagnostics, 
and  numerical  minimization  of  sonic  boom  loudness  using  CFD  and  optimizer  technology. 
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AMES  SONIC  BOOM  PROGRAM 
(COMPUTATIONAL) 

• Code  validation 

• CFD  near-field  prediction 

• Experiment  support 

• Loudness  reduction 
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EXPERIMENTAL  SONIC  BOOM  PROGRAM 


Wind  tunnel  testing  is  another  important  aspect  of  the  sonic  boom  effort.  The  9x7-foot  tunnel 
at  Ames  accesses  the  Mach  1 .5  to  2.5  range  and  allows  large  models  to  be  tested  with 
measurements  at  sufficiently  large  altitudes  for  code  validation  and  linear  extrapolation.  This 
facility  was  used  extensively  in  the  1970's  to  test  SST  concepts.  However,  "tailored" 
waveforms  are  a relatively  new  concept  and  a sonic  boom  database  needs  to  be  developed 
for  these  configurations.  Thus,  as  low-boom  models  are  produced,  the  9x7  will  be  used  to 
measure  sonic  boom  performance,  providing  code  validation  data  and  benchmarking 
progress  of  low-boom  designs. 
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AMES  SONIC  BOOM  PROGRAM 
(EXPERIMENTAL) 


• Update  data  base 

• Verify  design  methods 

• Demonstrate  performance 
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AMES  COOPERATIVE  RESEARCH 


At  NASA  Ames,  the  Applied  Computational  Fluids  Branch  (RFA)  and  the  Advanced 
Aerodynamic  Concepts  Branch  (RAC)  are  contributing  to  the  sonic  boom  prediction 
methodology.  The  Applied  Computational  Fluids  Branch  is  emphasizing  code  validation  and 
coupled  aerodynamic  optimization/sonic  boom  minimization,  while  the  Advanced 
Aerodynamic  Concepts  Branch  is  performing  aerodynamic  optimization  and  complex 
configuration  analysis,  and  conducting  wind  tunnel  tests  with  CFD  correlation. 

Care  has  been  taken  to  integrate  the  effort  in  sonic  boom  prediction  described  here  with  the 
other  elements  of  sonic  boom  analysis.  Langley-developed  low-boom  models  have  been 
tested  in  the  Ames  9x7  tunnel,  and  CFD  correlation  with  these  tests  is  in  progress. 

Preliminary  results  will  be  presented  later.  Future  models  developed  by  Langley,  Ames,  and 
industry  will  be  tested  as  well. 

The  acceptability  criteria  and  atmospheric  effects  will  play  heavily  into  the  determination  of  a 
successful  supersonic  overland  design.  Results  from  this  research  will  be  factored  into  the 
analysis  as  they  become  available.  Complementary  efforts  in  sonic  boom  minimization  are 
also  integrated  between  the  centers.  Validated  CFD  codes  will  be  used  as  numerical  wind 
tunnels  to  assess  sonic-boom-minimized  designs.  Comprehensive  systems  analysis  using 
linear  methods  will,  in  turn,  provide  a baseline  for  subsequent  nonlinear  analysis  using  CFD. 


AMES  SONIC  BOOM  RESEARCH 
ORGANIZATIONS 


• Applied  Computational  Fluids  (RFA) 

CFD  validation,  sonic  boom  prediction  and 
minimization,  aerodynamic  optimization 


• Advanced  Aerodynamic  Cconcepts  (RAC) 

CFD  validation,  sonic  boom  prediction, 
aerodynamic  optimization,  wind  tunnel  tests 


j 
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CFD  VALIDATION  STUDIES 


As  mentioned  earlier,  three  test  cases  were  chosen  to  validate  CFD  codes  for  sonic  boom 
prediction  and  to  gain  experience  in  the  modeling  requirements.  These  configurations  were 
tested  in  the  Ames  9x7-foot  tunnel  in  the  1 970's  and  have  experimental  data  available  at  a 
variety  of  operating  conditions  and  altitudes  (see  Ref.  1).  These  geometries  represent  a 
progression  of  geometrical  and  physical  complexity,  from  a cone-cylinder  to  a low  aspect- 
ratio  wing  to  a delta-wing  body. 

In  addition,  a succession  of  CFD  codes  was  applied  to  these  test  cases.  These  include 
TRANAIR,  a full-potential  code  with  local  mesh  refinement  capability;  TEAM,  an  Euler/Navier- 
Stokes  code  with  versatile  zonal  grid  capability;  AIRPLANE,  an  unstructured-grid  Euler 
solver;  and  UPS,  a parabolized  Euler/Navier-Stokes  code. 

Initially,  the  CFD  codes  were  used  to  generate  a solution  in  the  near-field,  about  one-quarter 
to  one  body  length  vertically  below  the  vehicle.  The  pressure  on  the  centerline  was  then 
extracted  from  the  solution  and  used  to  initialize  a quasi-linear  extrapolation  code  to 
propagate  the  signal  to  the  desired  altitude.  Other  methods  of  incorporating  CFD  into  the 
sonic  boom  analysis  were  subsequently  investigated  have  been  reported  in  Ref.  2. 


CFD  VALIDATION  MODELS 


6.W 


Cone  Cylinder 
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Low-A»pect-R»tio  Wing 


CONE-CYLINDER  VALIDATION 


A cone-cylinder  geometry  was  the  first  test  case,  where  the  cone  angle  is  6.48  deg.  and  the 
test  Mach  number  was  1.68.  The  overpressure  signature  for  this  model  was  measured  at 
altitudes  of  10  and  20  cone  lengths.  Because  of  the  large  altitude  and  very  weak  shock 
generated  by  the  geometry,  this  case  was  a good  test  of  dissipative  errors  present  in  the 
computations. 

Results  for  this  case  using  the  UPS  code  have  been  reported  previously  in  Ref.  2,  and 
further  results  will  be  reported  in  Refs.  3 and  4.  The  figure  below  shows  the  results  for  the 
AIRPLANE,  TEAM,  and  TRANAIR  codes  at  an  altitude  of  ten  cone  lengths.  All  three  codes 
show  very  good  correlation  with  the  data.  Previous  studies  with  the  UPS  code  indicated  that 
grid  resolution  at  the  expansion  was  critical  to  capture  the  weak  disturbance  generated  by 
this  shape.  Note  that  the  correlation  with  the  data  improves  as  the  altitude  at  which  the  linear 
extrapolation  commences  is  increased,  as  indicated  in  the  legend. 


Cone-Cylinder,  M=1.68,  a=0.0,  h/l=10. 


729 


LOW  ASPECT-RATIO  WING  VALIDATION 

The  second  test  case  was  a low  aspect-ratio  (AR=0.5)  rectangular-planform  wing.  The  airfoil 
was  a 12.5%-thick  biconvex  section.  The  test  Mach  number  was  2.01  and  overpressure  data 
were  taken  at  altitudes  of  1 and  8 chord-lengths.  This  geometry  generated  a non- 
axisymmetric  flow  field  near  the  body,  requiring  a 3-D  calculation  for  the  near-field.  Also,  the 
sting  was  large  relative  to  the  body,  and  contributed  significantly  to  the  strength  and  location 
of  the  tail  shock. 

Again,  the  computational  results  show  good  correlation  with  the  data  taken  at  one  body 
length.  The  error  in  tail  shock  location  arises  mainly  from  sting  interference  not  modeled  in 
the  computations. 


Rectangular  Wing,  M=2.01,  a=0.0,  h/l=1.0 
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DELTA-WING  BODY  VALIDATION 

The  final  test  case  was  a delta  wing  mounted  on  an  ogive-cylinder  fuselage.  The  airfoil 
section  was  a 5%-thick  double-wedge;  the  wing  leading  edge  sweep  was  69  deg.  and  the 
trailing  edge  was  swept  forward  10  deg.  This  model  was  tested  at  Mach  numbers  of  1 .68  and 
2.7,  and  at  lift  coefficients  of  0,  0.08,  and  0.15.  The  higher  Mach  number  swept  the  Mach 
lines  further  back  and  substantially  increased  the  size  of  the  domain  required  to  propagate 
the  shock  structure  to  a given  altitude  from  the  body.  Furthermore,  the  higher  angles  of  attack 
generated  strong  shocks  that  necessitated  good  grid  resolution  in  the  far  field.  Also,  the  sting 
on  this  model  ramped  down  from  the  fuselage  diameter  to  about  half  its  thickness,  and  this 
effect  required  accurate  modeling  in  the  computations  to  match  the  expansion  and  tail  shock 
correctly. 

The  figure  shows  correlations  at  an  altitude  of  3.1  body  lengths.  The  extrapolation  interface 
was  varied  to  determine  if  near-field  effects  were  still  present,  and  it  is  clear  that  at  one  body 
length,  the  flow  is  sufficiently  linear  and  axisymmetric  for  sonic  boom  extrapolation  purposes. 
Subsequent  studies  have  shown  this  to  be  valid  as  dose  as  one-half  body  length  altitude. 
The  wing  span  may  be  a better  metric  for  sensitivity  to  non-axisymmetric  features,  and  so  it  is 
worth  noting  that  for  this  case,  the  altitude  of  one-half  body  length  corresponds  to  one  full 
wing  span. 


SENSITIVITY  TO  EXTRAPOLATION  ALTITUDE 

Pressure  signal  at  H/L  = 3.1 
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CONCLUSIONS  FROM  PRIOR  RESEARCH 

The  code  calibration  studies  to  date  have  provided  great  insight  into  the  applicability  of  CFD 
to  sonic  boom  prediction.  At  this  point,  it  can  be  said  without  reservation  that  CFD  can  be 
used  in  conjunction  with  quasi-linear  extrapolation  methods  to  predict  sonic  booms  in  the 
near  and  far  flow  field  accurately.  In  many  ways,  CFD  paves  the  way  to  much  more  rapid 
progress  in  sonic  boom  minimization.  Errors  in  wind  tunnel  data  may  arise  from  flow  quality, 
intrusive  probes,  and  model  geometry,  none  of  which  are  present  in  a good  computational 
discretization.  Furthermore,  CFD  offers  fast  turnaround  and  low  cost,  so  high-risk  concepts 
and  perturbations  to  existing  geometries  can  be  investigated  quickly.  It  is  clear  that  at  this 
time,  the  role  of  the  wind  tunnel  in  low-boom  model  design  is  to  benchmark  progress  at 
significant  intermediate  stages  and  at  the  final  design  point  of  numerical  model  development. 

Our  studies  have  demonstrated  that  for  HSCT  concepts,  Euler  (inviscid)  flow  analysis  is 
sufficient  for  accurate  sonic  boom  predictions.  The  most  critical  aspect  is  resolving  the 
geometry  and  flow  field.  This  requires  fine  surface  grids  and  solution-adaptive  grid 
procedures  to  keep  the  computational  expense  down.  The  computational  domain  needs  to 
extend  beyond  the  range  of  nonlinearities  and  non-axisymmetric  (at  least  in  a local  sense) 
flow;  as  rules  of  thumb,  an  overpressure  ratio  (dp/p)  of  less  than  one-half  and  an  altitude  of  at 
least  on  wing  span  are  required  to  employ  linear  methods  to  propagate  the  pressure  to  the 
far-field. 


CONCLUSIONS  FROM  PRIOR 
RESEARCH 

• Euler  equations  simplest  sufficient  flow  model 

• Geometry  and  grid  resolution  are  critical 

• Solution  domain  must  extend  beyond  nonlinear 
and  nonaxisymmetric  range  of  flow 
(dp/p<.5,  z>L/2,b) 

< , 
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LOW-BOOM  MODEL  INVESTIGATION 

The  next  phase  of  developing  sonic  boom  prediction  methodologies  focuses  on  low-boom 
vehicle  concepts.  NASA  Langley-developed  low-boom  models  for  cruise  Mach  numbers  of  2 
and  3 were  tested  in  the  9x7-foot  tunnel.  The  geometry  of  the  Mach  2 model  included  flow- 
through nacelles,  which  increased  the  complexity  of  the  computational  model  significantly.  A 
multi-block  grid,  shown  below,  was  generated  for  this  body  and  solutions  are  being  run  to 
correlate  with  the  wind  tunnel  data. 
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LOW-BOOM  MODEL  INVESTIGATION 


A preliminary  result  has  been  obtained  for  the  Mach  2 cruise  condition  on  a geometry  that 
included  only  the  wing  and  fuselage.  The  front  half  of  the  signature  is  seen  to  correlate  fairly 
well  with  the  data,  but  significant  discrepancies  are  apparent  on  the  rear  half.  The  large 
expansion  and  trailing  shocks  in  the  data  are  thought  to  be  due  to  the  sting  and  strain  gauge 
disturbances,  which  were  not  modeled  computationally.  Further  investigations  are  in 
progress  to  understand  this  result  fully.  Solutions  will  be  obtained  with  blocked,  flow-through, 
and  power-on  nacelles  also. 


MACH  2 LOW-BOOM  MODEL 

Sonic  Boom  at  H/L  = 1 
M = 2 a = 0.69 
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CURRENT  RESEARCH  OBJECTIVES 


As  mentioned  earlier,  attention  is  now  being  turned  to  higher-order  effects  on  sonic  boom. 
This  research  includes  the  effect  of  the  propulsion  system,  which  impacts  the  sonic  boom 
through  flow  blockage  from  the  pylons  and  nacelles,  inlet  spillage,  and  the  exhaust  plume. 
The  SA-1 150  model  will  be  used  to  investigate  the  effect  of  nacelle  placement,  while 
computational  studies  are  underway  at  NASA  Langley  to  assess  the  plume  effects. 

Economic  viability  is  another  major  thrust  now  being  addressed.  This  is  being  pursued 
through  simultaneous  aerodynamic  optimization  and  sonic  boom  minimization.  Recognizing 
that  supersonic  flight  over  land  is  useful  only  if  the  resulting  vehicle  is  efficient,  these  two 
disciplines  need  to  be  linked  during  the  design.  The  flow  chart  below  demonstrates 
conceptually  how  to  proceed  toward  a design  that  derives  the  highest  aerodynamic  efficiency 
from  a vehicle  that  also  achieves  desired  sonic  boom  levels.  The  CFD  solution  is  used  both 
to  predict  the  aerodynamics  and  sonic  boom.  Then,  a gradient-type  optimizer  perturbs  a 
parameter  space  defining  the  vehicle  geometry  to  reduce  the  objective  function  (for  example, 
a combination  of  sonic  boom  loudness  and  drag-to-lift  ratio).  The  new  geometry  is  generated 
and  the  iteration  loop  continues.  A good  baseline  configuration  is  desirable  because  of  the 
computational  expense  involved  in  this  procedure.  J 

The  successful  conclusion  of  this  effort  will  yield  several  valuable  products.  First,  a proof-of- 
concept  configuration  will  be  obtained  which  demonstrates  good  aerodynamic  efficiency  and 
achieves  target  sonic  boom  levels.  Also,  a base  of  knowledge  about  propulsion  system 
effects  and  integration  will  be  developed.  Finally,  validated  codes  will  be  produced  that  will 
be  available  to  impact  the  HSCT  design. 


SONIC  BOOM  MINIMIZATION  LOOP 


V - J 
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SUMMARY 


To  summarize  the  sonic  boom  prediction  effort  thus  far,  we  can  state  that  code  validation 
studies  are  complete  and  the  numerical/physical  modeling  requirements  are  well 
understood.  Currently,  efforts  are  being  focused  on  low-boom  model  development  and 
verification,  along  with  an  investigation  of  propulsion  system  effects  on  optimized  models.  A 
major  milestone  in  the  upcoming  year  will  review  progress  toward  a low-boom  design  that 
has  good  aerodynamic  efficiency. 

It  should  also  be  noted  that  both  NASA  Ames  and  NASA  Langley  Research  Centers  will  be 
using  the  HSCT  as  a demonstration  problem  for  multidisciplinary  numerical  analysis  on 
massively  parallel  computers  under  the  High  Performance  Computing  and  Communications 
Program  (HPCCP).  The  advances  in  design  methodology  sought  in  this  program  will  be  of 
significant  and  direct  benefit  to  the  HSRP  effort. 


— — > 

SUMMARY 


• CFD  validation  complete 


• Follow-on  research  In  progress: 
Complex  geometry 
Propulsion  effects 
Optimization 


• Major  milestone  to  meet  in  early  CY92 

• HPCCP  to  contribute 
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FUTURE  RESEARCH 


Several  avenues  merit  further  exploration.  Regardless  of  low-boom  designs,  many 
operational  issues  for  supersonic  aircraft  must  be  addressed.  Some  of  these  are  the 
prediction  of  off-track  booms,  which  generally  receive  little  attention  but  may  be  significant. 
Also,  superbooms  generated  during  acceleration  and  climbout  may  endanger  structures  in 
their  path,  and  atmospheric  focusing  and  refraction  may  affect  the  availability  of  supersonic 
corridors.  Nonlinear  analysis  can  be  brought  to  bear  upon  these  phenomena. 

Looking  beyond  the  current  HSCT  development  cycle  opens  up  the  possibility  of  advanced 
concepts  in  supersonic  vehicles  that  are  best  investigated  computationally  until  a promising 
design  emerges.  The  use  of  oblique  wings,  canards,  and  unconventional  nacelle 
installations  may  offer  improved  sonic  boom  performance  with  superior  aerodynamics  as 
well. 


. > 

POTENTIAL  FUTURE  RESEARCH 

• Off-track  boom  prediction 

• Maneuvering  booms 

• Caustics 

• Advanced  concepts 
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The  pressure  pulse  on  the  ground  accompanying  supersonic  overflights  is 
popularly  known  as  a "sonic  boom."  It  differs  significantly  from  the  pressure 
pulse  accompanying  subsonic  overflights  in  that  it  typically  contains  two 
shocks  (front  and  rear).  These  shocks  are  audible,  and,  due  to  their  impulsive 
nature  and  rapid  onset,  can  often  times  be  startling  and  annoying.  To  a first 
approximation,  the  annoyance  caused  by  these  shocks  constitutes  the  current 
sonic  boom  "problem"  for  supersonic  commercial  transports. 

Theoretically,  it  is  not  necessary  to  have  shocks  reach  the  ground  for 
supersonic  overflight.  Techniques  that  carefully  control  the  growth  of  aircraft 
volume  and  lift  can  be  employed  to  eliminate  the  shocks.  The  primary 
drawback  to  these  techniques  is  the  fact  that  they  typically  require  long, 
slender  bodies  outside  the  range  of  feasible  structures  for  todays  technology. 
The  audible  sonic  boom,  then,  is  a fallout  of  current  technology,  and  not  a 
necessity  of  supersonic  flight. 

Technology  will  eventually  advance  to  the  point  where  shockless  booms  are 
feasible  for  commercial  supersonic  aircraft,  opening  up  large  portions  of  the 
commercial  air  transport  market  that  are  currently  landlocked  to  supersonic 
aircraft,  and  creating  a significant  business  opportunity  for  those  who  are 
poised  to  exploit  the  new  technology.  For  this  reason  it  is  important  to 
continue  sonic  boom  minimization  research,  even  in  the  face  of  considerable 
skepticism. 


THE  SONIC  BOOM 
“BIG  PICTURE” 


• AUDIBLE  SONIC  BOOM  IS  A FALLOUT  OF  CURRENT  TECHNOLOGY  - NOT  A 
NECESSITY  OF  SUPERSONIC  FLIGHT 

• TECHNOLOGY  WILL  EVENTUALLY  ENABLE  SHOCKLESS  BOOMS 

• INCORPORATION  OF  LOW-BOOM  TECHNOLOGY  INTO  2ND  GENERATION  SST: 

- DESIRABLE....YES 

- FEASIBLE ??? 

• LOW-BOOM  TECHNOLOGY  EVENTUALLY  = $$$ 
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The  current  low-boom  technology  is  focussed  on  shaping  the  pressure  pulse 
so  as  to  minimize  those  aspects  that  most  contribute  to  the  loudness  of  the 
boom,  primarily  the  shock  strengths.  Pioneering  work  by  Seebass  and  George 
in  the  early  1970's1  showed  that  a body  of  revolution  could  be  defined  to 
generate  a specified  sonic  boom  shape  that  minimized  the  shock  strength, 
maximum  overpressure,  or  the  impulse  of  the  waveform.  This  body  of 
revolution  can  then  be  approximated  with  wing/body  configurations  by 
matching  the  equivalent  area  distribution  with  the  proper  control  of  aircraft 
volume  and  lift.  This  process  has  been  formalized  into  a computer  program 
by  Darden  called  SEEB.2 

The  SEEB  code  is  the  most  widely  used  tool  for  sonic  boom  minimization 
today.  It  has  proven  to  be  a powerful  tool  for  designing  low-boom 
configurations  and  has  led  to  the  design  of  several  sonic  boom  wind  tunnel 
models.  Some  of  the  limitations  of  the  SEEB  code  include  a restriction  to  two 
basic  waveform  types  (front  shock  and  overpressure  minimized),  and  a lack 
of  adequate  treatment  of  off-track  waveforms  (SEEB  only  addresses  the 
under  track  waveform). 


CURRENT  LOW-BOOM 
TECHNOLOGY 

WAVEFORM  SHAPING 


• CURRENT  ACTIVITY  CENTERS  ON  AREA  DISTRIBUTIONS  FROM 
SEEB  COMPUTER  CODE  (SEEBASS/GEORGE  SCHEME) 

- GOOD  STARTING  POINT  (IT  WORKS) 

- LIMITED  IN  PARAMETER  SPACE 

- LIMITED  TO  UNDERTRACK  WAVEFORM 


The  choice  of  Mach  number  for  a low-boom  aircraft  is  crucial  to  the  success  of 
the  resultant  design.  The  physics  of  waveform  shaping  require  vastly 
different  combinations  of  shapes  and  weights  to  achieve  similar  loudness 
levels  on  the  ground.  The  figure  below  shows  the  theoretical  beginning  of 
cruise  weight  allowable  for  low-boom  configurations  vs.  design  Mach 
number  for  the  two  classes  of  waveforms  to  achieve  equal  loudness  levels. 
Two  things  are  immediately  evident;  higher  Mach  numbers  severely  limit 
the  weight  of  low-boom  aircraft,  and  the  flat-top  (overpressure  minimized) 
waveform  is  much  more  restrictive  than  the  front  shock  minimized 
waveform,  particularly  at  lower  Mach  numbers. 


MACH  NUMBER  IMPACT  ON  GROSS  WEIGHT 


EQUAL  LOUDNESS  CURVES 
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EQUIVALENT  AREA  (ft2) 


The  choice  of  Mach  number  strongly  impacts  the  shape  of  the  low-boom 
aircraft  as  well  as  the  weight.  Shown  below  are  equivalent  areas  of  equal 
loudness  for  three  Mach  numbers;  1.6,  2.2,  and  3.2.  Whereas  the  previous 
figure  showed  a clear  advantage  to  designing  for  lower  Mach  numbers,  in  this 
figure  it  can  be  seen  that  the  equivalent  area  distribution  required  at  Mach  1.6 
is  much  more  slender  than  that  required  at  Mach  2.2  or  3.2.  This  can  cause 
problems  in  several  areas  including  structures,  payload  capability,  and 
balance.  This  figure,  coupled  with  the  previous  one,  illustrates  some  of  the 
trade-offs  involved  in  choosing  a design  Mach  number  for  low-boom  aircraft. 
The  best  low-boom  design  is  one  that  represents  the  optimum  compromise 
between  all  of  the  various  parameters. 


EQUAL  LOUDNESS  EQUIVALENT  AREAS 


Based  on  some  of  the  data  shown  previously,  Douglas  Aircraft  conducted 
low-boom  configuration  studies  under  the  1990  NASA  contract  with  a mixed 
Mach  number  configuration  flying  at  Mach  1.6  overland  and  Mach  3.2 
overwater.  Mach  1.6  was  chosen  overland  based  on  sonic  boom  criteria 
(primarily  weight  considerations)  for  a front  shock  minimized  waveform, 
and  Mach  3.2  was  chosen  overwater  to  maintain  the  maximum  level  of 
productivity  possible.  The  initial  cruise  weight  and  altitude  were  set  at  669,000 
lb.  and  42,000  ft.  respectively.  Internal  SEEB  parameters  include  a nose 
bluntness  ratio  of  0.1,  secondary  pressure  rise  ratio  of  0.7,  and  front/ rear  shock 
ratio  of  1.0. 

The  sonic  boom  goal  for  1990  is  to  achieve  a Stevens'  MkVII  perceived 
loudness3  level  of  90  PLdB  undertrack  at  the  beginning  of  cruise.  The  MkVII 
loudness  metric  is  appropriate  for  high-energy,  impulsive  sounds  and  has 
been  proven  accurate  for  estimating  and  tracking  human  subjective  response 
to  sonic  booms,  including  shaped  booms.4 


DAC 1990  CRAD  DESIGN 


• MACH  1 .6  OVERLAND  / MACH  3.2  OVERWATER  (30  % OVERLAND  MISSION) 

• 669,000  lb.  BEGINNING  OF  CRUISE  WEIGHT 

• 42,000  ft.  BEGINNING  OF  CRUISE  ALTITUDE 

• SEEB  PARAMETERS: 

- NOSE  BLUNTNESS  (Yf/L)  = 0.1 

- SECONDARY  PRESSURE  RISE  = 0.7 

- FRONT/REAR  SHOCK  RATIO  = 1 .0 


SONIC  BOOM  DESIGN  GOAL  - STEVENS  MkVII  LOUDNESS  < 90  PLdB 


By  the  end  of  the  contract  work  period  a low-boom  configuration  was  defined 
to  meet  the  desired  sonic  boom  goals.  The  configuration,  shown  below,  is  355 
ft.  long,  and  carries  286  passengers  mixed  class.  The  beginning  of  cruise, 
undertrack  sonic  boom  (also  shown)  has  a perceived  loudness  of  89  PLdB,  1 
dB  under  the  design  goal.  The  desired  front  shock  minimized  shape  was 
achieved  in  the  front  portion  of  the  waveform  with  a 0.6  psf.  front  shock. 
Some  weak  shocks  persisted  in  the  middle  of  the  waveform.  These  shocks 
slightly  increase  the  loudness  of  the  boom. 

Salient  characteristics  of  the  low-boom  aircraft,  named  the  SB14,  include  a 
high  sweep  wing  to  generate  the  desired  lift  distribution,  two  aft  mounted 
engines  to  smooth  the  volume  distribution,  and  wing  tips  extending  beyond 
the  aft  fuselage  to  smooth  the  transition  back  to  free  stream  flow.  It  is  also 
worthy  to  note  that  the  SB14  has  no  horizontal  tail. 


SONIC  BOOM  STATUS 

SEPT.  1990 


MACH  3.2  OVERWATER/  MACH  1.6  OVERLAND 
286  PASSENGERS 
355  FT.  LENGTH 
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The  overall  performance  of  the  SB14  suffers  from  poor  low-speed 
aerodynamic  characteristics,  poor  wing  structural  qualities  , and  balance  (high 
speed  trim)  problems.  The  figure  below  shows  that  the  mission  range  is  3150 
n.mi.  for  a beginning  of  cruise  weight  of  669,000  lb.,  roughly  half  of  the  6500 
n.mi.  baseline  design  goal.  Unlike  most  aircraft,  the  SB14  cannot  be  sized  up 
to  increase  the  range  because  the  sonic  boom  design  point  must  be  strictly 
adhered  to. 


PERFORMANCE  AND  SIZING 

RESULTS 


RANGE  (N  Ml) 
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Several  configuration  modifications  have  been  identified  for  the  SB14  to 
improve  its  overall  performance.  These  modifications  focus  on  bringing 
down  the  weight  of  the  wing  and  improving  the  low  speed  aerodynamics  and 
high  speed  trim  characteristics.  Two  of  the  potential  modifications  are  shown 
below.  Alternate  A represents  a minimum  planform  change  approach  where 
the  inner  wing  box  is  modified  and  the  inboard  trailing  edge  is  extended  in 
conjunction  with  mounting  the  two  aft  engines  on  a vee-tail.  Alternate  B 
represents  a more  drastic  modification  where  the  outer  wing  panel  is 
unswept,  the  outboard  wing  chord  is  increased,  and  a large  chord  inboard 
wing  box  is  incorporated  along  with  the  modifications  of  Alternate  A.  It  is 
believed  that  these  modifications  can  bring  the  performance  of  the  low-boom 
aircraft  back  up  to  par  with  the  baseline  standard. 


POTENTIAL  CONFIGURATION 

MODS 


• INBOARD  AFT  ENGINES  ELEVATED  ON 
AFT  VEE  TAIL 


I 


• LARGE  CHORD  INBOARD  WING  BOX 

• INBOARD  AFT  ENGINES  ELEVATED  ON 

AFT  VEE  TAIL 
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EQUIVALENT  AREA,  FT2 


The  configuration  modifications  shown  in  the  previous  figure  can  be 
incorporated  with  little  to  no  impact  on  the  sonic  boom  if  they  are 
implemented  carefully.  In  the  figure  below  two  equivalent  area  distributions 
are  shown.  Both  represent  ground  waveforms  less  than  or  equal  to  the  90 
PLdB  goal.  One  of  the  area  distributions  was  generated  for  a nose  bluntness 
factor  of  0.10  corresponding  to  the  1990  design  point.  The  other  area 
distribution  was  generated  with  a nose  bluntness  factor  of  0.0.  The  shaded 
area  between  the  two  curves  represents  the  estimated  area  increase  from  the 
modifications  shown  previously  for  Alternate  A.  By  increasing  the  nose 
bluntness  (decreasing  the  factor)  it  is  possible  to  incorporate  the  desired 
configuration  modifications  with  little  to  no  sonic  boom  penalty. 


EQUIVALENT  AREA  MATCHING 
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The  previous  figure  showed  that  it  is  possible  to  incorporate  the  desired 
modifications  to  the  SB14  wing  by  increasing  the  nose  bluntness  of  the 
configuration.  The  corresponding  increase  in  wave  drag  from  such  an 
increase  is  shown  in  the  table  below.  By  changing  the  nose  bluntness 
parameter  (Yf)  from  0.10  to  0.0  the  wave  drag  is  increased  by  13.7%  which  in 
turn  decreases  the  L/Dn\ax  from  8.576  to  8.446  (1.52%).  This  represents  a 
minimal  aerodynamic  impact  and  is  not  significant  compared  to  the  potential 
weight  savings  that  can  be  achieved  through  implementing  the  planform 
changes  mentioned  previously.  These  studies  indicate  that  the  performance 
of  the  SB14  can  be  brought  up  to  the  baseline  standard  with  minimal  changes 
to  the  sonic  boom  levels  and  the  aerodynamic  drag. 


IMPACT  OF  NOSE  BLUNTNESS 
ON  AERODYNAMIC 
CHARACTERISTICS 


Yf 

Cdwave 

A Cdwve 
(%) 

Cdmin(tot) 

L/Dmax 

AL/Dmax 

(%) 

0.10 

.001373 

0.0 

.00707 

8.576 

0.0 

0.05 

.001430 

4.2 

.00712 

8.555 

-0.24 

0.00 

.001561 

13.7 

.00723 

8.446 

-1.52 

It  was  mentioned  earlier  that  the  SEEB  code  is  limited  to  undertrack 
waveforms.  This  is  not  usually  considered  to  be  a serious  limitation  because 
for  most  aircraft  the  sonic  boom  levels  decrease  off-track,  primarily  because  of 
the  increased  attenuation  realized  over  greater  propagation  distances.  The 
plot  shown  below  of  loudness  level  vs.  off-track  distance  at  the  beginning  of 
cruise  indicates  that  this  is  not  the  case  for  the  SB14.  The  off-track  boom 
reaches  a peak  level  of  92.7  PLdB  before  attenuating  out  to  the  cutoff  value  of 
86.5  PLdB  on  the  edge  of  the  carpet.  This  atypical  increase  in  off-track  levels  is 
the  result  of  a lack  of  attention  to  off-track  area  growth  during  the  initial 
design  stage  for  the  SB14.  Currently  no  methodology  exists  for  minimizing 
off-track  booms,  though  it  is  clearly  prescribed  by  results  such  as  these. 


Loudness  Level  vs.  Off-Track  Distance 


Off-track  Distance  (miles) 


SUMMARY 


• CURRENT  EFFORTS  LIMITED  TO  SEEB  CODE,  EXTENSIONS  OF 
PARAMETER  SPACE  MAY  BE  USEFUL 

• SEEB  F-FUNCTION  AND  DESIGN  PARAMETERS  EXERT 
CONSIDERABLE  INFLUENCE  ON  AIRCRAFT  GEOMETRY 

• 1990  STUDY  AIRCRAFT  MEETS  LOW  BOOM  CRITERIA 
UNDERTRACK  BUT  HAS  UNACCEPTABLE  PERFORMANCE 

• PLANFORM  AND  STRUCTURAL  MODS  APPEAR  FEASIBLE  TO 
ENHANCE  PERFORMANCE 

• OFF-TRACK  LEVELS  MUST  BE  MONITORED  AND  CONTROLLED 
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FINAL  THOUGHT 


QUESTION  IS  NOT  JF  LOW-BOOM  AIRCRAFT  CAN  BE  DESIGNED, 
BUT  RATHER  WHEN  IT  WILL  BE  DESIGNED, 

AND  WHEN  WILL  THE  TECHNOLOGY  BE  AVAILABLE. 
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TRUE  FINAL  THOUGHT 
(I  PROMISE) 


" IF  YOU  THINK  ABOUT  ANYTHING  LONG  ENOUGH 
SOMETHING  IS  BOUND  TO  POP  INSIDE  YOUR  HEAD 

BESIDES  A COLD" 

- VIN  SCULLY 
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INTRODUCTION 


The  environmental  impact  of  a next  generation  fleet  of  high-speed  civil  transports  (HSCT)  is  a 
great  concern  in  the  evaluation  of  the  commercial  development  of  such  a transport.  One  of  the  potential 
environmental  impacts  of  a high  speed  civilian  transport  is  the  sonic  boom  generated  by  the  aircraft  and  its 
effects  on  the  population,  wildlife,  and  structures  in  the  vicinity  of  its  flight  path.  If  an  HSCT  aircraft  is 
restricted  from  flying  overland  routes  due  to  excessive  booms,  the  commercial  feasibility  of  such  a venture 
may  be  questionable. 


NASA  has  taken  the  lead  in  evaluating  and  resolving  the  issues  surrounding  the  development  of  a 
high  speed  civilian  transport  through  it  High-Speed  Research  Program  (HSRP). 


The  present  paper  discusses  the  usage  of  a Computational  Fluid  Dynamics  (CFD)  nonlinear  code  in 
predicting  the  pressure  signature  and  ultimately  the  sonic  boom  generated  by  a high  speed  civilian 
transport. 

NASA  has  designed,  built,  and  wind  tunnel  tested  two  low  boom  configurations  for  flight  at  Mach 
2 and  Mach  3 (see  Ref.  1).  Experimental  data  was  taken  at  several  distances  from  these  models  up  to  a 
body  length  from  the  axis  of  the  aircraft.  The  near  field  experimental  data  serves  as  a test  bed  for 
computational  fluid  dynamic  codes  in  evaluating  their  accuracy  and  reliability  for  predicting  the  behavior  of 
future  HSCT  designs. 


Sonic  boom  prediction  methodology  exists  which  is  based  on  modified  linear  theory.  These 
methods  can  be  used  reliably  if  near  field  signatures  are  available  at  distances  from  the  aircraft  where 
nonlinear  and  three  dimensional  effects  have  diminished  in  importance.  Up  to  the  present  time,  the  only 
reliable  method  to  obtain  this  data  was  via  the  wind  tunnel  with  costly  model  construction  and  testing. 


It  is  the  intent  of  the  present  paper  to  apply  a modified  three  dimensional  Euler  code  to  predict  the 
near  field  signatures  of  the  two  low  boom  configurations  recently  tested  by  NASA. 


APPROACH 


In  order  to  compute  the  supersonic  flow  field  about  a configuration,  a three  dimensional  Euler  code 
called  MIM3D  (Multigrid-Imphcit-Marching)  was  modified  to  accommodate  the  unique  prediction  of  sonic 
boom  signatures  below  and  aft  of  an  aircraft  configuration.  The  numerical  scheme  is  based  on  a Jameson 
type  finite  volume  vertex  Runge-Kutta  scheme  (Ref.2).  Further  documentation  of  the  present  method  as 
applied  to  high  speed  flows  can  be  found  in  Refs.  3 and  4. 

The  three  dimensional  unsteady  Euler  equations  are  solved  using  an  implicit  marching  technique. 
Stability  and  smooth  shocks  are  maintained  with  the  addition  of  second  and  fourth  order  dissipation.  The 
steady  state  solution  at  each  marching  plane  is  obtained  using  an  explicit  multi-stage  Runge-Kutta  time 
integration  scheme  with  local  time  stepping  and  implicit  residual  smoothing  to  accelerate  convergence.  To 
further  accelerate  convergence  to  a steady  state  solution  in  each  marching  plane,  a multigrid  scheme  can 
also  be  applied  in  the  crossflow  plane. 

The  solution  is  started  at  the  apex  of  the  configuration  by  assuming  a small  conical  nose  cap  based 
on  the  geometry  of  the  configuration  at  the  first  step.  The  unique  aspects  of  this  technique  is  that  it  is  very 
fast  and  requires  very  little  memory  for  large  grids. 

The  sonic  boom  version  of  this  code  called  MIM3DSB  has  been  modified  to  retain  accuracy  for 
sonic  boom  computations.  Unlike  aerodynamic  computations,  where  only  accurate  surface  data  needs  to 
be  predicted,  sonic  boom  computations  require  accuracy  in  the  field  below  and  aft  of  the  aircraft.  For 
example,  to  predict  a pressure  signature  just  one  body  length  below  an  HSCT  flying  at  Mach  3,  the 
computation  must  be  carried  out  with  sufficient  accuracy  to  3 body  lengths  aft  of  the  end  of  the 
configuration.  Since  the  same  number  of  grid  points  normal  to  the  body  are  available,  a loss  in  resolution 
occurs  as  the  computation  proceeds  aft  of  the  end  of  the  vehicle. 

Some  of  the  key  modifications  incorporated  into  the  present  method  to  retain  accuracy  are  as 
follows: 

- adaptive  outer  grid  boundary  that  automatically  senses  the  bow  shock  wave  and  adapts  the 

grid 


- downstream  boundary  that  corresponds  to  the  ffeestream  Mach  cone 


- multiblock  grid  that  allows  for  a switch  from  a wing-body  type  grid  with  a slit  for  wake 
matching  to  a simple  polar  grid  aft  of  the  configuration 


- sonic  boom  pressure  signature  output  at  user  specified  distances  below  the  aircraft.  These 
signatures  can  then  be  extrapolated  to  the  ground  using  sonic  boom  extrapolation  methods. 

The  present  sonic  boom  Euler  code  has  been  applied  to  axisymmetric  projectiles  and  wing-body 
configurations  in  Ref.  5. 
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Figure  1 shows  a side  view  of  a typical  grid  topology  used  in  the  present  Euler  code  for  the  Mach  3 
low  boom  configuration.  The  aircraft  is  extended  with  a sting.  In  this  case,  the  sting  represents  the  actual 
sting  used  to  support  the  model  in  the  wind  tunnel.  The  sting  then  terminates  in  a Mach  cone  surface 
where  freestream  boundary  conditions  are  applied.  The  grid  is  then  restricted  to  lie  between  the  outer 
boundary  just  outside  the  bow  wave  and  a downstream  Mach  surface.  The  outer  boundary  is 
progressively  adapted  to  the  shape  of  the  bow  wave  by  the  computation.  Essentially,  the  outer  boundary 
is  part  of  the  solution.  To  compute  a pressure  signature  at  just  one  body  length  normal  to  the  axis  of  the 
Mach  3 aircraft,  the  computation  must  be  carried  out  3 to  4 body  lengths  aft  of  the  aircraft.  As  illustrated 
by  Figure  1,  if  die  grid  topology  was  extended  to  the  axis  of  the  aircraft,  a loss  of  accuracy  of  the  solution 
would  occur  due  to  the  increase  in  distance  from  the  aircraft  axis  to  the  outer  grid  boundary  as  the 
computation  proceeded  downstream. 


Figure  1 Side  View  of  Grid  Topology  Used  For  Sonic  Boom  Computations 
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Figure  2 shows  the  overall  grid  topology  for  the  Mach  3 low  bow  configuration.  A typical  stacked 
crossflow  plane  grid  topology  is  used  over  the  aircraft.  At  the  end  of  the  wing,  the  grid  is  switched  to  a 
new  block  with  a polar  grid  containing  the  sting.  Hence,  the  computation  is  performed  using  two  grid 
blocks.  One  contains  the  aircraft,  and  the  second  block,  the  sting  and  Mach  surface.  The  furthest  distance 
downstream  at  which  the  computation  remains  valid  is  determined  by  the  length  of  the  sting  extension. 
This  occurs  because  the  sting  effects  the  strength  of  the  tail  shock.  If  the  sting  is  too  short,  the  Mach 
surface,  where  artificial  ffeestream  boundary  conditions  are  imposed,  will  effect  the  formation  of  the  tail 
shock.  Typically,  the  length  of  the  sting  varied  by  a half  to  one  aircraft  length.  This  allowed  for 
computations  of  pressure  signatures  from  one  to  three  body  lengths  normal  to  the  aircraft  axis.  The  length 
of  the  sting  also  effects  accuracy  for  a given  grid  resolution.  As  the  sting  is  made  longer,  and  distance 
between  outer  boundary  and  Mach  surface  increases  causing  a loss  in  accuracy  given  die  same  number  of 
mesh  points. 


Figure  2 Three  Dimensional  View  of  Sonic  Boom  Grid  Topology 
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Figure  3 shows  the  geometry  and  computed  aft  pressure  contours  at  Moo  = 3.0,  a = 1.97°  for 
NASA's  Mach  3 low  boom  configuration.  The  Mach  3 model  has  a needle  nose  and  a highly  swept  wing 
which  cranks  to  a supersonic  leading  edge.  The  cranked  wing  generates  a strong  shock  as  indicated  by  the 
isobars.  The  fuselage  is  also  fitted  to  a sting  where  a shock  at  the  attachment  point  to  the  sting  is  also 
indicated  by  the  isobars.  As  mentioned  earlier,  the  solution  is  carried  out  on  two  mesh  blocks.  The 
resolution  of  the  mesh  block  containing  the  aircraft  was  (89  x 91)  in  the  crossflow  plane  with  106 
marching  steps.  The  resolution  of  the  second  block  was  (95  x 95)  by  127  marching  steps  for  a 
computation  carried  out  to  three  body  lengths  normal  to  the  aircraft  axis  or  12  body  lengths  downstream  of 
the  aircraft.  The  second  block  does  not  use  a fixed  axial  step  size  but  a stretching  function  that  gradually 
increases  the  step  size.  The  axial  step  size  far  downstream  can  be  as  much  as  one-half  the  aircraft  body 
length.  Hence,  approximately  850,000  points  were  used  to  compute  the  flow  in  the  vicinity  of  the  aircraft 
and  approximately  1.1  million  points  were  used  to  compute  the  flow  to  15  body  lengths  downstream  of  the 
aircraft. 


Figure  3 NASA's  Mach  3 Low  Boom  Configuration 
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Figure  4 shows  the  near  field  computed  pressure  contours  for  the  Mach  3 configuration  at  Moo  = 
3.0,  a = 1.97°.  The  symmetry  plane  and  back  plane  contours  are  both  illustrated.  The  bow  shock  is 
clearly  evident.  The  contours  are  relatively  clean  in  the  symmetry  plane  up  to  the  aft  end  of  the  aircraft.  In 
this  region,  several  shocks  begin  to  appear.  The  sting  attachment  shock  and  a strong  shock  around  the 
leading  edge  of  the  wing  due  to  the  wing  crank. 


Figure  4 Near  Field  Pressure  Contours  for  the  Mach  3 Configuration 
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Figure  5 shows  the  computed  symmetry  plane  pressure  contours  for  the  Mach  3 configuration  at 
Moo  = 3.0,  a = 1.97°.  In  this  figure,  the  sting  is  shown  which  is  almost  an  aircraft  length  in  size. 
Towards  the  aft  end  of  the  aircraft,  the  contour  of  the  fuselage  produces  a large  expansion  terminated  in  a 
shock  at  the  sting  attachment  point.  A wing  trailing  edge  shock  may  also  occur  but  is  not  evident  in  the 
isobars. 


Figure  5 Symmetry  Plane  Pressure  Contours  for  the  Mach  3 Configuration 
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Figure  6 dramatically  displays  the  sonic  boom  computation  and  the  complexity  of  the  flow  field 
downstream  of  the  aircraft.  The  computed  isobars  are  shown  in  a plane  at  the  end  of  the  sting.  In  the 
leeward  part  of  this  plane,  a strong  shock  is  shown.  This  is  probably  the  coalescence  of  the  wing  trailing 
edge  shock  and  sting  attachment  shock.  On  the  windward  side,  the  situation  is  less  clear  and  clearly  more 
complex.  A strong  shock  occurs  due  to  the  wing  crank  and  expansion  due  to  the  wing  tip.  It  is  interesting 
to  note  that  the  circular  isobars  just  to  the  right  and  left  of  the  sting  are  vortices  generated  by  the  wing  tips. 


Figure  6 Near-Field  Downstream  Pressure  Pattern  of  the  Mach  3 Configuration 
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Figure  7 further  illustrates  the  sonic  boom  computation  for  the  Mach  3 configuration  flying  at  Moo 

= 3.0,  a = 1 .97°.  In  this  figure,  three  downstream  planes  are  shown  with  their  computed  isobar  pressure 
patterns. 


Figure  7 Propagation  of  Midfield  Downstream  Pressure  Patterns  for  the  Mach  3 Configuration 
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Figure  8 shows  the  geometry  and  computed  back  plane  isobars  at  3VL,  = 2.0,  a = 0.67°  for  the 
NASA  Mach  2 low  boom  configuration.  This  configuration  has  a flat  platypus  nose  which  is  blunt  in 
planeform.  Several  shocks  are  illustrated  in  the  back  plane  isobar  pattern  including  wing  trailing  edge  and 
wing  crank  shocks.  The  computation  was  performed  on  a 89  x 91  crossflow  plane  grid  by  104  steps  for 
the  aircraft.  The  resolution  of  the  second  grid  block  was  95  x 95  with  116  marching  steps  to  carry  the 
computation  out  to  10  body  lengths  downstream  of  the  aircraft.  Hence,  both  the  Mach  2 and  Mach  3 
configurations  required  about  2 million  points  to  achieve  signatures  three  body  lengths  normal  to  the 
aircraft  axis. 


Figure  8 NASA's  Mach  2 Low  Boom  Configuration 
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Figure  9 shows  the  computed  isobars  for  the  Mach  2 configuration  at  Moo  = 2.0,  a = 0.67°.  The 
symmetry  plane  and  back  crossflow  plane  pressure  patterns  are  illustrated.  The  strong  attached  shock 
generated  by  the  supersonic  leading  edge  crank  of  the  wing  is  clearly  shown.  The  leeward  isobars  in  the 
back  plane  clearly  shows  the  trailing  edge  shock  of  the  wing. 


Figure  9 Near  Field  Pressure  Contours  for  the  Mach  2 Configuration 
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Figure  10  shows  the  symmetry  plane  contours  for  the  Mach  2 configuration  extending  about  one 
aircraft  length  behind.  A strong  trailing  edge  shock  is  shown  in  the  leeward  plane.  There  are  possibly  two 
shocks  shown  in  the  windward  plane,  neither  of  which  extend  very  far  into  the  field  below  the  aircraft  in 
comparison  to  the  leeward  plane. 


Figure  10  Symmetry  Plane  Pressure  Contours  for  the  Mach  2 Configuration 
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Figure  1 1 shows  the  computed  isobars  in  two  planes  aft  of  the  Mach  2 configuration  indicating  the 
complex  flow  pattern  generated  by  the  aircraft.  The  leeward  trailing  edge  shock  is  shown  and  the  wing 
crank  leading  edge  shock.  The  wing  crank  shock  does  not  appear  to  extend  to  the  windward  symmetry 
plane. 


Figure  1 1 Propagation  of  Downstream  Pressure  Pattern  of  Mach  2 Configuration 
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Two  sets  of  computations  for  each  configuration  were  carried  out  with  the  same  grid  density  except 
with  different  length  stings.  One  set  of  computations  had  a sting  one  half  of  the  aircraft  length  and  the 
other  with  .8  of  an  aircraft  length.  The  longer  sting  reduced  the  resolution  somewhat  because  it  increases 
the  spatial  distance  between  the  outer  boundary  and  downstream  Mach  cone  boundary  given  a fixed 
number  of  grid  points.  The  longer  sting  allowed  for  obtaining  solutions  for  pressure  signatures  up  to  three 
body  lengths  normal  to  the  aircraft  axis.  The  shorter  sting  gave  valid  solutions  for  one  body  length. 

Figure  12a  shows  the  computed  pressure  signatures  very  close  to  the  body  at  h li  = 0.17  and  0.50  where 
the  nondimensionalizing  length  i was  taken  to  be  300  feet  for  both  Mach  2 and  Mach  3 configurations.  At 
h ji  = 0.17,  a strong  bow  shock  overpressure  occurs  followed  by  a relatively  flat  signature  until  the  back 
end  of  the  aircraft.  An  expansion  occurs  due  to  the  shape  of  the  fuselage  followed  by  a single  shock  due 

to  the  sting  attachment  or  wing  trailing  edge  or  both.  The  signature  decays  very  rapidly  to  h U = 0.50. 
Figure  12b  shows  the  effect  of  the  sting  length  on  the  computed  pressure  signatures  below  the  two 
configurations  at  one  body  length.  The  pressures  are  plotted  versus  full  scale  coordinates  in  feet.  In  both 
cases  the  first  half  of  the  signature  agrees  well.  The  strength  of  the  shock  just  prior  to  the  rear  expansion 
is  slightly  stronger  in  both  cases  for  the  shorter  sting  with  effectively  higher  resolution.  It  is  interesting  to 
note  that  the  length  of  the  signature  up  to  the  expansion  is  about  one  body  length.  The  overall  length  of  the 
signatures  is  about  1.5  to  2 aircraft  lengths.  The  expansion  and  recompression  occurs  aft  of  the 
configuration.  In  the  Mach  3 signature,  the  Mach  cone  boundary  is  beginning  to  interfere  with  the  solution 
as  indicated  by  the  very  rapid  recompression  of  the  tail  shock. 


Figure  12  Computed  Near  Field  Pressure  Signatures  for  the  Mach  2 and  Mach  3 Configurations 
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Figure  13  shows  the  computed  pressure  signatures  compared  to  recent  wind  tunnel  model  data  (see 
Ref.  1)  for  both  the  Mach  2 and  Mach  3 configurations.  Both  models  were  1/300  scale  or  about  12  inches 
in  length.  The  wind  tunnel  model  data  was  converted  to  full  scale  in  feet  to  compare  to  the  computations. 
The  wind  tunnel  data  was  taken  at  two  different  distances  below  the  aircraft  for  each  configuration.  For 
both  configurations,  good  correlation  with  the  data  is  shown  for  both  distances  for  the  forward  half  of  the 
signature.  At  h II  = 0.5,  the  Mach  2 data  shows  a series  of  shocks  and  expansions  in  the  last  half  of  the 

signature.  The  computation  shows  a single  shock  and  expansion.  At  hji  = 1.0,  slightly  better  correlation 
is  achieved.  The  data  stills  show  a series  of  shocks  and  expansions  with  a final  very  large  expansion  twice 
that  of  the  computation.  Virtually  the  same  type  of  correlation  is  shown  for  the  Mach  3 configuration.  At 
the  present  time,  the  origin  of  these  multiple  shocks  and  large  expansion  shown  on  the  latter  half  of  the 
signature  is  unknown. 


Figure  1 3 Comparison  of  Computed  Near  Field  Pressure  Signatures  to  Wind  Tunnel  Data 
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To  obtain  information  on  the  ground  signature  of  these  two  configurations,  the  method  and 
computer  code  of  Thomas  (Ref.  6)  was  used  to  extrapolate  both  near  field  wind  tunnel  model  data  and 
computations.  The  computer  code  of  Thomas  uses  the  waveform  parameter  method  for  sonic  boom 
extrapolation  which  is  shown  to  be  equivalent  to  the  F-function  method  and  is  based  on  the  same 
fundamental  concepts  from  geometric  acoustics  and  isentropic  wave  theory.  It  is  ideal  for  this  application 
because  it  accepts  as  input  any  height  pressure  signature  data  below  or  to  the  side  of  the  aircraft  and 
accounts  for  atmospheric  effects.  Figure  14  shows  the  extrapolated  ground  signatures  for  both  the 
computed  and  wind  tunnel  data  for  the  Mach  2 configuration  flying  at  55,000  feet.  A reflection  factor  of 
1 .9  was  used  at  the  ground  in  the  Thomas  code.  The  wind  tunnel  data  measured  at  distances  of  one  half 

and  one  body  length  and  computed  results  at  hi  l = 0.50, 1.0  and  3.0  were  extrapolated  to  see  the  effect  of 
nonlinearities  and  three-dimensional  effects  on  the  ground  signatures.  The  initial  overpressure  from  the 
extrapolated  wind  tunnel  data  (Fig.  14b)  varies  between  1.1  and  1.2  lbs/ft2.  The  extrapolated  computed 
signatures  shown  in  Fig.  14a  show  a variation  in  the  initial  overpressure  of  1.15  to  1.25  in  good 

agreement  with  the  wind  tunnel  data.  The  computed  signatures  extrapolated  from  h U - 0.50  and  1.0 
correspond  to  the  shorter  sting  and  slightly  higher  resolution.  These  signatures  show  a secondary  shock  at 
about  300  feet  aft  of  the  initial  overpressure.  The  extrapolated  signature  from  hjl  = 3 does  not  have  this 
secondary  shock  but  shows  a steeper  compression  prior  to  200  feet.  Figure  14c  shows  two  extrapolated 

computations  from  hjl  = 1.0  and  3.0  compared  to  the  wind  tunnel  data  extrapolated  from  h Jl  = 1.0. 
Overall  good  agreement  with  the  wind  tunnel  data  is  achieved.  The  secondary  shocks  and  the  strengths  of 
the  tail  shock  is  not  predicted  well.  , • 

Figure  15  shows  both  the  wind  tunnel  data  and  computed  results  extrapolated  to  the  ground  using 
the  method  of  Thomas  for  the  Mach  3 configuration  flying  at  65,000  feet.  The  wind  tunnel  data  at  both 
measured  distances  below  the  aircraft  are  extrapolated  and  are  shown  in  Fig.  15b.  At  h Jl  = .7,  the  data 
extrapolation  indicates  an  initial  bow  shock  rise  of  about  1.8  lbs/ft2  and  a secondary  shock  rise  to  2.4 
lbs/ft2.  The  extrapolated  ground  signature  from  data  at  hi  l = 1.0  indicates  some  coalescence  with  an  initial 
shock  rise  to  about  1.6  and  a secondary  shock  rise  to  about  1.8  lbs/ft2.  Hence,  for  the  Mach  3 
configuration,  the  extrapolated  ground  signature  is  sensitive  to  the  distance  below  the  aircraft  where  data 
has  been  taken.  Figure  15a  shows  the  ground  signatures  extrapolated  from  the  computed  results  at  several 

locations  below  the  aircraft  corresponding  to  hjl  = 0,5, 1.0  and  3.0.  The  computed  results  at  h jl  = 0.5 

and  1.0  come  from  the  model  with  the  shorter  sting  and  slightly  higher  resolution.  The  hi l = 3.0 
extrapolation  was  for  the  model  with  the  long  sting.  The  initial  shock  rise  is  in  agreement  for  all  these 
extrapolated  signatures.  A small  secondary  shock  occurs  near  the  end  of  the  aircraft  or  at  about  300  feet 
in  the  signature.  This  shock  is  only  predicted  for  the  highly  resolution  signatures.  The  tail  shock  occurs 
further  aft  and  grows  in  strength  as  the  distance  for  extrapolation  increases.  Figure  15c  also  shows  a 

comparison  of  the  extrapolated  signatures  from  wind  tunnel  data  and  computations  at  hjl  = 1.0.  The 
comparison  is  in  good  agreement  except  that  the  wind  tunnel  data  shows  a stronger  secondary  shock  in  a 
different  location  than  the  computation.  Both  indicate  an  initial  shock  rise  of  about  1.6  lbs/ft2.  The  wind 
tunnel  data  shows  a secondary  rise  to  about  1.8  lbs/ft2. 
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Figure  16  shows  the  three-dimensional  computed  pressure  footprint  generated  by  the  Mach  2 
configuration  at  h/f.  =1.0  below  the  aircraft.  The  computed  results  are  from  the  model  using  the  slightly 
longer  sting.  The  pressure  footprint  is  plotted  laterally  out  to  two  aircraft  lengths.  Plotted  to  the  left  of  die 
three  dimensional  footprint  are  pressure  signatures  at  constant  lateral  distances  or  azimuthal  angles  from 

the  centerline  of  the  aircraft.  At  the  first  signature  off  the  axis  (<p  = 14°),  the  effect  of  the  strong  wing 
crank  shock  begins  to  become  prominent  in  the  form  of  a second  shock.  In  the  third  (cp  = 26.6°)  and 

fourth  (q>  = 36.9°)  signatures,  the  first  overpressure  begins  to  diminish  and  the  second  overpressure  due  to 
the  wing  crank  shock  increases  to  an  overpressure  value  greater  than  the  value  of  the  bow  shock 
overpressure  at  the  centerline.  In  addition,  the  large  expansion  due  to  the  wing  tips  also  becomes 
prominent  on  the  off  centerline  signatures. 


Mach  2 


Pressure  Footprint  (H=300  feet) 


Figure  16  Three-Dimensional  Pressure  Footprint  of  the  Mach  2 Aircraft  at  \\U  - 1.0 
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Figure  17  shows  the  same  type  of  plot  for  the  Mach  2 configuration  except  that  the  three- 

dimensional  footprint  corresponds  to  an  h/l  - 3.0  below  the  aircraft.  In  this  figure,  the  footprint  is  plotted 
out  to  a lateral  distance  of  three  aircraft  lengths.  A similar  behavior  of  the  off  axis  pressure  signatures  is 

indicated.  The  signature  at  (p  = 26.6°  are  plotted  in  both  Figure  16  and  17  and  occur  along  the  same 
azimuthal  ray  and  look  very  similar.  Hence,  the  three-dimensional  or  off  centerline  behavior  of  the  sonic 
boom  footprint  does  not  seem  to  vary  significantly  firoin  an  h/£  = 1.0  to  an  h H - 3.0  below  the  aircraft. 


Mach  2 

Pressure  Footprint  (H=900  feet) 


Figure  17  Three-Dimensional  Pressure  Footprint  of  the  Mach  2 Aircraft  at  h U = 3.0 
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To  determine  the  three-dimensional  behavior  of  the  ground  sonic  boom  for  the  Mach  2 
configuration  footprint,  the  signatures  of  Figures  16  and  17  were  input  to  the  Thomas  sonic  boom 
extrapolation  code.  Figure  18  shows  the  resulting  ground  signatures  for  the  Mach  2 configuration  flying 

at  an  altitude  of  55,000  feet,  cp  = 0°  corresponds  to  the  flight  path  ground  axis.  If  two  azimuthal  angles 
were  the  same  from  Figures  16  and  17,  both  signatures  were  extrapolated.  At  5.72  miles  from  flight  path 
centerline,  the  initial  bow  shock  rise  decays  slightly  but  a second  stronger  overpressure  occurs  due  to  the 
wing  crank  shock  at  about  1.45  lbs/ft2.  Further  off  the  centerline  at  8.73  miles,  the  second  overpressure 
rises  to  almost  1.5  lbs/sq  ft.  At  12.44  miles  from  flight  path  centerline,  the  second  overpressure  begins  to 
diminish.  The  Thomas  extrapolation  method  also  indicates  that  these  two  shocks  begin  to  coalesce  into  a 
single  larger  initial  boom  in  comparison  to  the  signature  along  the  centerline.  The  three-dimensional 
results  also  indicate  that  boom  overpressures  up  to  25%  greater  in  magnitude  can  be  felt  to  the  side  of  the 
aircraft  flight  path  axis  due  to  the  aircraft's  supersonic  leading  edge  wing  crank. 


Figure  1 8 Off  Flight  Path  Axis  Ground  Extrapolations  for  the  Mach  2 Configuration 
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Figure  19  shows  the  three-dimensional  footprint  computed  for  the  Mach  3 configuration  at  h U = 
1.0  below  the  aircraft.  A similar  pattern  of  behavior  occurs  for  the  Mach  3 configuration  as  was  indicated 
for  the  Mach  2 model.  A strong  second  shock  occurs  off  the  centerline  due  to  the  wing  crank  shock 
whose  magnitude  is  equal  or  slightly  greater  than  the  centerline  overpressure. 


Pressure  Signatures 
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Figure  19  Three-Dimensional  Pressure  Footprint  of  the  Mach  3 Aircraft  at  h/£  = 1.0 
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Figure  20  shows  a similar  set  of  plots  for  the  three-dimensional  pressure  footprint  of  the  Mach  3 
configuration  but  at  h U = 3.0  below  the  aircraft.  This  footprint  extends  to  three  aircraft  lengths  off  the 
axis.  Comparing  the  signatures  in  Figures  19  and  20  at  (p  = 26.6°,  the  second  overpressure  is  rising  well 
above  the  initial  bow  shock  rise. 


Pressure  Signatures 


Figure  20  Three-Dimensional  Pressure  Footprint  of  the  Mach  3 Aircraft  at  h !£  = 3.0 
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Figure  21  shows  the  corresponding  ground  signatures  extrapolated  using  the  Thomas  code  for  the 
Mach  3 configuration  flying  at  65,000  feet.  In  contrast  to  the  ground  behavior  of  the  Mach  2 
configuration,  the  Thomas  code  essentially  predicts  the  coalescence  of  the  bow  shock  with  the  second 
overpressure  into  a typical  N wave.  The  off  aircraft  axis  signatures  only  show  a 10%  rise  in  comparison 
to  the  centerline.  The  strength  of  the  signature  or  boom  remains  relatively  constant  due  to  the  second 
shock  up  to  10  miles  from  the  flight  path  centerline,  at  which  point,  the  boom  begins  to  decay  due  to  the 
long  ray  path  to  reach  the  ground. 


Figure  21  Off  Flight  Path  Axis  Ground  Extrapolations  for  the  Mach  3 Configuration 
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OUTLINE  OF  PRESENTATION 


Before  beginning  this  presentation,  it  is  appropriate  to  acknowledge  the  sincere  interest  and  financial 
support  provided  by  the  NASA  Langley  Research  Center  under  contract  NAS9-17900. 

An  outline  of  the  material  to  be  used  in  the  present  paper  is  given  in  figure  1.  It  begins  with  a indication 
of  the  origin  and  objectives  of  the  feasibility  study.  This  is  followed  by  a discussion  of  various  simulation 
methods  of  establishing  the  persistence  of  shaped  sonic  boom  signatures  to  large  distances  including  the 
use  of  recoverable  RPV/drones.  The  desirable  features  to  be  sought  after  in  an  RPV  along  with  a 
rationale  for  the  selection  of  a “shaped”  sonic  boom  signature  will  be  addressed.  Three  candidate 
vehicles  are  examined  as  to  their  suitability  with  respect  to  a number  of  factors,  in  particular, 
modifiability.  Area  distributions  and  associated  sonic  boom  signatures  of  the  basic  and  modified 
Firebee  vehicle  will  also  be  shown. 

An  indication  of  the  scope  of  the  proposed  wind  tunnel  and  flight  test  programs  will  be  presented 
including  measurement  technologies  and  predicted  waveforms. 

Finally,  some  remarks  will  be  made  summarizing  the  study  and  highlighting  trie  key  findings.  Finally, 
some  remarks  will  be  made  summarizing  the  study  and  highlighting  the  key  findings. 


Origin  / objectives  of  feasibility  study 
Simulation  methods 
Desirable  features  for  RPV 
Selection  of  shaped  sonic  boom  signature 
Candidate  vehicles 

Basic  / modified  Firebee  characteristics 
Wind-tunnel  and  flight  programs 
Summary  remarks 


Figure  1 


MAJOR  THRUSTS  IN  SOLUTION  TO  HSCT  OVERLAND  SONIC  BOOM 


The  future  success  of  commercial  high-speed  overland  flight  will  depend,  in  large  part,  on  providing  a 
solution  to  the  sonic  boom  problem.  Without  some  unforeseen  technological  breakthroughs  that  may 
eliminate  the  sonic  boom,  current  efforts  are  aimed  at  modifying  the  boom  signature  in  order  to  make 
it  more  acceptable.  The  term  “more  acceptable”  infers  modifications  to  the  signature  that  includes  not 
only  reducing  the  peak  overpressure  (or  intensity  of  the  boom),  but  shaping  the  signature  to  look 
something  other  than  the  typical  N-wave.  Variations  include  so-called  “flat-top”  waveforms,  “ramp- 
type,”  and  variations  of  each  (that  increase  shock  rise  times  and  change  frequency  spectra)  have  all 
been  shown  to  reduce  loudness  and  noisiness1  at  least  to  observers  out-of-doors.  Sonic  boom  waveform 
(signature)  modifications  must  also  benefit  “indoor”  listeners  and  also  reduce  structural  response. 


Three  major  thrusts  are  required  in  the  solution  of  the  sonic  boom  problem  associated  with  overland 
flights  of  a High-Speed  Civil  Transport  (HSCT),  as  indicated  by  the  three  outer  circles  shown  in  figure 
2.  These  three  major  thrusts  include  the  establishment  of  criteria  for  an  acceptable  waveform,  being 
able  to  design  a viable  aircraft  to  an  existing  shaped  (or  acceptable)  waveform,  and  quantifying  the 
effects  of  the  atmosphere  through  which  this  shaped  waveform  will  propagate.  These  three  major 
thrusts  are,  in  fact,  the  three  major  research  priorities  that  were  recognized  by  a panel  of  experts  from 
industry,  government,  and  universities  as  the  key  areas  to  be  addressed.2  A reasonable  data  base  from 
small  model  wind  tunnel  tests3,4  and  theory5’6  exists  indicating  that  vehicles  can  be  designed  to 
produce  modified  sonic  boom  signatures  (non  N-wave  types)  of  the  type  that  may  be  more  acceptable 
from  a people  and  structural  response  aspect. 
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MEASURED  SONIC  BOOM  SIGNATURES  OF  A BASIC  AND  MODIFIED 
MODEL  IN  THE  WIND  TUNNEL 


An  indication  of  the  status  of  sonic  boom  signature  modifications  as  established  by  wind  tunnel  model 
tests  and  theory  is  given  in  figure  3.  Measured  sonic  boom  signatures  are  shown  for  various  distances 
from  the  models  for  two  vehicle  configurations,  one  designated  a basic  body  which  is  to  produce  an  N- 
wave  signature  in  the  far  field,  and  the  other  designated  a modified  body  which  is  to  produce  a flat-top 
signature  in  the  far  field. 

Signature  measurements  at  2.5, 5,  and  10  body  lengths  (h/1)  from  the  model  illustrate  the  development 
of  the  waveforms  for  the  two  models.  Note  that  the  basic  configuration  signature  sketches  to  the  left 
side  of  figure  3,  which  is  to  result  in  an  N-wave  on  the  far  field,  still  retains  the  multiple  saw-tooth  shock 
characteristic  out  to  10  body  lengths.  However,  the  signatures  on  the  right  side  of  the  figure  relating  to 
the  model  designed  to  produce  a flat-top  signature  in  the  far  field  show  flat-top  waveforms  at  all  three 
measurement  positions.  In  this  case,  tunnel  test  section  length  and  model  size  constraints  limit  the 
furthest  measurement  to  10  body  lengths  from  the  model. 


M = 1.41  CL  = 0.1 


Figure  3 
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SCHEMATICS  OF  SONIC  BOOM  SIGNATURE  DEVELOPMENT 


Wind  tunnel  model  near-field  signatures  of  the  type  shown  in  figure  3 are  then  inserted  into  the  sonic 
boom  prediction  program  and  propagated  to  distances/body  lengths  equivalent  to  full-scale  aircraft 
flying  at  cruise  altitudes  (h/1  ~ 300)  and  the  resulting  sonic  boom  signatures  are  established  as  illustrated 
by  the  shock-field  signature  schematics  given  in  figure  4.  Although  the  original  intent  of  figure  4 was  to 
highlight  the  so-called  low-boom  high-drag  paradox,2  the  figure  is  used  herein  to  illustrate  the  rapid 
coalescence  of  the  near-  and  mid-shock  field  of  the  basic  saw-tooth  signature  into  an  N-wave  at  the 
ground.  The  modified  flat-top  signature  appears  to  propagate  as  a flat-top  waveform  from  near-  and 
mid-field  to  the  far-field  at  ground  level.  Experimental  verification  of  the  coalescence  of  the  basic  saw- 
tooth signature  into  an  N-wave,  as  predicted  by  theory  and  wind  tunnel  model  tests,  has  been 
established  from  in-flight  measurements  in  the  near-  and  far-field  and  at  a ground  level  for  large 
aircraft  flying  at  high  altitudes.7,8’9’10  A corresponding  full-scale/large-scale  experimental  verification 
for  configurations  designed  to  produce  “shaped”  (non  N-wave  signatures)  waveforms  has  not  yet  been 
demonstrated.  In  fact,  of  the  more  than  13,000  sonic  boom  signatures  that  have  been  measured  to  date 
involving  some  18  different  size,  shape,  and  weight  aircraft  and  even  space  vehicles  operating  at  a range 
of  Mach  numbers  to  23  and  heights  to  250,000  feet,  all  have  had  typical  saw-tooth/N-wave  shapes.  Thus 
there  is  the  need  for  experimentally  establishing  whether  a “shaped”  waveform,  shown  to  be  “do-able” 
on  wind  tunnel  models  out  to  about  10  body  lengths,  will  persist  out  to  representative  fuil-scale  flight 
conditions  of  about  200  to  300  body  lengths. 


N-WAVE  DESIGN 


FLATTOP  WAVE  DESIGN 


Figure  4 
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OBJECTIVES  OF  FEASIBILITY  STUDY 


As  indicated  in  figure  5,  there  are  two  objectives  to  be  addressed  in  the  present  study.  The  primary 
objective  is  to  assess  the  feasibility  of  utilizing  relatively  large  remotely  piloted  vehicles  (RPV’s)  or 
drones  to  experimentally  establish  the  persistence  of  “shaped”  sonic  boom  signatures  out  to 
representative  cruise  flight  distances  (200  to  300  body  lengths)  in  a real  atmosphere.  A secondary 
objective  would  be  to  provide  an  early  indication  of  the  influence  of  the  atmosphere  on  “shaped” 
waveforms  as  they  propagate  from  the  vehicle  to  the  ground.  This  would  be  especially  informative 
since  the  present  data  base  on  atmospheric  influences  on  sonic  boom  signatures  is  based  entirely  on 
saw-tooth/N-wave  type  sonic  boom  shapes. 


© Experimentally  establishing  whether  a “shaped”  waveform,  shown  to  be  “do-able”  on 
wind-tunnel  models  out  to  about  10  body  lengths,  will  persist  out  to  representative 
flight  conditions  of  about  200-300  body  lengths. 

© Obtain  early  indication  of  influence  of  atmosphere  on  “shaped”  waveform. 


Figure  5 
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METHODS  OF  ESTABLISHING  PERSISTENCE  OF 
MODIFIED  SONIC  BOOM  SIGNATURES 


In  addition  to  the  preferred  use  of  recoverable  RPV  targets/drones  to  accomplish  the  objectives  of  this 
feasibility  study  that  is,  in  fact,  the  primary  thrust  of  the  current  study,  six  other  approaches  to 
establishing  the  persistence  of  modified  sonic  boom  signatures  were  identified  and  are  listed  in  figure  6. 
An  examination  was  made  of  the  pros  and  cons  of  each  technique.  The  six  techniques  consist  of  the  use 
of  very  large  supersonic  wind  tunnels  and  very  small  models,  the  use  of  large  ballistic  range  firing 
equivalent  bodies  of  revolution,  the  use  of  a whirling-arm  technique  and  complete  vehicle  geometries 
(winged  bodies)  in  a large  anechoic  wind  tunnel  or  enclosure,  the  use  of  a full-scale  rocket  sled  track, 
the  adapting  of  a model  shape  nose  probe  attached  to  a current  supersonic  aircraft  and,  finally,  the  use 
of  lower  cost  nonrecoverable  RPV  targets/missiles. 

Study  findings  regarding  these  alternate  approaches  to  experimentally  establishing  the  persistence  of 
shaped  sonic  boom  signatures  to  very  large  distances  were,  for  the  most  part,  not  suitable.  Only  two  of 
the  six  techniques  addressed  are  considered  promising,  The  following  remarks  highlight  the  study 
findings  regarding  the  six  alternate  schemes.  The  use  of  nonrecoverable  vehicles  and.  missiles  were 
deemed  inappropriate  since  the  required  sonic  boom  shape  modifications  would  have  a significant 
influence  on  the  basic  flight  characteristics  and  stability  and  control.  Costs  are  also  a significant  factor 
since  each  flight  would  require  a vehicle  and  its  associated  geometric  modifications.  Very  large  wind 
tunnels,  supersonic  sled  tracks,  and  aircraft  nose  probes  are  also  considered  not  applicable;  large  wind 
tunnels  because  they  are  nonexistent,  sled  tracks  because  of  the  presence  of  the  ground  surface,  and 
nose  probes  because  of  the  overwhelming  influence  of  the  airplane  shock  flow  field.  The  ballistic  range 
and  whirling-arm  techniques  are,  however,  considered  applicable,  especially  the  former.11  Each  of 
these  latter  two  simulation  techniques  may  be  used  to  generate  a substantial  data  base  on  sonic  boom 
signatures  relative  to  vehicle  geometries  and  atmospheric  influences;  the  ballistics  range  using 
equivalent  bodies  of  revolution  and  the  whirling-arm  technique  using  complete  airplane  geometries 
(winged  vehicles). 


• Large  supersonic  tunnels  / small  models  / uniform  “atmosphere” 

• Ballistics  range  / bodies  of  revolution  / variable  “atmosphere” 

• Whirling  arm  / winged  model  / anechoic  tunnel  / variable  “atmosphere” 

• Supersonic  rocket  sled  track 

• Nose  probe  on  supersonic  aircraft 

• Lower  cost  non-recoverable  RPV  vehicles  / missiles 

/ • Controllable  / recoverable  RPV  targets  / drones 


Figure  6 
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COMPARISON  OF  REAL  AND  SCALED  SIMULATION 


A fundamental  question  that  needs  to  be  addressed  regarding  the  present  feasibility  study  is  whether 
or  not  the  proposed  scheme  to  utilize  relatively  large  RPV ’s  will  more  firmly  establish  the  credibility  of 
“modified”  waveforms.  Some  of  the  concerns  being  expressed  can  be  illustrated  with  the  use  of  figure 
7.  Shown  in  the  figure  are  two  schematics  of  the  shock-signature  patterns  representing  the  full-scale 
real  airplane  case  of  a 200-foot  long  vehicle  flying  supersonically  at  60,000-feet  altitude  (300  body 
lengths)  as  shown  on  the  left  side  of  the  figure,  and  the  situation  for  a 30-foot  RPV  flying  supersonically 
at  about  9,000-feet  altitude  (also  300  body  lengths)  shown  on  the  right  side  of  the  figure.  Although  the 
requirement  to  simulate  the  300  body  length  equivalency  is  duplicated  for  both  full-scale  and  RPV 
cases,  the  consistency  of  the  atmosphere  in  terms  of  the  influence  of  atmospheric  pressure, 
temperature,  sound  speed,  density,  oxygen-nitrogen,  and  relative  humidity  at  the  vehicle  altitudes  is 
not  duplicated.  In  addition,  the  so-called  “scaled  height”  as  it  relates  to  signature  freezing”  must  be 
addressed.  The  questions,  therefore,  are  twofold:  first,  do  atmospheric  parameters  play  a significant 
role  in  the  persistence  of  “modified”  signatures;  second,  is  “scale  height”  required  to  establish 
“frozen”  modified  signatures?  Discussions  relative  to  these  two  issues  suggest  that  confirmation  of  the 
persistence  of  “modified”  sonic  boom  signatures  will  be  established  based  upon  the  simulation  of 
equivalent  body  lengths,  especially  since  atmospheric  density  is  increasing  with  decreasing  altitude. 
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DESIRABLE  RPV  FEATURES 


In  selecting  a recoverable  RPV,  a number  of  requirements  were  addressed  along  with  such  factors  as 
availability,  suitability,  costs,  and  operational/launch  capability.  Seven  features  were  identified  as 
being  desirable,  if  not  required,  in  the  RPV  selection  and  these  are  listed  in  figure  8.  The  vehicle 
should  be  relatively  large  (20  to  30  feet  in  length),  capable  of  Mach  1.2  to  2.5  ranges  at  altitudes  of 
about  5,000  to  10,000  feet,  be  controllable,  able  to  hold  steady-level  Mach  altitude  for  about  5 miles,  be 
ground  launched,  recoverable,  and  modifiable. 

Vehicle  length  is  critical  in  establishing  its  operating  altitude  as  established  by  the  200  to  300  body 
length  simulation.  Since  the  secondary  objective  of  this  effort  is  to  acquire  an  early  look  at  the  effects 
of  atmospheric  turbulence  in  the  first  1,000  to  3,000  feet  or  so  of  the  Earth’s  boundary  layer,  vehicle 
flight  altitudes  greater  than  3,000  are  desirable.  Thus,  a minimum  vehicle  length  of  about  13  feet  is 
established.  Sonic  boom  minimization  studies  have  focussed  on  the  Mach  range  2.0  to  3.0  but  have 
also  been  conducted  at  Mach  numbers  as  low  as  1.5.12  The  minimization  concept  and  signature 
persistence  should  be  demonstrable  at  even  lower  Mach  numbers.  The  only  real  concern  is  that  the 
vehicle  be  able  to  operate  a speed  sufficiently  greater  than  the  cutoff  Mach  number  (Mach  number 
below  which  boom  will  not  reach  the  ground).  For  altitudes  from  5,000  to  10,000  feet,  the  highest  cut- 
off Mach  number  is  the  order  of  1.1  or  less.13  Thus,  flights  at  Mach  1.2  and  greater  are  appropriate. 

Since  the  vehicle  is  to  be  modified  in  the  sense  of  changing  its  equivalent  area  distribution,  it  is 
preferred  to  make  the  area  additions  to  the  nonlifting  portions  of  the  vehicle  which  will,  hopefully, 
have  little  effect  on  the  basic  vehicle  loads  and  stability  and  control.  The  drag  of  the  modified  vehicle 
will  differ  from  the  basic  configuration. 

Finally,  a ground-launched  recoverable  vehicle  will  not  only  be  very  cost  effective,  it  will  eliminate  a 
number  of  activities  that  could  complicate  the  program  and  degrade  the  safety  aspect  of  the  flight 
operations. 

• Relatively  large  size  (20  - 30  ft.) 

• M = 1.2  - 2.5  at  5,000  - 10,000  ft. 

• Controllable  flight 

• Hold  steady-level  Mach-altitude  for  5 miles 

• Ground-launched 

• Recoverable 

• Modifiable 


Figure  8 


SIGNIFICANT  FEATURES  OF  MODIFIED  SONIC  BOOM  SIGNATURE 


In  order  to  establish  the  persistence  of  modified  sonic  boom  signatures  to  long  distances,  a number  of 
concerns  must  be  addressed  relative  to  the  signature  characteristics  and  these  are  indicated  in  figure  9. 
First  of  all,  the  shape  of  the  signature  is  of  paramount  importance.  That  is  to  say  that  the  overpressure 
level  of  the  “shaped”  signature  is  of  secondary  importance  in  the  sense  that  “modified”  or  “shaped” 
RPV/drone  may  have  Ap’s  larger  than  the  “basic”  unmodified  vehicle.  Also,  the  “shaped”  signature 
need  not  have  similar  bow  and  tail  shocks.  It  is  known  from  laboratory  subjective  response  studies 
that  any  modifications  to  sonic  boom  signatures  should  be  equally  applied  to  both  bow  and  tail  shocks; 
that  is,  if  a flat-top  signature  is  developed,  it  should  be  symmetrical  in  regards  to  bow  and  tail  shocks. 
Waveform  symmetry  places  a significant  constraint  on  vehicle  modifications.  On  the  other  hand, 
designing  a vehicle  to  produce  a nonsymmetrical  “modified”  waveform  is  more  easily  acquired. 
Finally,  the  “modified”  signature  must  be  distinguishable  from  an  N-wave  as  measured  at  ground  level 
(200  to  300  body  lengths). 


Shape  of  signature  is  of  paramount  importance 
Ap  level  of  “shaped”  signature  is  of  secondary  importance 
“Shaped”  signature  not  required  to  be  symmetrical 
“Shaped”  signature  must  be  distinguishable  from  an  N-wave 


Figure  9 


RELATIONSHIP  OF  SIGNATURE  SHAPES  TO 
VEHICLE  AREA  DEVELOPMENT 


In  order  to  design  a vehicle  to  have  a “modified”  or  “shaped”  sonic  boom  waveform,  it  must  combine 
its  equivalent  area  due  to  both  volume  and  lift  to  produce  a reasonably  smooth  total  area  development 
along  its  longitudinal  axis  similar  to  the  ones  shown  in  the  lower  portion  of  figure  10.2  Note  that  very 
little  change  in  area  development  is  required  to  the  vehicle  in  order  to  produce  either  a flat-top 
waveform,  shown  to  the  left  of  the  figure,  or  a ramp-type  waveform  shown  to  the  right  of  the  figure. 
However,  each  of  these  equivalent  area  distributions  are  considerably  altered  from  that  associated 
with  a basic/standard  vehicle  design  that  produces  an  N-waveform  (as  illustrated  in  the  upper  center 
portion  of  the  figure).  Since  the  required  modifications  to  any  RPV/drone  must  be  made  in  terms  of 
“adding  to”  rather  than  “taking  away”  area,  the  subject  test  vehicle  will  most  likely  require  a nose 
extension  along  with  area  additions  mid-ship  on  the  vehicle. 


Figure  10 
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Spectrum  Level,  dB 


SPECTRAL  CHARACTERISTICS  OF  BASIC  AND  MODIFIED  SIGNATURES 


Since  the  present  study  Is  aimed  at  developing  “modified”  signatures  of  the  flat-top  and  ramp-type 
waveforms  that  are  nonsymmetrical,  that  is,  changing  the  positive  portion  of  the  signature  but  not  the 
negative  phase,  it  is  of  importance  to  examine  the  signature  spectra  of  each  of  these  types  of  waveforms 
as  compared  to  the  basic  symmetrical  N-wave  to  see  if  any  significant  changes  are  evident.  A 
comparison  of  the  spectra  for  an  N-wave,  a flat-top  positive  phase  waveform,  and  a ramp-type  positive 
phase  waveform  is  given  in  figure  11.  Little  if  any  difference  is  noted  to  exist  between  the  three 
waveform  spectra.  This  suggests  that  from  the  standpoint  of  signature  identification  due  to 
atmospheric  influences,  there  are  no  driving  reasons  to  select  a ramp-type  “modified”  signature  over 
one  having  a flat-top  waveform  shape.  This  allows  for  some  latitude  in  the  selection  of  and 
modification  to  a particular  RPV/drone  configuration. 


a)  Signatures 


Ramp  type  positive  phase 


b)  Spectra 


Figure  11 
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CANDIDATE  TEST  VEHICLES  CONSIDERED  IN  STUDY 


There  are  three  candidates  in  the  class  of  recoverable  vehicles  that  were  considered  in  this  study  and 
these  are  shown  in  figure  12.  The  first  of  these  recoverable  vehicles  is  the  Teledyne  Ryan  Firebee  (BQM- 
34  E)  shown  in  the  top  portion  of  the  figure.  The  Firebee  is  a wing-tailed  aircraft  type  controllable- 
recoverable  supersonic  RPV  target  of  about  28  feet  in  length,  weighs  about  1,900  pounds,  is  powered  by 
a J-69  turbojet,  and  is  of  1970  vintage.  It  can  be  either  air-  or  ground-launched  and  has  a Mach 
capability  of  about  1.3  at  about  8,000  feet  increasing  to  Mach  1.5  at  20,000  feet.  Only  about  eight  of 
these  vehicles  are  in  existence  since  they  have  been  phased  out  of  operation  by  the  Navy  and  Air  Force. 
Two  complete  vehicles  with  spares  (except  engines)  are  currently  retained  by  NASA  Langley  Research 
Center.  These  vehicles  were  routinely  launched  at  Pt.  Mugu,  Puerto  Rico,  and  Tyndall  and  have 
experienced  reuse  rates  of  about  10  sorties.  Currently,  the  vehicle  is  being  phased  out  of  DoD 
operations. 

A QF-4  drone  aircraft  was  the  second  recoverable  vehicle  to  be  considered  in  this  study  and  is  shown  in 
the  center  portion  of  figure  12.  The  QF-4  is  a drone  version  of  the  F-4  fighter  and  is  about  58  feet  in 
length,  has  an  average  weight  of  about  45,000  pounds,  is  powered  by  two  J-79  turbojet  engines,  and  is 
of  1960  vintage.  As  a drone,  it  is  remotely  operated  as  a normal  aircraft  in  terms  of  performing  takeoff- 
climbouts  and  landings  and  supersonic  flights.  It  has  a Mach  capability  of  about  1.3  to  1.4  at  about 
18,000  feet.  It  is  understood  that  the  QF-4  drones  will  probably  be  in  use  at  Pt.  Mugu  for  the  next 
decade  or  so. 

The  third  recoverable  vehicle  considered  is  the  Martin  Marietta  SLAT  shown  in  the  lower  portion  of 
the  figure.  It  is  a finned-missile  type  controllable-recoverable  supersonic  RPV  target  of  about  18  feet  in 
length,  weighs  about  2,500  pounds,  is  powered  by  an  airbreathing  ranyet  and  is  of  1990  vintage.  It  is 
airlaunched  and  has  a Mach  capability  of  2.5  at  8,000  feet.  The  “SLAT”  is  still  in  the  development  stage 
and  is  being  launch-tested  at  Pt.  Mugu. 


BQM  - 34  E 
Recoverable 
Air/Ground  Launch 


QF-4 
Recoverable 
Ground  Launch 


AQM-127A 
Recoverable 
Air  Launch 


Vintage  1970’s 
Length  28  ft. 


Vintage  1960’s 
Length  58  ft. 


Vintage  1990’s 
Length  18  ft. 


Figure  12 
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AREA  DISTRIBUTIONS  AND  SONIC  BOOM  SIGNATURES  OF 
CANDIDATE  VEHICLES 

The  most  significant  feature  in  the  selection  of  an  appropriate  test  vehicle,  regardless  of  cost  and 
availability,  is  the  “modifiability”  of  the  vehicle.  The  area  developments  of  the  Firebee,  QF-4,  and 
SLAT  are  given  in  figure  13  along  with  the  associated  sonic  boom  signature  that  would  be  observed  at 
the  300  body  length  and  corresponding  Mach-altitude  combinations.  Note  that  all  three  signatures  are 
of  the  “saw-tooth”  character  and  are  rapidly  approaching  an  N-wave  shape.  In  addition,  the  equivalent 
area  distributions  for  the  “airplane  type”  Firebee  BQM-34  E and  the  QF-4  drone  airplane  are  similar 
since  they  are  both  winged-tailed  configurations  and,  thus,  more  gradual  in  their  area  buildup  than  for 
the  finned-missile  SLAT  which  displayed  a very  rapid  area  buildup  from  the  nose  to  a flatter  more 
constant  area  development  along  the  mid-aft  constant  diameter  portion  of  this  vehicle.  Thus,  in  order 
to  generate  a “shaped”  signature  (flat  or  ramp  type)  out  of  any  of  the  three  vehicles,  extensions  to  the 
forward  portion  of  the  vehicles  will  be  required  in  order  to  generate  the  typical  area  buildups  indicated 
previously  on  figure  10.  Extension  of  the  nose  section  of  the  SLAT  to  provide  for  the  required  more 
gradual  area  buildup  to  produce  a ramp  or  flat-top  sonic  boom  waveform  could  seriously  alter  the 
existing  matched  nose-inlet  design  of  the  basic  SLAT  vehicle.  Area  must  also  be  added  to  the  mid-aft 
sections  in  order  to  maintain  a smoothly  increasing  area  development.  , 

Both  the  Firebee  RPV  and  the  QF-4  drone  have  equivalent  area  developments  that  are  more  amenable 
to  modification  in  terms  of  providing  for  a ramp  or  flat  top  type  sonic  boom  signature.  Because  the 
Firebee  RPV  has  a higher  fineness  ratio  than  the  QF-4,  it  also  has  a more  gradual  equivalent  area 
development  as  noted  in  figure  13.  Extension  of  the  nose  section  on  the  smaller,  more  slender,  Firebee 
would  appear  to  present  less  of  a problem  than  to  do  the  same  procedure  on  the  full-scale  QF-4  drone 
airplane.  In  addition,  the  two  inlets  on  each  side  of  the  QF-4  could  present  more  difficulties  than  the 
single  “belly”  type  inlet  on  the  Firebee  in  terms  of  uniformity  of  flow  and  boundary  layer  buildup. 
Finally,  the  necessary  area  additions  required  on  the  mid-sections  of  each  vehicle  suggest  that  the 
Firebee  would  be  least  difficult  to  alter. 


FIREBEE  QF-4  SLAT 


M = 1.3  h = 8,700  ft.  M=  1.4  h = 18,000  ft  M = 2.0  h = 5500  ft. 
h / 1 ~ 300  h / 1 ~ 300  h / 1 ~ 300 


Figure  13 
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AREA  DISTRIBUTIONS  AND  SIGNATURE  CHARACTERISTICS  OF  FIREBEE 

CONFIGURATIONS 


Selection  of  the  28-foot  long  Firebee  vehicle  as  a primary  candidate  sets  the  flight  altitude-Mach 
combination  of  8,700  feet  (300  body  lengths)  and  1.3,  respectively.  At  these  given  Mach-altitude 
conditions,  calculations  were  made  of  the  equivalent  area  distributions  for  the  basic  vehicle  and  the 
equivalent  area  developments  required  to  produce  a boom  signature  having  a flat  top  positive  phase  and 
one  having  a ramp-positive  phase  signature  at  ground  level.  These  results  are  presented  in  figure  14. 
At  the  top  of  the  figure  are  schematic  illustrations  of  the  profile  view  of  the  basic  Firebee  and  profiles  of 
the  two  altered  vehicles  that  are  designed  to  give  a flat-top  and  ramp-type  signature.  Note  that  the  nose 
and  midsection  portions  (beneath  the  inlet)  of  the  latter  two  vehicles  required  modification  in  the  form 
of  a nose  extension  and  added  area  to  the  midsection.  The  basic  (unmodified)  vehicle  area  distribution 
shown  on  the  left  part  of  the  figure  has  been  carried  over  to  the  other  two  area  plots  as  dashed  lines  in 
order  to  give  a visual  feel  for  where  area  (or  volume)  had  to  be  added  in  order  to  end  up  with  the  area 
developments  that  produce  the  flat-top  and  ramp-type  positive  phase  of  the  boom  signature. 

On  examining  the  two  modified  signatures  in  terms  of  their  “distinguishability”  from  the  basic  Firebee 
signature  (almost  an  N-wave)  it  would  appear  that  the  flat  top  positive  phase  waveform  would  be 
preferred  over  that  of  the  ramp  type  since  the  later  appears  not  too  far  from  becoming  aft  N-wave.  In 
either  case,  it  would  be  highly  desirable  to  have  a flat-top  waveform  with  as  long  a “flat”  duration  as 
possible  or  a ramp-type  with  a “large”  ramp  (i.e.,  very  little  initial  vertical  bow-shock  rise)  as  possible. 
Increasing  the  boom  signature  emphasis  of  the  flat  top  and  ramp  characteristics  required,  primarily, 
greater  extensions  to  the  vehicle  nose  than  the  present  3.0  feet  for  the  two  cases  shown. 


Mach  = 1.3  h = 8,700  ft.  h/I~  300 
Basic  Flattop  Positive  Phase  Ramp  Positive  Phase 


2E 


jfV  ///// A'  new  fabrications 


Figure  14 
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SCOPE  OF  WIND  TUNNEL  AND  FLIGHT  TEST 


The  scope  of  the  Firebee  wind  tunnel  and  flight  test  program  may  be  illustrated  with  the  aid  of  figure 
15.  As  indicated  by  the  upper  portion  of  the  figure,  sonic  boom  and  force  models  of  the  basic  and 
modified  configurations  would  be  tested  at  Mach  1.25  and  1.5  in  the  NASA  LaRC  8-foot  transonic 
tunnel  (8-ft.  TT)  and  Unitary  Plan  Wind  TYmnel  (UPWT),  respectively.  One  model  1-foot  length, 
considered  large  enough  to  provide  geometric  fidelity  and  also  to  house  a six-component  internally 
mounted  strain-gage  balance,  would  suffice  for  both  sonic  boom  and  force  tests  in  each  facility  and 
permit  boom  signature  measurements  of  from  1 to  4 body  lengths  from  the  model.  A single  model  with 
interchangeable  nose  and  belly  sections  would  be  utilized  for  the  basic  and  modified  vehicles. 

Force  tests  will  establish  whether  the  sonic  boom  modifications  significantly  alter  the  vehicle  flight 
characteristics.  Boom  tests  will  provide  confirmation  of  and  guidance  to  the  flight  test  program  with 
respect  to  the  sonic  boom  signatures  expected  for  the  baseline  and  modified  vehicles.  Pressure 
signatures  in  the  near-field  from  1 to  4 body  lengths  would  be  made  for  zero-Uft  and  at  angles  of  attack 
associated  with  cruise.  The  flight  test  program  would  begin  upon  completion  of  the  wind  tunnel  tests. 
As  noted  in  the  lower  portion  of  figure  15,  the  primary  tests,  (those  required  to  accomplishing  the 
primary  objective)  are  indicated  by  the  solid  lines.  A set  of  desirable  tests  (designed  to  accomplish  the 
secondary  objective)  are  indicated  by  the  dashed  lines.  Note  that  the  primary  flight  tests  (four  blocks 
to  the  left  of  the  figure)  are  conducted  under  minimal  atmospheric  influences  and  involve  a minimum 
of  two  passes  each  of  the  baseline  and  modified  vehicles  at  the  design  Mach-altitude  conditions  of  1.3 
and  8,500  feet,  respectively  (300  body  lengths),  followed  by  a similar  set  of  runs  at  Mach  1.5  and  20,000 
feet  (700  body  lengths). 

Depending  on  the  Firebee  flight  recovery  success  rate,  the  basic  and  modified  vehicles  could  be  flown 
at  repeat  conditions  of  the  Mach-altitude  for  highly  active  lower-layer  atmospheric  conditions 
(represented  by  the  four  boxes  to  the  right  of  figure  13).  Thus,  an  early  indication  of  the  influence  of 
the  lower  turbulent  layers  of  the  atmosphere  on  modified  signatures  will  be  observed. 


Figure  15 
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PREDICTED  SONIC  BOOM  SIGNATURES  FOR  WIND  TUNNEL  TESTS  OF 

FIREBEE  MODELS 


The  predicted  sonic  boom  signatures  for  the  wind  tunnel  tests  of  the  one-foot  model  representing  the 
baseline  Firebee  configuration  and  one  modified  to  produce  a flat  top  or  ramp  positive  phase  signatures 
operating  at  Mach  1.25  in  the  8-foot  transonic  tunnel  and  at  distances  of  1, 2, 3,  and  4 body  lengths  (h / 
1)  from  the  model  are  illustrated  in  figure  16.  The  signatures  are  drawn  approximately  to  scale  in  terms 
of  the  pressure  and  time  scale  in  order  to  provide  a better  feel  for  how  much  change  is  taking  place  in 
the  signature  characteristics  as  distance  from  the  model  is  increased  and,  also,  to  provide  a view  of  the 
difference  between  the  basic  and  modified  signatures.  Such  comparisons  will  provide  insights  into  the 
final  selection  of  a modified  waveform  relative  to  the  final  vehicle  design.  Note  that  the  signatures  are 
fairly  complex  in  terms  of  number  of  shocks  and  that  both  the  flat  top  positive  phase  and  the  ramp  type 
positive  phase  signatures  persist  at  all  distances  from  the  model. 


8’TT  Mach  = 1.25  1 = 1 ft. 


Figure  16 
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PREDICTED  SONIC  BOOM  SIGNATURES  FOR  FLIGHTS  OF  FULL-SCALE 

FIREBEE  VEHICLES 


The  predicted  sonic  boom  signatures  for  flights  of  the  full-scale  28-foot  Firebee  and  one  modified  to 
produce  the  flat  top  or  ramp  positive  phase  signatures,  operating  at  Mach  1.25  andat  8,700-feet  altitude 
are  shown  for  distances  of  50, 100,  200,  and  300  body  lengths  from  the  vehicle  in  figure  17.  Once  again, 
as  for  the  wind  tunnel  case,  the  signatures  are  plotted  to  scale  in  terms  of  pressure  and  time  so  that  a 
visual  display  of  what  would  be  observed  if  measurements  could  be  made  at  each  of  the  distances  that 
the  calculated  signatures  are  shown.  Note  that  the  basic  Firebee  (unmodified)  signature  develops  from 
a fairly  complex  “sawtooth”  waveform  in  the  near-field  to  a near  N-wave  at  ground  level.  The  two 
modified  signatures  retain  their  pronounced  flat  top  and  ramp  character  out  to  100  or  so  body  lengths. 
As  distance  increases  to  300  body  lengths,  the  ramp  type  waveform  is  beginning  to  steepen  into  a near 
N-wave.  The  flat  top  waveform,  however,  is  still  quite  distinguishable. 

In  addition  to  the  planned  sonic  boom  measurements  at  ground  level  (300  body  lengths),  it  also  appears 
feasible  to  acquire  measurements  at  100  and  200  body  lengths  from  the  vehicle  using  an  airborne 
measurement  planform.  Such  near-and  mid-field  signature  measurements  will  greatly  enhance  the 
program  findings  and  add  significant  insight  and  confidence  in  sonic  boom  signature  minimization  as  it 
relates  to  vehicle  design. 


Mach  = 1.25 


h = 8,700  ft. 


Figure  17 
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FIREBEE  SONIC  BOOM  FLIGHT  TEST  SETUP 


An  indication  of  the  manner  in  which  sonic  boom  measurements  will  be  acquired  during  the  Firebee 
flight  tests  is  presented  in  figure  18.  Shown  in  the  figure  are  schematic  illustrations  of  the  Firebee  flying 
at  the  design  conditions  (relative  to  boom  signature  modifications)  of  Mach  1.25  and  an  altitude  of  8,700 
feet  and  also  an  off-design  condition  of  Mach  1.5  and  an  altitude  of  20,000  feet  above  ground  level  over 
a large  array  of  microphones  spaced  along  the  ground  track  for  a total  of  3,000  feet  and  at  various 
distance  to  each  side  of  the  track  out  to  about  2,000  feet.  Having  such  an  arrangement  eases  the 
constraints  of  having  the  vehicle  fly  exactly  along  the  desired  ground  track  centerline  both  in  terms  of 
its  lateral  displacement  and  heading.  The  microphone  separation  will  also  provide  an  indication  of  the 
stability  of  the  atmosphere  through  which  the  shock  waves  propagate  and  also  provide  information  on 
character  of  the  signatures  at  lateral  locations.  It  is  planned  to  make  use  of  the  digital-remote  self- 
triggering measurement  systems,  PATS,  developed  by  NASA-Johnson  Space  Center  (Portable 
Automated  Systems14)  and  USAF  BEAR  System  (Boom  Event  Analyzer  Recorder15)  shown  in  the 
lower  portion  of  the  figure.  The  equivalence  of  these  systems  as  compared  to  the  previously  employed 
NASA  analog  sonic  boom  measurement  systems  has  been  demonstrated.16 

Also  shown  on  the  figure  is  a schematic  of  an  orbiting  airborne  measurement  planform  carrying  one  of 
the  remote-digital  boom  measurement  units  aloft  to  altitudes  of  3,000,  6,000  and  eyen  10,000  feet 
aboard  an  RPV  surveillance  vehicle  such  as  the  USMC  Pioneer.  The  combination  of  the  relatively 
slow  speed  of  the  vehicle,  about  40  miles  per  hour,  and  the  high  signal-to-noise  ratio  associated  with  the 
sonic  boom  signature  (in  reference  to  airflow  noise  over  the  microphone)  should  permit  quantitative 
boom  signature  measurements.  The  weight  of  the  digital-remote  boom  measurement  unit  is  well  with- 
in the  current  payload  capability  of  the  Pioneer  vehicle.  However,  an  initial  flight  test  using  the  Pio- 
neer airborne  sonic  boom  arrangement  would  be  required  to  assure  that  the  concept  is  valid. 


NASA  JSC  - “PATS”  USAF  - “BEAR” 

Figure  18 
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SUMMARY  REMARKS 


A study  has  been  made  to  determine  the  feasibility  of  experimentally  establishing  whether  a “shaped” 
sonic  boom  signature,  shown  to  be  “do-able”  on  wind  tunnel  models  out  to  about  10  body  lengths,  will 
persist  out  to  representative  flight  conditions  of  about  200  to  300  body  lengths.  The  study  focuses  on 
the  use  of  relatively  large  supersonic  remotely-piloted  and  recoverable  vehicle.  Other  simulation 
methods  that  may  accomplish  the  objectives  were  also  addressed  and  include  the  use  of  nonrecoverable 
target  drones,  missiles,  full-scale  drones,  very  large  wind  tunnels,  ballistic  facilities,  whirling-arm 
techniques,  rocket  sled  tracks,  and  airplane  nose  probes. 

The  feasibility  of  experimentally  establishing  the  persistence  of  modified  sonic  boom  signatures  to 
representative  flight  conditions  using  a relatively  large  supersonic  remotely-piloted  and  recoverable 
vehicle  has  been  established.  It  has  been  determined  that  the  Firebee  BQM-34  E vehicle  is  a suitable 
test  vehicle  in  terms  of  its  adaptability  to  geometric  modifications,  operational  capabilities  regarding 
Mach-altitude,  availability,  and  costs. 

A key  ingredient  addressed  within  the  study  include  selection  of  a modified  (shaped)  and  identifiable 
sonic  boom  signature  that  differs  from  the  normally  observed  saw-tooth  N-wave  signatures,  is  one  that 
is  compatible  with  vehicle  geometric  alterations.  It  was  determined  that  nortsymmetric  “shaped” 
signatures  would  be  utilized  and  include  both  a flat-top  positive  phase  waveform  and  a ramp-type 
positive  phase  waveform. 

The  experimental  program  involved  wind  tunnel  tests  on  models  and  full-scale  flight  tests.  Wind  tunnel 
tests  would  be  conducted  in  the  Langley  8-foot  Transonic  Tunnel  at  Mach  1.25.  It  is  also  highly  desirable 
to  conduct  tests  in  the  Langley  Unitary  Plan  Wind  tunnel  at  Mach  1.5  for  correlation  with  past  sonic 
boom  experience.  Flight  tests  would  be  conducted  at  Pt.  Mugu,  California,  with  the  WSMR,  New 
Mexico,  as  an  alternate  site. 

• Study  has  been  conducted  to  examine  the  feasibility  of  experimentally 
demonstrating  the  persistence  of  “shaped”  boom  signatures  to  very 
large  distances  in  a real  atmosphere 

• Study  focussed  on  use  of  relatively  large  supersonic  recoverable  RPV 

• Findings  confirm  feasibility  of  conducting  overflight  measurements  of 
sonic  boom  signatures  using  Firebee  RPV 

• Nonsymmetric  “shaped”  boom  signatures  will  be  utilized 

• Experimental  program  involves  both  W/T  test  on  models  and  full  scale 
flight  tests 

• W/T  test  would  be  conducted  in  LaRC  8’  TT  at  Mach  1.25 

• Highly  desirable  to  conduct  tests  in  LaRC  UPWT  at  Mach  1.5  for 
correlation  with  past  sonic  boom  experience 

• Flight  tests  would  be  conducted  at  Pt.  Mugu  or  WSMR 
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Generation  2:  Exploration  (SSTF) 
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Model  nozzle  tests  and  flame  tube  tests 
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- Good  subsonic  SFG  - Variable  bypass 

- Good  subsonic  SFC 
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Wing  loading,  Ib/ft 
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Wing  loading,  lb/ft2 
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Takeoff  Gross  Weight  Assessment 

All  Supersonic  5000  n ml  Mission 
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bypass  turbofan  cycle  engine 

engine  engine 
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Impact  of  HSCT  High-Altitude  Flyover  Noise 

Throttled  Climb  - Turbine  Bypass  Engine 

Throttle  Settings:  1 00,  90, 80  Percent 
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Distance,  n mi 
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HSR  NO*  Reduction  Status 

Based  on  HSR  Goal  for  Emission  Index  Dependency 
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Turbine  Mixed  Variable  Flade 

Bypass  Flow  Cycle  Engine 

Engine  Turbofan  Engine 
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Current  Assessment  of 
High  Speed  Civil  Transport  Ozone  Depletion 

NO  Effect  Alone 
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Emissions  Index, 
gm  NOy/kg  fuel 
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Influence  of  Non-Optimum  Cruise  Altitude  on  Range 

Mach  2.4  Turbine  Bypass  Engine  Designed  at  65  000  ft 


857 


Cruise  altitude,  ft 
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Influence  of  Subsonic  Leg  on  Range 

Design  Range:  5000  n ml 


Subsonic  leg  distance,  n ml 
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P&W  / GE  HSCT  COLLABORATION 
JOINT  PROPULSION  STUDIES 


Before  P&W  and  GE  present  the  results  of  our  NASA  engine  study  tasks,  we  will  present  a brief  introduction 
covering  our  joint  study  organizations;  the  engine  concepts  we  are  studying;  the  groundrules  we  have  defined 
for  our  studies;  our  engine  evaluation  criteria;  our  study  plans;  and  the  range  of  NASA  study  tasks. 


• ORGANIZATIONS 

• ENGINE  CONCEPTS 

• GROUND  RULES 

• ENGINE  EVALUATION  CRITERIA 

• STUDY  PLANS/MILESTONES 

• NASA  STUDY  TASKS 


Figure  1 


P&W  / GE  HSCT  COLLABORATION 
PARALLEL  TECHNICAL  ORGANIZATION 


The  P&W/GE  joint  venture  is  a cooperative  program  organization  made  up  of  various  functional  organizations 
from  both  companies.  These  technical  organizations  have  defined  joint  plans  and  common  groundrules,  and  are 
now  undertaking  the  technical  tasks  required  in  each  technical  discipline  associated  with  the  engine  studies. 


• TECHNICAL  DISCIPLINES  WORKING  TOGETHER  ON: 

• JOINT  PLANS 

• COMMON  GROUND  RULES 

• TECHNICAL  TASKS 


Figure  2 
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HSCT  ENGINE  CONCEPTS 


In  an  effort  to  maximize  the  benefits  of  our  joint  efforts,  and  minimize  duplication,  P&W  and  GE  decided  to 
pursue  those  engine  concepts  that  we  each  had  the  most  knowledge  about,  and  choosing  just  one  common  engine 
concept,  the  mixed  flow  turbofan,  to  be  pursued  by  each  company. 


P&W 

• TURBINE  BYPASS  ENGINE 

• MIXED  FLOW  TURBOFAN 

• TURBINE  BYPASS  ENGINE  WITH  INLET  FLOW  VALVE 
GE 

• MIXED  FLOW  TURBOFAN 

• VARIABLE  CYCLE  ENGINE 


FLADE 


ENGINE  CYCLE  / DESIGN  GROUND  RULES 
2005  ENTRY  INTO  SERVICE 


P&W  and  GE  have  defined  a common  set  of  groundruies  to  be  used  in  the  engine  studies.  These  groundrules 
are  based  on  2005  entiy  into  service.  These  groundrules  will  be  used  to  perform  our  joint  engine  studies  leading 
to  engine  concept  selection.  The  groundrules  will  be  periodically  reviewed  and  adjusted  based  on  airframe  com- 
pany requirements  and  technology  development. 


AIRFLOW  SIZE 
THRUST  CLASS 
MACH  NUMBER 
CYCLE  TEMPERATURES 

COMPONENT  EFFICIENCY 
MATERIALS 
COMMERCIAL  LIFE 


650  LB/SEC 
50-60,000  LB 
2.4 

2900°  F MAXT41 

1250°F  MAXT3 

LATE  '90’s  TECHNOLOGY  AVAIL. 

LATE  '90’s  TECHNOLOGY  AVAIL. 

18.000  HRS/9,000  CYCLES  COLD  SECTION 

9.000  HRS/4,500  CYCLES  HOT  SECTION 


Figure  4 
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ENGINE  EVALUATION  CRITERIA 


As  we  perform  our  engine  studies  leading  to  engine  concept  selection,  it  is  important  to  define  the  evaluation 
criteria  to  be  used  to  select  an  engine  concept.  P&W  and  GE  are  in  the  process  of  defining  the  criteria  and  then 
making  sure  we  are  addressing  the  critical  areas  to  meet  the  criteria  identified. 


• PERFORMANCE 

• WEIGHT 

• PRICE 

• MAINTENANCE  COST 

• RELIABILITY 

• EMISSIONS 

• NOISE 

• AIRCRAFT  MANUFACTURER  ASSESSMENT 

• IN-HOUSE  MISSION  EVALUATION 

• COMPLEXITY  / RISK  ASSESSMENT 


1991  HSCT  SYSTEM  STUDIES  PLAN 


The  1991  HSCT  systems  studies  plan  covers  the  total  P&W  and  GE  planned  IR&D  and  NASA  contract  engine 
studies.  We  will  be  reviewing  our  NASA  contract  studies  which  are  presently  being  performed  as  well  as  the 
results  from  recently  completed  NASA  studies. 


ENGINE  CYCLE,  FLOW  PATH, 
CONCEPTUAL  DESIGN  DEFINITION 


EXHAUST  NOZZLE  CONCEPT 
DESIGN  DEFINITION 


ENGINE/NOZZLE  PERFORMANCE 
WEIGHT,  INSTALLATION  DATA 


IN-HOUSE  SYSTEM 
FLYOFF  ANALYSIS 


AIRFRAME  MANUFACTURER 
SYSTEM  FLYOFF  ANALYSIS 


Figure  6 
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P&W  NASA  STUDY  TASKS 


There  are  three  NASA  study  engine  tasks  presently  being  performed  by  P&W.  They  are: 

1.  An  engine  life  study  evaluating  the  impact  of  the  severe  engine  environment  associated  with  the 
HSCT  mission. 

2.  Definition  of  a mixed  flow  turbofan  engine. 

3.  Conceptual  design  and  evaluation  of  an  axisymmetric  exhaust  nozzle  vs.  a 2D  exhaust  nozzle. 


• MACH  2.4  TURBINE  BYPASS  ENGINE  (TBE)  LIFE  STUDY 

• MACH  2.4  MIXED  FLOW  TURBOFAN  (MFTF)  STUDY 

• AXISYMMETRIC  VERSUS  2D  NOZZLE  CONCEPTUAL  DESIGN 


Figure  7 


GE  NASA  STUDY  TASKS 


Present  NASA  engine  studies  being  performed  by  GE  cover  a wide  range  of  tasks  from  engine  definitions;  engine 
cycles  and  flowpaths;  to  exhaust  nozzle  mechanical  design;  and  combustion  efficiency  trades. 


• UPDATE  M2.4  VCE  CYCLE  & FLOWPATH 

• M2.4  FLADE  CYCLE  & FLOWPATH 

• M2.4  TURBOJETS  CYCLE  & FLOWPATH 

• EXHAUST  NOZZLE  TRADES 

• MIXED  FLOW  TURBOFAN 

• M2.4  FLADE  NOZZLE  MECHANICAL  DESIGN 

• COMBUSTOR  EFFICIENCY  TRADE 

• Ml  .6  VCE  CYCLE  & FLOWPATH 
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all  critical  nozzle  design  features. 


HSCT  Engine  and  Nozzle  Options  - Being  Evaluated 
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HSCT  Engine  and  Nozzle  Options  - Being  Evaluated 


885 


Between  GE  and  P&W  We  are  Covering  All  Options 


This  is  just  a quick  look  at  the  systems  studies  GEAE  is  performing  this  year  both  under  IR&D  and 
NASA  contract.  The  first  three  items  are  an  example  of  the  way  our  IR&D  and  contract  studies 
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design.  Under  this  task  order  we  are  trying  to  apply  what  we  learned  in  the  design  of  the  2-D  nozzle 
to  axisymmetric  nozzle  designs.  I will  briefly  show  some  of  the  results  of  that  task  and  I think  Marty 
Smith  of  Pratt  will  have  a few  words  to  say  about  2-D  vs.  Axi  acoustic  nozzle  designs. 
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Between  NASA  Contract  and  IR&D  GEAE  Will 
Generate  the  Data  Needed  for  Downselect 


GE  Variable  Cycle  Engine 
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GE  Variable  Cycle  Engine 
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This  data  is  based  on  GE  design  ground  rules.  Engine 
design  is  being  updated  in  1991  to  common  design  groundrules 
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nozzle. 


Coannular  Nozzle  With  20  Chute  Suppressor  and  Ejector 
Operating  Modes 
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The  Final  AST  Nozzle  is  the  Starting  Point  for  Current  HSCT  Work 
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Innovative  Chute  Design 
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1 • Simple  shapes 

Complicated  and  Heavy . . . Hopefully  They  Won't  be  Necessary 
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GEAE  is  Bounding  the  Geometric  Problem 
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Both  Concepts  Will  Continue  to  be  Evaluated 
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ade  engine. 


GEAE  "Flade"  HSCT  Propulsion  Concept 

Low  Noise  Geometry  Setting  Shown 
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GEAE's  High  Flow  Concept  Beats  the  Noise  Problem 
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GE  Fan  on  Blade  Engine  (Flade) 
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the  GE/P&W  summary  talk  yesterday.  This  nozzle  weigh  about  15%  more  than  the  second 
concept,  but  it  does  meet  the  Stage  III  noise  goals. 
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All  Flade  Nozzles  Capize  on  Low  V. 
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Flade  Nozzle  Operating  Modes 
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Reduces  Weight  and  Complexity 


GE  Mixed  Flow  Turbofan 
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preliminary  design  activity  on  this  engine  is  due  to  be  completed  in  the  next  few  months. 
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SUMMARY  CHART  UNAVAILABLE  AT  TIME  OF  PUBLICATION 
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Compression  System  Characteristics 
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Compression  System  Characteristics  Are 
A Key  to  the  MFTF  Design 
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Preliminary  Turbofan  Studies 
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Acoustic  Requirements  Drive  the  Design  at  Takeoff 
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Preliminary  TF  Studies 
PRf  = 4.75,  BPR 
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Top  of  Climb  Thrust  and  Design  Bypass 
Ratio  Size  the  Engine 


916 


Summary 


J2  0 

CL  C 

X o 
0 += 
Q, 

> o 
o3  0 
CL  j\j 

UJ  g 

0 c 


“O 

c w 

*»mb  g a 
”T — '**' 

0 CL 

0 0 
Q 

O c 

X Q 

O o 


0 

0 0 

c c 

It 

^ 0 

0 O 

5 "c 

°§ 

0)  « 


CO  $ 

£>2 

? © 
•4~*  C 
0 

D> 

0 C 
T5  0 

0 Z. 


c o 
.9>0 

0 C 

0 g 
ID  E 
— o 

0 O 

.2  O 
c •= 

2 o 

o $2 

0 

s « 


T5  O) 

3 C 

5 J ■ — 

0 N 

0 ^ 
id  4=: 

0 0 

Z 8 CD 
O) 

O)  0 c: 

0 X3  0 
0 C = 

"O  0 0 

2 0)0 

■£  0 

° 0 r= 

0 +-  += 

3 § ® 

8«>~ 
®.2  & 

® E <S 

~f~.  0 0 

raj?  § 

0 +-*  Q_ 

>s  ~ 

~S  2 

2 .2:2 

CD  .2  o 

E to-c 

■43  3 0 0 
f/j  O 0 .w 
O 0 O 

£ <0=52 
><13  1 


917 


MAC5-62603-050891 


THIS  PAGE  INTENTIONALLY  BLANK 


918 


Session  VL  Propulsion  Systems  Studies 


Pratt  & Whitney  Propulsion  Systems  Studies  Results/Status 

Martin  G.  Smith,  Jr.  and  George  A.  Champagne,  Pratt  & Whitney  Aircraft 


PRECEDING  PAGE  BLANK  NOT  FILMED 


919 


THIS  PAGE  INTENTIONALLY  BLANK 


920 


f N94- 33480 


P&W  PROPULSION  SYSTEMS  STUDIES 
RESULTS  / STATUS 


MARTIN  G.  SMITH,  JR. 
GEORGE  A.  CHAMPAGNE 
ADVANCED  ENGINE  PROGRAMS 
PRATT  & WHITNEY 


NATIONAL  AERONAUTICS  AND  SPACE  ADMINISTRATION 
FIRST  ANNUAL  HIGH  SPEED  RESEARCH  WORKSHOP 

MAY  14-16,  1991 


NOT  filmed 


921 


P&W  PROPULSION  SYSTEMS  STUDIES 
NASA  FUNDED  EFFORTS  TO  DATE 


Propulsion  systems  studies  for  the  High  Speed  Civil  Transport  (HSCT)  were  resumed  in  1987  after  a hiatus  of 
6 or  7 years.  The  initial  NASA-sponsored  efforts  were  funded  through  subcontracts  under  the  Boeing 
(NAS1-18377)  and  Douglas  (NAS 1-18378)  primary  contracts  from  the  Langley  Research  Center.  The  very  early 
studies  covered  a wide  range  of  cruise  Mach  numbers  and  provided  performance,  installation  and  weight  infor- 
mation for  both  existing  and  newly-defined  study  engines,  with  the  primary  goal  of  narrowing  the  Mach  number 
range  to  the  region  of  interest.  Later  studies  under  these  subcontracts  included  tasks  devoted  to  the  environmen- 
tal issues  of  noise  and  stratospheric  cruise  emissions. 

The  NASA  Lewis  Research  Center  contracted  directly  with  Pratt  & Whitney  for  a series  of  studies  over  a three 
year  period  beginning  in  late  1987.  These  studies  included  evaluation  of  various  engine  cycles  with  a major  em- 
phasis on  the  airport  noise  reduction  challenge.  The  current  NASA-Lewis  funded  studies  include  investigation 
of  the  design  trades  available  to  achieve  satisfactory  life  in  a commercial  supersonic  transport  application,  mixed 
flow  turbofan  cycle  and  conceptual  design  studies  and  an  axisymmetric  vs  two  dimensional  nozzle  conceptual 
design  and  evaluation  study.  / 
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Figure  1 


P&W  ENGINE  CONCEPTS 


Shown  in  Figure  2 are  four  engine  concepts  which  have  been , or  are  being,  investigated  for  potential  future  appli- 
cation to  a High  Speed  Civil  Transport.  The  turbine  bypass  engine  (TBE)  is  a single  spool  turbojet  with  an  over- 
sized compressor  and  a compressor  bleed  system  that  bypasses  flow  around  the  turbine.  This  feature  enables 
the  TBE  to  operate  at  maximum  turbine  inlet  temperature  over  the  entire  flight  envelope.  If  also  provides  higher 
compressor  pressure  ratio  and  more  thrust  variation  at  constant  airflow  than  a comparable  turbojet  during  part 
throttle  operation.  It  has  an  inherently  high  exhaust  jet  velocity  and  must  rely  on  a very  effective  suppressor 
nozzle  to  achieve  the  FAR  36  Stage  III  noise  goal. 

The  turbine  bypass  engine  equipped  with  an  inlet  flow  valve  is  intended  to  provide  lower  exhaust  jet  velocity 
through  increased  inlet  total  airflow  at  takeoff,  while  maintaining  the  turbojet  cycle  for  climb  and  supersonic 
cruise  operation. 

The  variable  stream  control  engine  (VSCE)  is  a moderate  bypass  ratio  twin  spool  turbofan  which  uses  fan  duct 
augmentation  for  takeoff,  transonic/supersonic  acceleration  and  supersonic  cruise.  The  VSCE  derives  its  name 
from  the  ability  to  independently  control  the  primary  and  fan  duct  exhaust  streams  via  its  two  burners  and  two 
exhaust  throat  areas. 

f 

The  mixed  flow  turbofan  (MFTF)  is  the  type  of  engine  being  widely  used  for  many  current  and  planned  military 
aircraft.  It  is  typically  a low  bypass  ratio  twin  spool  configuration  and  may  be  equipped  with  an  afterburner  for 
thrust  augmentation.  For  the  HSCT  application,  the  use  of  an  afterburner  is  being  considered  for  use  at  thrust 
critical  transient  conditions,  such  as  transonic  acceleration,  but  may  not  be  necessary.  The  MFTF  has  an  in- 
herently lower  exhaust  jet  velocity  than  the  TBE  and  would  not  require  as  much  noise  suppression  in  the  nozzle 
to  meet  the  FAR36  Stage  III  goal. 


TURBINE  BYPASS  ENGINE  TURBINE  BYPASS  ENGINE 

WITH  INLET  FLOW  VALVE 


VARIABLE  STREAM  MIXED  FLOW  TURBOFAN 

CONTROL  ENGINE 


Figure  2 
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P&W  COMBUSTOR  FOCUS 
RICH  BURN-QUICK  QUENCH  CONCEPT 


Pratt  & Whitney  is  focusing  its  High  Speed  Research  (HSR)  combustor  technologv  development  on  the  rich  bum 
quick  quench  (RBQQ)  concept,  which  is  illustrated  in  Figure  3,  to  achieve  very  low  levels  of  oxides  of  nitrogen 
(NOx)  emissions.  Combustion  takes  place  in  three  distinct  zones:  the  fuel  rich  zone,  rapid  quench  zone  and 
fuel-lean  zones. 

All  of  the  fuel  is  injected  and  reacted  in  the  fuel  rich  zone.  Because  of  the  lack  of  enough  oxygen  for  complete 
combustion,  the  rate  of  formation  of  NOx  is  low.  Tb  complete  the  combustion  process,  which  consists  of  carbon 
monoxide  to  carbon  dioxide  conversion  and  smoke  oxidation,  the  rich  zone  combustion  products  pass  through 
a second  reaction  zone  in  which  the  mixture  strength  is  lean  and  temperature  sufficiently  high  to  carry  out  the 
reactions,  but  avoiding  the  higher  levels  at  which  formation  of  NOx  can  be  accelerated.  The  rich-to-lean  mixture 
transition  must  be  accomplished  in  the  quick  quench  section  of  the  combustor  located  between  the  rich  and  lean 
zones.  Large  quantities  of  air  are  introduced  in  this  section  to  mix  rapidly  Without  accumulating  time  at  elevated 
temperatures. 
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924 


MIXER  EJECTOR  NOZZLE  CONCEPT 
LARGE  FLOW  ENTRAINMENT  REDUCES  JET  NOISE 


The  mixer/ejector  suppressor  nozzle  concept  illustrated  in  Figure  4 is  currently  being  investigated  under  the  HSR 
low  noise  nozzle  technology  development  program.  The  nozzle  concept  relies  on  a large  amount  of  ambient 
airflow  entrainment  to  rapidly  mix  with  the  high  temperature  exhaust  flow,  thereby  lowering  the  jet  velocity  and 
the  associated  jet  noise.  It  has  a retractable  mixer  which  is  deployed  at  takeoff  and  stowed  for  cruise. 

Also  shown  in  Figure  4 is  the  theoretical  reduction  in  noise  as  a function  of  the  amount  of  entrained  flow.  The 
Pratt  & Whitney  goal  is  to  achieve  over  100%  flow  entrainment  and  approximately  20  db  noise  reduction  in  the 
nozzle. 
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Figure  4 
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TECHNOLOGY  IMPACT  ON  NOx  EMISSIONS 
MATURE  RBQQ  COMBUSTOR  REDUCES  NOx  UP  TO  85% 


The  projected  impact  of  propulsion  technology  advances  on  NOx  emissions,  takeoff  noise  and  integrated  propul- 
sion/airframe system  performance  will  now  be  described.  Figure  5 presents  the  supersonic  cruise  NOx  emissions 
trend  for  three  technology  time  period  TBE’s  from  current  technology  with  entry  into  service  (EIS)  in  1995  to 
year  2005  EIS.  If  current  technology  combustors  were  utilized,  NOx  would  more  than  double  for  the  year  2005 
EIS  engine  due  to  its  200 ° F increase  in  combustor  inlet  and  exit  temperatures  and  over  50%  increase  in  combus- 
tor pressure  level.  The  mature  RBQQ  combustor  is  projected  to  reduce  NOx  emissions  up  to  85%  for  this  engine 
or  70%  relative  to  the  current  technology  cycle  and  combustor. 
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Figure  5 
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TECHNOLOGY  IMPACT  ON  SIDELINE  NOISE  CHARACTERISTICS 
MACH  2 A TURBINE  BYPASS  ENGINES  - 600  LB/SEC  AIRFLOW  SIZE 


The  jet  noise  comparison  for  the  same  1995, 2000  and  2005  EIS  TBE’s  is  presented  in  Figure  6.  The  unsuppressed 
jet  noise  increases  with  increased  thrust  (and  attendant  jet  velocity)  for  the  later  time  period  engines  due  to  the 
higher  combustor  temperatures.  For  the  1995  EIS  engine  a conventional  tube/chute  mechanical  noise  suppres- 
sor is  estimated  to  provide  about  12  db  noise  reduction,  but  is  still  8 db  above  the  FAR36  Stage  III  rule.  The 
mixer/ejector  suppressor  nozzle  concept  utilized  for  the  later  time  frame  engines  is  projected  to  provide  on  the 
order  of  20  db  suppression  (based  on  120%  flow  entrainment),  but  still  is  2 to  3 db  above  Stage  III  at  maximum 
power.  However,  the  noise  goal  can  be  met  throttling  the  engines  while  still  providing  more  thrust  than  the  1995 
EIS  engine. 


/////// 
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TECHNOLOGY  IMPACT  ON  TAKEOFF  GROSS  WEIGHT 
PROVIDES  UP  TO  12%  TOGW  REDUCTION 


The  results  of  the  integrated  propulsion/airframe  system  evaluation  of  the  1995,  2000  and  2005  EIS  Mach  2.4 
TBE’s  are  illustrated  in  Figure  7.  The  figure  shows  aircraft  takeoff  gross  weight  (TOGW)  required  for  5000  nm 
design  range  as  a function  of  engine  corrected  airflow  (WAT2)  divided  by  TOGW.  Noted  on  each  of  the  curves 
are  the  WAT2/TOGW  values  needed  to  satisfy  the  various  engine  sizing  constraints.  The  solid  symbols  on  the 
year  2000  and  2005  curves  represent  the  points  sized  for  the  required  takeoff  field  length  while  meeting  the  Stage 
III  sideline  noise  goal.  The  1995  and  2000  TBE  critical  engine  sizes  are  set  by  the  time  to  climb  criteria.  The 
1995  TBE  produces  a sideline  noise  level  of  110  db  at  the  time-to-climb  sized  point  as  noted  on  the  curve.  A 
point  is  also  noted  on  the  1995  TBE  curve  that  reduces  the  noise  by  just  one  db  via  throttling  back  and  oversizing 
the  engine  at  takeoff,  and  is  obviously  an  unacceptable  penalty  to  pay  for  noise  reduction.  The  time  to  climb 
sizing  criteria  for  the  year  2000  engine  provides  a larger  engine  than  required  to  meet  the  noise  goal.  The  year 
2005  TBE  engine  size  is  set  almost  simultaneously  by  the  time-to-climb  and  takeoff  field  length/Stage  III  noise 
criteria.  The  payoff  for  the  year  2005  engine  relative  to  the  current  technology  year  1995  engine  is  a 12%  takeoff 
gross  weight  reduction  and  7 1/2  EPNdb  reduction  is  sideline  noise. 


O SIZED  FOR  REQUIRED  TOFL 

□ SIZED  FOR  TIME  TO  CUMB 

O SIZED  FOR  TRANSONIC  THRUST  MARGIN 
A SIZED  FOR  SUPERSONIC  THRUST  MARGIN 
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Figure  7 


MACH  2.4  TBE  VERSUS  VSCE  FLYOFFS 
TBE  PROVIDES  12%  TOGW  OR  19%  RANGE  IMPROVEMENT 


Shown  in  Figure  8 is  a comparison  between  the  year  2005  EIS  TBE  and  VSCE  designed  for  Mach  2.4  cruise. 
The  comparison  is  shown  both  on  the  basis  of  takeoff  gross  weight  for  a design  range  of  5000  nm  and  range  for 
a fixed  TOGW.  The  figure  shows  a 12%  TOGW  or  19%  range  advantage  for  the  TBE.  The  contributions  to 
the  TBE’s  range  advantage  are  depicted  and  are  shown  to  be  due  primarily  to  improved  fuel  consumption  during 
climb  and  cruise.  These  results  are  for  an  all-supersonic  mission  profile.  A mixed  subsonic/supersonic  mission 
with  a 1000  nm  subsonic  cruise  leg  was  also  considered.  For  the  mixed  mission  the  TBE  range  advantage  is  re- 
duced to  about  15%  relative  to  the  VSCE.  In  summary,  the  system  evaluation  results  show  the  TBE  is  clearly 
superior  to  the  VSCE  for  a Mach  2.4  cruise  application.  As  will  be  shown  later,  studies  at  Mach  3.2  produced 
similar  results. 
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HSCT  QUIET  ENGINE  CONCEPTS  (QEC) 
MACH  32  NOISE  REDUCTION  CONCEPTS 


Two  major  challenges  in  the  design  of  propulsion  systems  for  High  Speed  Civil  Transports  (HSCT)  are  complying 
with  noise  and  emissions  environmental  standards  while  providing  economically  acceptable  aircraft.  These  issues 
create  a dilemma  in  engine  design  because  low  exhaust  jet  velocities  are  required  to  meet  takeoff  noise  regula- 
tions while  high  exhaust  jet  velocities  are  required  for  economical  supersonic  cruise  operation.  Previous  studies 
have  shown  that  engines  incorporating  mechanical  suppression  concepts  to  meet  FAR  Stage  HI  noise  regulations 
must  be  oversized  by  50  to  70%  relative  to  the  sizes  that  will  provide  the  most  attractive  aircraft  economics. 

The  objective  of  the  Quiet  Engine  Concept  (QEC)  study  was  to  examine  propulsion  concepts  that  can  achieve 
a large  increase  in  airflow  during  takeoff  operation  to  reduce  the  average  exhaust  velocity  to  acceptable  levels. 
Two  methods  of  accomplishing  large  flow  increases  were  examined. 

The  first  method  utilizes  a flow  inverter  valve  between  compression  system  stages  to  transport  flow  from  the 
front  compression  stage  around  the  rear  stages  while  simultaneously  ducting  additional  ambient  air  into  the  rear 
compression  stages.  This  concept  can  increase  engine  total  airflow  by  30  to  70%.  < 

The  second  method  utilizes  a mixer/ejector  nozzle  to  increase  the  engine  exhaust  flow  by  up  to  120%  during 
takeoff  and  landing  operation. 

As  shown  in  Figure  9 these  two  methods  of  increasing  engine  airflow  were  evaluated  for  various  propulsion  con- 
cepts to  identify  their  applicability  and  effectiveness  in  reducing  takeoff  noise.  Propulsion  concepts  studied  for 
a Mach  3.2  HSCT  included  non-augmented  turbine  bypass  engines  (TBE),  variable  stream  control  engines 
(VSCE)  and  non-augmented  mixed  flow  turbofans  (MFIF). 


• TURBINE  BYPASS  ENGINE  (TBE)  WITH: 

INLET  FLOW  VALVE  AND  MIXER  EJECTOR  NOZZLE 
MIXER  EJECTOR  NOZZLE 

• VARIABLE  STREAM  CONTROL  ENGINE  (VSCE)  WITH: 

INLET  FLOW  VALVE  AND  MIXER  EJECTOR  NOZZLE 
MIXER  EJECTOR  NOZZLE 

• NON  AUGMENTED  MIXED  FLOW  TURBOFAN  WITH: 

MIXER  EJECTOR  NOZZLE 


Figure  9 
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TEE  INLET  VALVE/EJECTOR  NOZZLE  CONCEPT  SCHEMATIC 


In  this  concept,  illustrated  in  Figure  10,  the  120%  exhaust  flow  increase  is  achieved  through  the  use  of  an  inlet 
flow  valve  and  an  ejector  nozzle.  The  inlet  valve  is  positioned  between  the  first  and  second  stage  of  the  compres- 
sor, and  is  used  during  takeoff  to  divert  the  front  stage  exhaust  flow  around  the  rear  stages  and  bring  in  500  lb/sec 
ambient  air  to  supply  the  rear  stages.  During  climb/acceleration  and  cruise  operation,  the  inlet  valve  is  reposi- 
tioned so  that  all  the  flow  entering  the  front  stage  passes  through  the  rear  stages  and  the  auxiliary  inlet  air  doors 
are  closed. 

The  ejector  nozzle  is  used  to  entrain  281  lb/sec  flow  during  takeoff  to  increase  the  total  exhaust  flow  to  1450 
Ib/sec.  and  reduce  the  jet  velocity  to  the  required  1450  ft/sec.  A mixer  is  used  to  achieve  a flat  velocity  profile 
exiting  the  nozzle. 


281 

500  EJECTOR 


Figure  10 
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IMPACT  OF  INLET  FLOW  VALVE 
ENGINE  LENGTH  INCREASED  BY  60  INCHES 


As  shown  in  Figure  11,  incorporation  of  the  inlet  flow  valve  into  the  flowpath  requires  significant  flowpath 
changes  to  the  high  pressure  compressor.  When  a valve  is  incorporated  into  the  engine,  the  corrected  airflow 
entering  the  rear  stages  will  vary  significantly  between  high  mode  and  low  mode  operation.  To  insure  that  the 
rear  stages  would  be  compatible  with  the  specific  flow  variations,  the  area  at  the  rotor  inlet  was  increased  relative 
to  the  conventional  engine.  At  the  sea  level  takeoff  design  point  the  specific  flow  into  rear  aft  stages  during  high 
mode  operation  is  40.6  compared  to  36. 1 during  low  mode  operation.  Analysis  indicated  that  this  range  of  specific 
flows  produced  good  efficiency  during  both  high  and  low  mode  operation. 

An  additional  item  of  concern  is  the  pressure  distortion  which  will  occur  when  the  valve  transitions  from  high 
to  low  mode  operation.  The  front  and  rear  stages  of  the  compressor  must  be  designed  with  sufficient  stall  margin 
to  allow  stable  transient  operation.  Accordingly,  the  compressor  rear  flowpath  was  modified  from  a Constant 
Mean  Diameter  (CMD)  to  a Constant  Outer  Diameter  (COD)  configuration  and  the  entire  flowpath  was  moved 
radially  outward.  This  process  increased  the  average  mean  wheel  speed  through  each  airfoil  row,  improving  the 
stage  work  capability  at  the  expense  of  additional  weight.  Since  the  inverter  valve  was  designed  to  accept  axial 
inlet  and  deliver  axial  exit  flow,  vanes  incorporating  variable  trailing  edge  flaps  were  positioned  at  the  inlet  and 
exit  of  the  inverter  valve.  The  vane  geometry  is  set  as  required  to  achieve  compatibility  with  the  change  in  flow 
ratios  between  high  and  low  mode  operation. 

Incorporation  of  an  inlet  flow  inverter  valve  in  the  TBE  increases  the  engine  length  by  60  inches  and  the  weight 
by  2740  lb  or  22%.  The  inlet  valve  weighs  1280  lb,  and  the  modifications  to  the  basic  engine  weight  1460  lb. 


0.  25.  $0.  75.  100.  125. 


AXIAL  LENGTH  - IN. 


Figure  11 
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MACH  33  QUIET  ENGINE  CONCEPTS 

IMPACT  OF  NOISE  REDUCTION  CONCEPTS  ON  THE  POWERED  MACH  33  HSCT 


Mission  analyses  were  conducted  for  a TBE  powered  Mach  3.2  HSCT  which  carries  a passenger  load  of  61,500 
lb  for  a distance  of  5000  n.  mi.  In  order  to  achieve  a takeoff  field  length  (TOFL)  of  12,000  feet,  a total  net  thrust 
(FNTOT)  to  takeoff  gross  weight  (TOGW)  ratio  of  0.287  is  required. 

In  the  1970s,  engines  with  mechanical  noise  suppressors  (MNS)  and  acoustically  treated  nozzles  were  examined. 
Figure  12,  Column  1 shows  that  such  an  engine,  sized  for  the  TOFL  requirement,  achieves  a sideline  jet  noise 
level  of  111,  which  is  9 EPNdB  above  the  Stage  3 requirement  of  102  EPNdB  for  a 675,000  lb  TOGW  aircraft. 

If  a mixer/ejector  nozzle  (MEN)  can  entrain  770  lb/sec  flow  and  mix  it  fully  with  the  660  lb/sec  exhaust  flow  of 
the  TBE  to  achieve  an  effective  exhaust  velocity  of  1450  ft/sec,  column  2 shows  that  the  FAR  Stage  3 noise  re- 
quirement can  be  met  with  a 687,000  lb  TOGW  aircraft. 

Column  3 shows  that  if  an  inlet  flow  valve  (IFV)  with  74%  flow  and  a mixer  ejector  nozzle  (MEN)  with  43%  flow 
entrainment  are  used,  the  aircraft  TOGW  increases  to  768,000  lb  because  the  inlet  flow  valve  increases  the  pro- 
pulsion system  weight  by  22%.  1 
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MACH  22  QUIET  ENGINE  CONCEPTS 

IMPART  OF  NOISE  REDUCTION  CONCEPTS  ON  VSCE  POWERED  MACH  32  HSCT 


In  the  1970’s  variable  stream  control  engines  with  mechanical  noise  suppressors  (MNS)  were  examined.  During 
takeoff  operation,  the  duct  burner  is  on  and  produces  a duct  stream  exhaust  velocity  that  is  70%  higher  than  that 
of  the  core  stream.  The  Inverted  Velocity  Profile  (IVP)  produces  an  unsuppressed  jet  velocity  of  119  EPNdB. 
Mechanical  noise  suppressors  for  this  concept  provide  an  additional  2 EPNdB  reduction  in  noise,  as  shown  in 
Figure  13,  Column  1.  If  the  engines  are  sized  to  achieve  the  12,000  ft.  takeoff  field  length,  a sideline  jet  noise 
of  117  EPNdB  is  produced. 

In  order  to  achieve  the  Stage  3 noise  regulation,  a mixer/ejector  nozzle  (MEN)  with  120%  flow  entrainment  is 
required.  Column  2 shows  that  a VSCE  with  a MEN  produces  an  aircraft  TOGW  of  800,000  lb. 
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MACH  32  QUIET  ENGINE  CONCEPTS 
TBE  AND  MFTF  PROVIDE  TOGW  REDUCTION  OF  14  TO  16%  OVER  VSCE 


Mixer/ejector  nozzles  have  been  evaluated  fora  non-augmented  turbinebypass  engine  (TBE),  a non-augmented 
mixed  turbofan  (MFTF)  and  duct  burning  variable  stream  control  engine  (VSCE).  The  results  are  summarized 
in  Figure  14.  The  TBE  concept  provides  the  best  supersonic  cruise  fuel  consumption,  while  the  MFTF  provides 
the  lightest  weight  propulsion  system.  The  VSCE,  which  operates  with  the  duct  burner  on  during  supersonic 
cruise,  has  the  highest  Mach  3.2  cruise  TSFC  and  requires  the  largest  aircraft  to  satisfy  the  mission.  The  TBE 
and  MFTF  powered  aircraft  are  14  and  16%  lighter  than  the  VSCE  powered  aircraft,  respectively. 


TAKEOFF  GROSS  WEIGHT,  LB 
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ENGINE  FLOW  SIZE,  LB/SEC 
ENGINE  WEIGHT,  LB 
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STAGE  III  RULE,  EPNdB 
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TURBINE  BYPASS  ENGINE  LIFE  STUDY 
OBJECTIVES 


A wide  variety  of  propulsion  system  concepts  have  been  considered  for  application  in  a 2nd  generation  supersonic 
transport.  Based  upon  these  studies,  the  Thibine  Bypass  Engine  (TBE)  has  emerged  as  one  of  the  promising 
candidates.  Selection  of  the  best  propulsion  system  requires  more  in-depth  studies  to  identify  the  optimum  cycle 
and  configuration  for  each  engine.  The  objectives  of  the  Thrbine  Bypass  Engine  Life  Study  are:  (1)  to  update 
the  conceptual  definition  of  a Mach  2.4  TBE  to  include  commercial  life  requirements  and  the  latest  material 
and  structural  technology  projections  and  (2)  to  define  critical  component  technology  programs  which  must  be 
carried  out  prior  to  initiation  of  engine  full-scale  development.  (See  Figure  15).  The  engine  incorporates  aerody- 
namic, material,  and  structural  technologies  projected  to  have  technical  readiness  in  the  year  2000,  with  a corre- 
sponding Entry  Into  Service  in  2005. 


• UPDATE  THE  CONCEPTUAL  DESIGN  DEFINITION  OF  MACH  2.4 
TBE  TO  INCLUDE  COMMERCIAL  LIFE  REQUIREMENTS  FOR  A 
YEAR  2005  ENTRY  INTO  SERVICE  DATE 

• DEFINE  CRITICAL  COMPONENT  TECHNOLOGY  PROGRAMS 
WHICH  MUST  BE  CARRIED  OUT  PRIOR  TO  INITIATION  OF  FULL 
SCALE  DEVELOPMENT 


Figure  15 
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HIGH  SPEED  CIVIL  TRANSPORT  ENGINES 

SUPERSONIC  CRUISE  MISSION  REQUIRES  MAXIMUM  TEMPERATURE  OPERATION  FOR  MUCH 

HIGHER  PERCENTAGE  OF  TIME 


Achieving  commercial  life  in  an  HSCT  propulsion  system  poses  a substantial  challenge  to  the  engine  designer. 
An  HSCT  engine  operates  at  near  maximum  cycle  temperatures  and  rotational  speeds  from  transonic  accelera- 
tion thought  the  end  of  supersonic  cruise,  resulting  in  the  majority  of  the  mission  spent  at  the  most  severe  combi- 
nation of  stress  levels  and  temperature  conditions.  In  contrast,  current  subsonic  transports  operate  at  the  most 
severe  engine  conditions  only  during  takeoff,  generally  less  than  1%  of  the  total  flight  time.  A comparison  of 
typical  turbine  temperature  histories  for  a future  HSCT  versus  a current  subsonic  transport  is  shown  in  Figure 
16. 


MISSION  ELAPSED  TIME,  EXCLUDES  TAXI  AND  DESCENT,  PERCENT 

Figure  16 
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TURBINE  BYPASS  ENGINE  LIFE  STUDY 
CYCLE  & CONFIGURATION  GROUND  RULES 


The  primary  TBE  cycle  parameters  for  the  life  study  were  defined  to  be  consistent  with  the  groundrules  estab- 
lished by  the  P&W/GEAE  HSCT  Propulsion  Team.  These  groundrules,  shown  in  Figure  17,  resulted  from  pre- 
vious studies  conducted  under  HSR  Phase  I coupled  with  updated  estimates  of  projected  material  capabilities, 
structural  concepts  and  cooling  technologies.  The  maximum  compressor  discharge  temperature  was  limited  by 
material  constraints  in  the  aft  compressor  stage  airfoil  and  disk  rim.  Additional  constraints  on  the  compressor 
discharge  temperature  were  cooling  requirements  for  the  low  NOx  combustor  liner  and  the  tuibine  blade  attach- 
ments. The  maximum  combustor  exit  temperature  was  limited  based  upon  achieving  acceptable  turbine  airfoil 
cooling  with  the  specified  compressor  discharge  temperature.  Although  these  temperatures  may  not  seem 
aggressive  when  compared  to  military  engines,  consideration  of  the  HSCT  duty  cycle  makes  them  highly  aggres- 
sive. 

The  primary  parameter  varied  in  the  fiowpath  study  is  turbine  maximum  AN2,  which  establishes  the  rotational 
speed  of  the  engine.  High  AN2  designs  have  heavier,  more  complicated  disks  and  attachments  but  may  achieve 
weight  and  drag  reductions  by  reducing  the  number  of  airfoils,  reducing  the  engine  diameter,  and/or  reducing 
the  engine  length.  However,  at  some  level,  engine  life  will  be  reduced  or  the  weight/performance  benefits  will 
be  offset  by  other  considerations.  For  each  configuration,  iterations  are  performed  between  the  performance 
and  fiowpath  to  account  for  any  required  changes  in  secondary  flows  and/or  component  efficiencies.  Selected 
compressor  and  tuibine  attachments  and  disks  are  then  designed  to  insure  structural  feasibility  and  aid  in  estab- 
lishing engine  weight  trends.  A mission  analysis  is  then  performed  for  each  engine  to  identity  the  optimum  set 
of  component  aero/mechanical  design  groundrules. 


CYCLE  INLET  CORRECTED  AIRFLOW  SIZE,  LB/SEC  650 
PRESSURE  RATIO  19 

T41  HOT  DAY  TAKEOFF,  °F  2900 

T41  STD  DAY  MACH  2.4  CLIMB,  °F  2800 

T3  MAX,  °F  1250 

TAKEOFF  THRUST,  LB  58000 

TURBINE  AN2  (SETS  RPM),  IN2  - RPM2  400  - 500  X 108 


Figure  17 
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PERCENT  ROTOR  SPEED 


TURBINE  BYPASS  ENGINE  LIFE  STUDY 


DUTY  CYCLE  - ALL  SUPERSONIC  AND  AVERAGE  MISSIONS 


The  HSCT  will  be  sized  for  an  all-supersonic  mission  with  an  assumed  design  range  of  5000  nautical  miles.  How- 
ever, a typical  mission  will  result  in  a mixture  of  subsonic/supersonic  flight  with  an  average  range  on  the  order 
of  3500  nautical  miles.  The  TBE  engine  will  be  designed  to  meet  commercial  life  requirements  based  upon  the 
typical  flight  profile.  Lower  life  will  result  from  utilization  in  an  all-supersonic  mission  environment.  The  TBE 
life  study  will  determine  the  difference  in  engine  life  between  an  all  supersonic  and  a typical  mixed  mission. 

Figure  18  depicts  the  variation  in  rotor  speed,  compressor  eat  temperature  and  turbine  inlet  temperature  as  a 
function  of  time  for  the  all-supersonic  and  mixed  missions.  Note  the  large  reduction  in  all  three  parameters 
for  subsonic  cruise  operation.  This  serves  to  further  illustrate  the  severity  of  supersonic  cruise  operation  relative 
to  subsonic. 


1 - — AVERAGE  3500  NM  MIXED  MISSION 

2  5000 NM  SUPER80NIC DESIGN  MISSION 


ELAPSED  TIME  - MIN 

Figure  18 
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TURBINE  BYPASS  ENGINE  LIFE  STUDY 
FLOWPATH  COMPARISON 


Some  parametric  flowpaths  considered  during  this  study  are  shown  in  the  Figure  19,  compared  against  the  base- 
line engine  configured  with  a turbine  maximum  AN2  = 450 x 108  in2-rpm2-  The  compressor  and  turbine  configu- 
rations for  each  engine  were  optimized  to  achieve  the  best  combination  of  airfoil  count,  flowpath  shape,  and  flow- 
path  elevation  to  achieve  efficiency  and  stall  margin  goals.  All  of  the  compression  systems  feature  advanced  low 
aspect  ratio  3-D  swept  aerodynamics  to  reduce  shock  losses.  The  stators  feature  a “hyperbow”  design  to  control 
endwall  boundary  layers,  reducing  secondary  flow  losses  and  improving  stability.  The  combustor  is  representative 
of  the  low  NOx  Rich-Bum  Quick-Quench  concept.  The  turbine  features  advanced  3-D  aerodynamics  for  im- 
proved efficiency. 

Going  from  maximum  AN2  = 400  to  450  X 108  in2  rpm2  results  in  lower  compressor  and  turbine  elevations  due 
to  increased  rpm  capability  and  shorter  length.  Progressing  from  450  to  500  X 108  in2  rpm2  still  provides  a reduc- 
tion in  compressor  and  turbine  elevations,  but  a 2 inch  length  increase.  A 6 stage  compressor  flowpath  has  also 
been  defined  which  reduces  engine  length  about  10  inches,  but  results  in  compressor  evaluations  comparable 
to  the  maximum  AN2  = 400  X 108  in2  rpm2  case. 


Figure  19 
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MIXED  FLOW  TURBOFAN  STUDY 
OBJECTIVES 


The  objectives  of  the  mixed  flow  turbofan  study  are  shown  in  Figure  20.  This  study  will  investigate  the  potential 
of  low  bypass  ratio,  mixed  exhaust  cycles  and  configurations,  including  augmented  and  non-augmented  systems, 
for  a Mach  2.4  application. 

Economically  attractive  candidates  from  the  cycle  matrix  will  be  carried  through  flowpath  and  mechanical  design 
evaluation  to  provide  weight,  price,  and  maintenance  cost  estimates.  Resulting  engines  will  be  “flown”  on  a refer- 
ence aircraft  model  to  establish  relative  merits  on  the  basis  of  integrated  propulsion/airframe  system  perform- 
ance and  economics.  Performance  and  installation  characteristics  for  the  most  promising  engine  will  be  provided 
to  NASA  and  two  airframe  contractors  in  the  form  of  data  packs.  Updates  to  the  technology  plan  will  be  made 
based  on  any  new  requirements  arising  from  this  task. 


• CONDUCT  EVALUATION  OF  MACH  2.4  MFTF  CYCLES 

• SELECT  CYCLE(S)  FOR  CONCEPTUAL  DEFINITION  TO 
INCLUDE  COMMERCIAL  LIFE  REQUIREMENTS  FOR  A YEAR 
2005  ENTRY  INTO  SERVICE  DATE 

• DEFINE  THE  CRITICAL  COMPONENT  TECHNOLOGY 
PROGRAMS  WHICH  MUST  BE  CARRIED  OUT  PRIOR  TO 
INITIATION  OF  FULL  SCALE  DEVELOPMENT 


Figure  20 
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MIXED  FLOW  TURBOFAN  STUDY 
CYCLE  MATRIX  (20  CYCLE  COMBINATIONS) 


The  cycle  matrix  shown  in  Figure  21  covered  fan  pressure  ratios  (FPR)  from  3.8  (maximum  for  a two  stage  fan) 
up  to  5.0  for  a three  stage  fan.  Each  cycle  was  defined  with  a maximum  turbine  blade  inlet  temperature  (T41) 
of  2900 °F  and  a cycle  overall  pressure  ratio  (OPR)  at  sea  level  takeoff  determined  by  a maximum  compressor 
exit  temperature  of  1250°F.  Varying  the  sea  level  takeoff  turbine  temperature  while  holding  climb  maximum 
T41  fixed  introduced  variations  in  “throttle  ratio”,  which  determined  sea  level  reference  bypass  ratio  (BPR)  as 
well  as  BPR  excursion  from  sea  level  to  top  of  climb.  The  takeoff  T41  - FPR  combinations  resulted  in  exhaust 
velocities  from  2100  to  2800  feet  per  second.  This  matrix  offers  trades  in  subsonic  and  supersonic  thrust  specific 
fuel  consumption  versus  thrust  capability  (engine  sizing). 


FAN  PRESSURE  RATIO 

THROTTLE  RATIO  (T41  CLIMB /T41  SLS) 

MAX  COMPRESSOR  EXIT  TEMP,  °F 

MAX  TURBINE  BLADE  INLET  TEMP,  °F 

BYPASS  RATIO 

TAKEOFF  JET  VELOCITY,  FPS 


3.8  TO  5.0 
1.05  TO  1.25 
1250 
2900 

.04  TO  .59 
2113  TO  2818 


MIXED  FLOW  TURBOFAN  STUDY 

CYCLES  COVER  WIDE  RANGE  OF  TRANSONIC  AND  SUPERSONIC  THRUST 


Maximum  climb  thrust  (FNT)  at  both  transonic  (M  = 1.1)  and  supersonic  (M  = 2.4)  conditions  covers  a wide 
range  across  the  cycle  matrix  at  the  base  flow  size  of 650  lb/sec.  The  trends  shown  in  Figure  22  indicate  increasing 
thrust  when  lowering  design  BPR  by  increasing  FPR  at  constant  throttle  ratio  or  when  lowering  design  BPR  by 
increasing  throttle  ratio  (reduced  takeoff  T41)  at  constant  FPR.  The  major  effect  with  the  latter  approach  is 
the  steeper  supersonic  thrust  increase  relative  to  transonic,  which  is  a result  of  the  reduced  BPR  excursion  from 
sea  level  to  altitude  by  relatively  “upmatching”  the  high  spool  and  higher  fan  pressure  ratio  relative  to  design 
(flatter  operating  line). 

The  5.0  FPR  cycles  are  limited  to  low  throttle  ratios  to  maintain  takeoff  T41’s  sufficient  to  support  a BPR  of 
0.1  or  greater  at  desirable  mixing  conditions. 


—MAX'  FNf,  XU-1.1 
—MAX  FNT.  XU  — 2.4 


Figure  22 
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MIXED  FLOW  TURBOFAN  STUDY 
REQUIRED  ENGINE  SIZES  (NON  AUGMENTED) 


By  calculating  scaled  flow  sizes  required  for  each  cycle  to  meet  typical  airplane  thrust  requirements  at  takeoff, 
transonic  climb,  and  supersonic  climb,  the  critical  sizing  condition  can  be  determined.  All  of  the  cycles  shown 
in  Figure  23  are  transonic  thrust  sized.  At  high  throttle  ratios,  the  supersonic  sizing  criteria  approaches  the  take- 
off requirement,  both  of  which  are  well  below  the  transonic  sizes;  this  indicates  that  a significant  engine  size  re- 
duction could  be  achieved  with  the  addition  of  thrust  augmentation  during  transonic  climb,  which  is  being  consid- 
ered. 

In  general,  the  higher  FPR,  higher  specific  thrust  cycles  result  in  smaller  engine  size,  approaching  the  “zero 
BPR”  turbine  bypass  engine  (TBE).  However,  this  size  reduction  is  achieved  with  higher  jet  velocity  cycles  which 
tend  to  make  achievement  of  the  Stage  III  noise  goal  more  difficult. 


O-TAKEOKK  o-transonic,  M = 1.1  q-supersonic.  M = 2.4- 


Figure  23 
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EXHAUST  NOZZLE  CONCEPTUAL  DESIGN 
OBJECTIVES 


The  goal  of  the  nozzle  design  task  is  to  develop  conceptual  mechanical  designs  of  both  an  axisymmetric  and  a 
two  dimensional  mixer  ejector  nozzle  around  a Mach  2.4  Tlubine  Bypass  Engine  (TBE).  The  designs  will  include 
aerodynamic,  acoustic,  mechanical,  and  structural  analyses  to  obtain  realistic  estimates  of  dimensions,  weight, 
and  performance  potential.  Critical  materials  and  structural  technologies  will  be  identified  to  achieve  a balance 
between  nozzle  weight,  aerodynamic  and  acoustic  performance,  and  life.  Results  will  be  provided  to  airframe 
manufacturers  for  overall  propulsion/airframe  system  integration  and  evaluation.  (See  Figure  24). 


• DEVELOP  CONCEPTUAL  DESIGNS  OF  MACH  2.4 
AXISYMMETRIC  AND  TWO  DIMENSIONAL  (2D)  MIXER 
EJECTOR  NOZZLES  TO  IDENTIFY  CRITICAL  MATERIALS 
AND  STRUCTURAL  TECHNOLOGIES  FOR  A YEAR  2005 
ENTRY  INTO  SERVICE  DATE 

• COMPARE  RESULTING  PERFORMANCE,  WEIGHT,  ACOUSTIC 
AND  DIMENSIONAL  CHARACTERISTICS  AND  PROVIDE  TO 
AIRFRAME  MANUFACTURER  FOR  EVALUATION 


Figure  24 
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EXHAUST  NOZZLE  CONCEPTUAL  DESIGN 
AREA  AND  OPERATING  TEMPERATURE  REQUIREMENTS 


Operating  characteristics  for  the  TBE  were  evaluated  across  both  a 5000  ran  all  supersonic  mission  and  a 3500 
nm  mixed  subsonic  - supersonic  cruise  mission.  As  shown  in  Figure  25,  a wide  range  of  variable  throat  and  nozzle 
exit  areas  are  required  to  maintain  optimum  engine  matching  and  maximum  nozzle  performance  characteristics. 
The  nozzle  inlet  temperature  history  during  these  missions  shows  extended  operation  at  nearly  maximum  nozzle 
temperatures  of  1800-1900°F.  Other  design  requirements  established  include:  (1)  reverse  thrust  capability  simi- 
lar to  current  high  BPR  turbofans,  (2)  acoustically  treatable  nozzle  surface  area  equal  to  L/D  = 2,  (3)FAR36 
Stage  III  noise  rules  with  120%  ejector  flow  pumping,  and  (4)  thrust  coefficient  goals  of  .982  at  cruise  and  .95 
at  takeoff,  including  leakage. 


NOZZLE  AREA  VARIATION  REQUIREMENTS  - 2005  EIS  TBE 


A throat  (A8):  800  - 1180  IN2 

TAKEOFF  - 855  IN2 
SUPERSONIC  CRUISE  - 1000  IN2 

A exit  (A9):  1400  - 4200  IN2 

1400  @ SUBSONIC  CRUISE 

2120  @ TRANSONIC  CRUISE 

3940  @ MIXER/EJECTOR  DEPLOYED  TAKEOFF 

4200  @ TOP  OF  CLIMB 


0 100  200  300 


ELAPSED  TIME -MIN 


Figure  25 
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PROPULSION  SYSTEMS  STUDIES 
SUMMARY  OF  RESULTS  / STATUS 


A summary  of  propulsion  systems  studies  results  and  status  is  given  in  Figure  26. 

Pratt  & Whitney  propulsion  systems  studies  during  the  last  several  years  have  quantified  the  potential  payoffs 
for  technology  advancements  in  emissions,  noise  and  overall  system  performance  (as  measured  by  aircraft 
TOGW  or  range).  The  payoffs  relative  to  current  technology  are  8 db  lower  airport  sideline  noise,  85%  lower 
NOx  emissions  index  and  12%  reduction  in  aircraft  TOGW. 

Several  types  of  engines  have  been  shown  to  have  the  potential  to  meet  the  FAR36  Stage  III  noise  goal  when 
equipped  with  the  mixer/ejector  nozzle.  The  VSCE  has  been  shown  to  be  not  competitive  in  terms  of  TOGW 
for  both  Mach  2.4  and  3.2  applications.  Therefore,  this  cycle  has  not  been  included  in  our  current  study  plans. 

The  TBE  and  MFTF  have  been  shown  to  be  competitive  for  Mach  3.2  and  therefore,  are  included  in  the  current 
Mach  2.4  joint  GEAE/P&W  study  activity. 

The  mixer/ejector  nozzle  concept  has  been  identified  as  the  most  attractive  approach  to  meeting  the  FAR36 
Stage  III  noise  goal.  Consequently,  a conceptual  design  study  of  axisymmetric  and  two-dimensional  mixer  ejector 
nozzle  configurations  is  underway. 


• PROJECTED  TECHNOLOGY  ADVANCEMENTS  PROVIDE  SIGNIFICANT 
IMPROVEMENTS  IN  NOISE,  EMISSIONS  AND  AIRCRAFT  TOGW 

• TBE,  VSCE  AND  MFTF  WITH  120%  FLOW  ENTRAINMENT  MIXER 
EJECTOR  NOZZLES  ACHIEVE  SIDELINE  NOISE  GOAL 

• TBE  WITH  INLET  FLOW  VALVE  AND  43%  NOZZLE  FLOW 
ENTRAINMENT  ACHIEVES  SIDELINE  NOISE  GOAL 

• TBE  PROVIDES  LOWER  TOGW  THAN  VSCE  (12%  FOR  M 2.4, 14% 

FOR  M 3.2) 

• TBE  TOGW  IS  COMPETITIVE  WITH  MFTF  FOR  MACH  3.2 

• MACH  2.4  TBE,  MFTF  ENGINES  AND  MIXER/EJECTOR  NOZZLES 
ARE  CURRENTLY  BEING  DEFINED  AND  EVALUATED  USING  COMMON 
GEAE/P&W  GROUND  RULES 


Figure  26 
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NASA  HSR  OZONE  RESEARCH  OBJECTIVES 


The  engine  emissions  of  primary  concern  are  nitrogen  oxides  (NOx)  which, 
through  a series  of  known  catalytic  reactions,  could  adversely  impact  the  earth’s 
protective  ozone  layer.  Although  continuing  atmospheric  studies  are  needed  to  fully 
understand  and  quantify  the  levels  that  would  yield  no  damage,  it  is  clear  that  technology 
development  focused  on  reducing  NOx  emissions  is  paramount  before  U.S.  industry 
could  commit  to  a high-speed  transport  development  program.  Fortunately,  prior 
emissions  reduction  programs  such  as  the  Department  of  Energy  sponsored  research  for 
stationary  gas-turbine  powerplants  indicate  that  reduction  to  levels  in  the  range  of  3 to  8 
grams  of  NOx  per  kilogram  of  fuel  burned  is  possible  with  advanced  combustor  design 
approaches.  Further  NOx  reduction  and  potential  elimination  may  also  be  achievable 
through  secondary  means  such  as  downstream  (post-combustion)  injection  of  chemical 
reactants. 


NASA  HSR  Ozone  Research  Objectives 


• Determine  potential  impact  of  HSCT  aircraft 
fleet  on  protective  ozone  layer. 

Establish  technologies  and  operational 
procedures  that  insure  no  significant  ozone 
depletion. 


NOx  FORMATION 


Oxides  of  nitrogen  are  formed  in  combustion  systems  of  engines.  In  operation, 
fuel  and  air  are  supplied  to  the  combustor  and  ignited.  The  subsequent  heat  produced 
causes  the  nitrogen  and  oxygen  in  the  air  to  combine  to  form  nitric  oxide  (NO),  lesser 
amounts  of  nitrogen  dioxide  (N02)  and  trace  amounts  of  other  nitrogen/oxygen 
compounds.  All  of  these  are  commonly  referred  to  as  oxides  of  nitrogen  or  NOx.  Two 
NOx  formation  mechanisms  have  been  identified;  Prompt  NOx  and  Thermal  NOx. 
Prompt  NOx  results  when  the  combustion  process  initiates.  Fuel  hydrocarbon  fragments 
react  with  air  nearly  instantaneously  to  form  small  amounts  of  NOx.  Due  to  the  speed 
of  the  reactions,  these  processes  are  essentially  uncontrollable.  Thermal  NOx  formation 
occurs  more  slowly  and  is  the  major  production  source  of  this  emittant.  Formation  of 
thermal  NOx  is  very  dependant  on  temperature  levels  in  the  combustor  and  the  length  of 
time  that  high  temperatures  persist.  Controlling  thermal  NOx  through 
temperature/residence  time  management  is  the  major  thrust  of  the  emissions  program. 


NO*  Formation 


•Fast  reactions 
•Hydrocarbon  fragments 
•0-1  gm/kg  fuel  (E.l.) 
•Uncontrollable 


•Slow  reactions 
N + 02^ — ►NO  + O 
N2  +30  - — ►2NO  + 0 
•Controllable 


Correlation:  N0X  a 


eTin/kpl/2-re),it 

vref 
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EMISSIONS  REDUCTION 

Shown  is  a plot  of  NOx  emissions  against  engine  fuel  efficiency  gain.  To  increase 
engine  efficiency,  operation  at  higher  temperatures  and  pressures  is  required.  These 
higher  temperature  and  pressure  conditions  also  increase  NOx  formation.  As  an 
example,  the  Concorde  produces  a NOx  emission  index  value  of  16-20.  If  energy 
efficient  cycles  are  employed,  NOx  values  could  increase  to  the  large  levels  indicated  by 
the  top  band.  The  objective  of  this  program  is  to  employ  very  advanced  NOx  reduction 
methods  to  reduce  NOx  levels  to  theoretically  low  levels  shown  in  the  bottom  band.  The 
technology  base  for  these  reductions  lie  in  1970’s  emission  research  and  in  department  of 
energy  research  conducted  in  the  late  1970’s  and  early  1980’s. 


High  Speed  Research  Program 


ENGINE  FUEL  EFFICIENCY  GAIN  - % 


956 


HSCT  SUPERSONIC  CRUISE  COMBUSTION  OPERATING  CONDITIONS 


These  conditions  are  representative  of  those  anticipated  to  be  required  for  future 
commercial  supersonic  aircraft.  Future  presentations  in  this  session  use  these  conditions 
as  a baseline  for  data  comparison.  The  operating  conditions  are  much  more  severe,  thus 
making  NOx  control  more  difficult  than  those  projected  for  prior  1970’s  supersonic 
aircraft;  in  fact,  they  represent  a severity  increase  of  from  three  to  six. 


HSCT  Supersonic  Cruise 
Combustion  Operating  Conditions 


Tin,  °F ...1000  - 1350 

Pin , atm 12  - 14 

Texit,  °F... 3000  ■ 3400 

Fuel JET-A  TSJF 


(Thermally  stabilized  jet  fuel) 
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NOx  CORRELATIONS 


The  severity  of  combustor  operating  conditions  and  their  impact  on  NOx 
formation  can  be  determined  by  correlating  parameters  such  as  those  shown  below. 
Three  correlating  parameters  are  listed.  Although  different  in  form,  they  all  produce 
similar  results.  The  (3)  subscript  refers  to  combustor  inlet  conditions;  the  (4)  subscript 
refers  to  combustor  exit  conditions,  (Vref)  is  a measure  of  velocity  in  the  combustor; 
(HO)  is  the  relative  humidity. 
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TYPICAL  NOx  CHARACTERISTICS  OF  A CURRENT  TECHNOLOGY 
AND  LOW  NOX  COMBUSTORS 

This  chart  illustrates  application  of  one  of  the  NOx  correlating  parameters,  the 
GE  parameter.  The  plot  is  NOx  E.I.  vs.  severity  of  combustor  operating  conditions.  The 
top,  cross-hatched  band  indicates  NOx  characteristics  of  current,  conventional 
combustors  now  in  use  for  aeronautical  missions.  The  lower  line  indicates  NOx  levels 
achievable  employing  the  NOx  reduction  technology  evolved  in  the  1970’s  for  aircraft 
combustors.  As  can  be  seen,  considerable  additional  NOx  reduction  is  required  to 
achieve  program  goals. 


Typical  NOx  Characteristics  of  a Current 
Technology  and  Low  NOx  Combustors 


/ p3  \°  4 / T3  - 1027.6  6 20-HoV 

| 432.7 j ^ 349  9 + ~5a2  j 
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HSCT  EMISSION  REDUCTION  STRATEGIES 

This  chart  lists  available  NOx  reduction  strategies.  Nearly  all  have  merit  and 
should  be  pursued.  However,  only  low  emission  combustors  offer  the  potential  for  NOx 
reductions  approaching  the  90  percent  level  and,  thus  represents  the  major  thrust  of  the 
program.  Second  stage  clean-up  consists  of  the  introduction  of  compounds  into  the 
combustor  exhaust  stream  to  react  with  the  NOx  to  produce  benign  elemental  nitrogen. 
This  approach,  while  being  employed  for  terrestrial  emission  control,  will  be  very 
difficult-  possibly  impossible-  to  employ  on  flight  systems.  However,  its  applicability, 
because  of  its  very  low  NOx  potential,  is  currently  being  studied. 


HSCT  EMISSION  REDUCTION  STRATEGIES 


STRATEGY 

Advanced  Airframe 
High  Efficiency  Engine 

Modified  Engine  Cycle 
Low  Emission  Combustors 


Second  Stage  Cleanup 


EXAMPLE  APPROACH 

High  UD  & Low  WSlnic!ure 

Supersonic  Throughflow  Fan 
Advanced  Core 

Combustor  Pre-Cooling 
Reduced  Cycle  T & P 

Lean  Pre-Mixed  / Pre-Vaporization  - 

Rich  Burn  / Quick  Quench  I 
Lean  Burn 

NOx  Destruction  Additives 


NOx  ASSESSMENT  STATUS 

~ 20  to  30%  Reduction 
~ 20  to  40%  Reduction 

Excessive  HX  Size 
Excessive  Efficiency  Loss 

~ 00  to  90%  Reduction 
(El  ~ 5)  • 

El  — ► 0 Potential  * 

-Very  High  Risk 


* Extrapolation  of  Terrestrial  Data  Base 
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Variation  of  NOx  with  Equivalence  Ratio 


The  figure  below  illustrates  the  principle  that  NOx  production  is  a maximum  near  a 
stoichiometric  equivalence  ratio  (1.0)  where  there  is  a "perfect"  mixture  of  fuel  and  air 
such  that  all  of  the  fuel  is  burned  with  all  of  the  air  to  produce  combustion  products.  If 
combustion  occurs  in  a lean  mixture  (excess  combustion  air),  or  in  a rich  mixture  (excess 
fuel),  lower  flame  temperatures  occur  and  lower  NOx  emissions  are  produced.  This  is  the 
basis  for  the  two  major  concepts  shown  schematically  in  the  figure.  The  Lean-Premixed- 
Prevaporized  (LPP)  concept  continually  burns  a lean  mixture  to  produce  low  NOx.  The 
Rich  Burn  Quick  Quench/Lean  Burn  (RQL)  concept  burns  rich  in  the  first  stage  of 
combustion,  quickly  quenches  the  mixture  to  minimize  the  time  spent  near  stoichiometric, 
then  bums  lean  in  the  final  stage  of  combustion.  These  two  concepts  are  the  main 
contenders  for  the  future  low  NOx  combustor  for  the  HSCT. 


Variation  of  NOx  with  Equivalence  Ratio 
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EMISSION  REDUCTION  PROGRAM 


The  approach  to  emissions  reduction  technology  development  couples  both 
analytical  and  experimental  capabilities  which  first  build  a strong  fundamentals 
foundation,  and  then  integrates  and  applies  that  knowledge  base  to  engine-level 
combustor  hardware  for  verification. 

Analysis  codes  are  used  to  assess  proposed  concepts  for  screening  and  to  also 
identify  areas  of  concerns  requiring  lab  experiments  for  resolution.  Enhancements 
to  the  codes  will  occur  throughout  the  program. 

Lab  experiments  are  the  primary  source  of  the  knowledge  base.  Results  define 
key  design  factors,  foster  formulations  of  alternate  concepts,  and  demonstrate 
achievable  NOx  reduction  levels. 

Development  of  low-emission  combustors  will  be  accomplished  by;  evolving  key 
sub-components  such  as  the  fuel  injectors,  and  mixing  devices;  integrating  them  in 
selected  combustor  designs;  and,  development  tests  at  simulated  operating 
conditions. 


Emissions  Reduction  Program 


Adv.  component  configurations 

Lean  pre-mixed/pre-vaporized 


Z 


Rich  burn/quench/lean  burn 


Analysis  & Prediction  Codes 
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EMISSION  REDUCTION  MILESTONES 

This  chart  illustrates  the  program  elements  and  key  milestones.  Program  success 
depends  on  achievement  of  all  milestones.  However,  the  most  critical  are  the  following: 

o FY91:  Demonstrate  ultra-low  NOx  levels  in  flame  tube  experiments  conducted  at 
simulated  supersonic  cruise  conditions. 

o FY92:  Select  the  prime  combustion  approach  for  combustor  development, 
o FY95:  Demonstrate  ultra-low  NOx  levels  in  combustor  test  rigs. 


IlgW-emission  component 


Concept  Concepts  selected  Combustor  rig  demo's 

assessment/  for  combustor  (15-20  Ei)  (3-8  Ei) 

screening  development 


963 


SUMMARY 


This  chart  briefly  describes  current  program  status. 


Summary 

• Flame  tube  experiments  have  been  initiated  to  demonstrate 
ultra  low  NOx  emission  levels  for  LPP;  to  be  evaluated  in 
1991  RQL  combustion  approaches. 

• Stable  of  existing  computer  codes  being  e val u ated/u pg raded/ 
validated  to  analyze  low  emissions  combustor  concepts 

• Efforts  with  engine  companies  are  in  process  to  evaluate 
combustor  concepts  leading  to  selection  of  prime 
approach  at  end  of  FY  1 992. 
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Introduction 


One  of  the  primary  goals  of  NASA’s  high-speed  research  program  is  to 
determine  the  feasibility  of  designing  an  environmentally  safe  commercial  su- 
personic transport  airplane.  The  largest  environmental  concern  is  focused 
on  the  amount  of  ozone  destroying  nitrogen  oxides  (NOx)  that  would  be 
injected  into  the  lower  stratosphere  during  the  cruise  portion  of  the  flight. 
The  limitations  placed  on  NO*  emission  require  more  than  an  order  of  mag- 
nitude reduction  over  current  engine  designs.  To  develop  strategies  to  meet 
this  goal  requires  first  gaining  a fundamental  understanding  of  the  combus- 
tion chemistry. 

To  accurately  model  the  combustor  requires  a computational  fluid  dy- 
namics approach  that  includes  both  turbulence  and  chemistry.  Since  many 
of  the  important  chemical  processes  in  this  regime  involve  highly  reactive 
radicals,  an  experimental  determination  of  the  required  thermodynamic  data 
and  rate  constants  is  often  very  difficult.  Unlike  experimental  approaches, 
theoretical  methods  are  as  applicable  to  highly  reactive  species  as  stable 
ones.  Also  our  approximation  of  treating  the  dynamics  classically  becomes 
more  accurate  with  increasing  temperature.  In  this  article  we  review  recent 
progress  in  generating  thermodynamic  properties  and  rate  constants  that  are 
required  to  understand  NOx  formation  in  the  combustion  process.  We  also 
describe  our  one-dimensional  modeling  efforts  to  validate  an  NH3  combus- 
tion reaction  mechanism.  We  have  been  working  in  collaboration  with  Marty 
Rabinowitz  at  Lewis  research  center,  to  ensure  that  our  theoretical  work  is 
focused  on  the  most  important  thermodynamic  quantities  and  rate  constants 
required  in  the  chemical  data  base. 


Outline 


- Thermodynamic  properties 

,1.  C-H  bond  dissociation  energies  of  CH4 

2.  Resolution  of  the  controversy  concerning  the  C-H  bond  energy  of 
acetylene 

- Reaction  rate  constants 

1.  Lifetime  of  HN2  to  unimolecular  decay 

2.  C2H2  + C2H2  -»  ? 

3.  propane  + O — > propyl  + OH 

- Modeling 

1.  ID  modeling  to  validate  an  NH3  combustion  mechanism  (H-N-O) 

2.  ID  modeling  of  turbine  combustors  with  CH4  fuel  to  identify  impor- 
tant H-C-N-O  reactions. 
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Calculation  of  heats  of  formation 


Although  the  heat  of  formation  is  well  known  for  many  molecules,  indi- 
vidual bond  energies  are  often  very  uncertain.  We  have  developed  an  inex- 
pensive computational  approach  for  predicting  accurate  (1  to  2 kcal/mole) 
C-C  and  C-H  bond  energies  [1-2].  Currently  we  are  attempting  to  assess  the 
accuracy  with  which  we  can  compute  N-H,  N-N,  O-H  and  0-0  bond  ener- 
gies [3].  An  accurate  knowledge  of  bond  energies  is  required  to  model  the 
chemistry  occuring  in  jet  engines.  For  purposes  of  calibration,  we  have  stud- 
ied the  successive  bond  energies  of  methane  [1].  These  are  compared  with 
experiment  in  the  following  table.  At  a modest  level  of  theory,  our  directly 
calculated  values  are  about  2 kcal/mole  too  small  after  the  inclusion  of  the 
vibrational  zero-point  energy  (ZPT).  However,  0.5  kcal/mole  accuracy  is 
achievable  with  very  large  calculations.  When  we  add  2 kcal/mole  to  correct 
for  deficiencies  in  the  theoretical  bond  energies  (column  labeled  estimate), 
excellent  agreement  is  obtained  with  experiment.  This  gives  us  consider- 
able confidence  that  our  results  for  hydrocarbons  and  other  systems,  such  as 
ketene  [2]  and  methanol  [4]  are  also  very  accurate. 
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C-H  dissociation  energy  in  C2H2 


There  is  currently  considerable  controversy  regarding  the  C-H  disso- 
ciation energy  of  acetylene,  jDq(HCC-H).  This  is  in  large  part  due  to  the 
low  and  presumably  very  accurate  value  determined  by  Green,  Kinsey 
and  Field  (GKF)  [5]  using  Stark  anticrossing  spectroscopy.  Their  result, 
126.647(2)  kcal/mole,  is  claimed  to  be  an  upper  bound , and  is  consistent  with 
the  127±1.5  kcal/mole  estimate  of  Segall  et  ah  [6]  obtained  by  measuring  the 
kinetic  energy  (K.E.)  of  the  hydrogen  atom  fragment  using  Doppler  mul- 
tiphoton ionization  spectroscopy.  However,  these  values  are  substantially 
smaller  than  previous  theoretical  estimates  [7,8]  and  other  recent  experimen- 
tal results,  such  as  the  Do  value  of  131.3±0.7  kcal/mole  measured  by  Ervin 
et  al.  [9]  using  the  techniques  of  negative  ion  photoelectron  spectroscopy  and 
gas  phase  proton  transfer  kinetics. 

We  undertook  a systematic  study  of  the  C-H  bond  dissociation  energy 
in  acetylene  with  respect  to  improvements  in  the  level  of  theoretical  treat- 
ment [10].  Our  best  estimate  for  the  Do  value  of  130.1±1.0  kcal/mole  is  in 
good  agreement  with  the  recent  experiment  of  Ervin  et  al.  [9]  and  previous 
theoretical  calculations  [7,8].  We  believe  our  error  bars  to  have  a better  than 
90%  probability  of  bracketing  the  correct  Do  value,  and  we  therefore  seri- 
ously question  the  recent  upper  bound  inferred  from  Stark  anticrossing  spec- 
troscopy [5].  Detailed  theoretical  studies  of  the  C2H2  and  C2H  vibrational 
frequencies  have  also  led  us  to  revise  upward  the  D®  values  determined  from 
kinetic  data. 


<126.647±0.002 

127. ±1.5 

124-127 

131.3±0.7 

132.±2 

132.6±1.2 


130.1±1.0 


Experimental 

Stark  anti-crossing  spectroscopy 
HCCH  + hv  -*■  C2H  + H(K.E.) 
Kinetic  data 

AHacid(HCCH)  + EA(C2H)  - IP(H) 
HCCH  + hv  -*•  C2H(K.E.)  + H 
photoionization  of  HCCH 

Theoretical 

MRCI 


Reaction  Rate  Constants 


The  first  step  in  determining  an  accurate  rate  constant  is  to  compute 
the  potential  energy  surface  — that  is,  for  “all”  possible  arrangements  of  the 
atoms,  solve  for  the  electronic  energy.  The  surface  must  then  be  fit  to  an 
analytic  form  in  order  to  solve  for  the  nuclear  motion  on  this  surface  using 
either  classical  or  quantum  mechanical  scattering  methods  We  are  currently 
exploring  the  use  of  variational  transition  state  approaches  with  tunneling 
corrections  for  determining  qualitative  (factor  of  2-3)  reaction  rate  constants 
and  product  branching  ratios.  One  of  the  advantages  of  this  method  is  that 
it  requires  only  a small  portion  of  the  complete  potential  energy  surface. 
This  approach  has  been  applied  to  determining  the  rate  constant  of  the  re- 
action of  propane  with  atomic  oxygen — see  later  discussion. 

Several  reactions  are  currently  under  study  in  our  laboratory.  For  exam- 
ple, the  reaction 

H + 02->  HO  + O 

is  being  studied,  since  this  reaction  consumes  most  of  the  02  in  typical  hy- 
drocarbon combustion.  However,  the  rate  constant  for  this  reaction  is  un- 
certain by  a factor  of  six  at  flame  temperatures.  A global  potential  energy 
surface(PES)  has  been  developed  and  fitting  is  in  progress  [11-14]. 

Another  molecule  that  we  have  studied  extensively  is  HN2,  since  it  has 
been  postulated  as  an  important  species  in  thermal  De-NOj.  processes.  A 
global  PES  has  been  developed  for 


h + n2->  hn2 

and  an  accurate  lifetime  has  been  computed  for  the  HN2  molecule  [15-18]. 

The  reaction  of  C2H2  with  itself  is  postulated  to  be  important  in  the  fi- 
nal steps  of  hydrocarbon  combustion.  We  believe  that  acetylene  must  first 
be  converted  to  the  vinylidene  isomer  (CCH2)  before  reaction  can  occur— 
see  later  discussion. 

The  reaction 

CH  + N2^  HCN  + N 

is  believed  to  be  the  rate  determining  step  in  “prompt  NOj.”  formation.  A 
large  number  of  stationary  points  have  been  located  on  this  potential  energy 
surface.  Large-scale  investigations  of  the  surfaces  are  in  progress.  Finally, 
work  is  beginning  on  the  CH3+02  and  CH3+OH  reactions  to  determine 
product  branching  ratios.  Model  studies  have  shown  these  to  be  important 
in  the  combustion  of  jet  fuel. 
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Global  potential  energy  surface  for  H+N2  — ► HN2 

The  HN2  species  has  been  postulated  as  an  important  intermediate  in 
the  thermal  De-NOx  process.  The  HN2  species  was  found  to  be  unstable 
with  respect  to  H+N2  by  3.0  kcal/mol,  but  quasibound  by  12.2  kcal/mol 
due  to  a barrier  to  dissociation — see  figure  below.  The  computed  N2-H  life- 
time [17]  (based  on  1-D  tunneling  through  an  Eckart  barrier)  was  five  orders 
of  magnitude  smaller  than  the  value  assumed  in  the  experimental  analysis. 
Koizumi  and  Schatz  (Northwestern)  have  fit  this  surface  and  carried  out 
coupled  channel  calculations  to  determine  the  lifetime.  These  rigorous  cal- 
culations confirm  those  based  on  a Wigner  model  of  tunneling  that  indicate 
this  radical  has  a very  short  lifetime  to  unimolecular  decomposition  [18]. 

This  suggests  that  commonly  used  reaction  mechanisms  for  NOs  chem- 
istry such  as  the  Sandia  reaction  set  [19]  are  incorrect. 
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c2h2+c2h2 


f 

7 * 

The  reaction  of  C2H2  with  itself  is  postulated  to  be  important  in  the  fi- 
nal steps  of  hydrocarbon  combustion.  It  is  exceedingly  unlikely  that  any  re- 
action takes  place  between  two  acetylene  molecules  at  the  temperatures  of 
interest,  but  the  vinylidene  (CCH2)  isomer  is  only  about  30  kcal/mol  above 
acetylene,  and  a number  of  products  can  result  from  reaction  of  vinylidene 
with  acetylene. 

So  far,  seven  stable  isomers  of  C4H4  have  been  found  using  self- 
consistent-field  (SCF)  and  multiconfigurational  self-consistent-field  (MC- 
SCF)  wave  functions,  as  well  as  several  stationary  points  that  are  not  min- 
ima or  are  not  stable  with  respect  to  symmetry-breaking  nuclear  distortions. 
The  lowest  energy  C4H4  isomer  is  vinylaeetylene,  which  is  about  45  kcal/mol 
more  stable  than  two  acetylenes.  Butatriene  is  about  10  kcal/mol  higher  in 
energy,  and  methylenecyclopropene  is  about  14  kcal/mol  higher  still.  An- 
other isomer,  cyclobutadiene,  is  only  a little  more  stable  than  two  acetylenes. 
The  other  stationary  points  are  much  higher  in  energy.  The  energetics  here 
are  not  fully  refined  at  the  correlated  level,  but  correlation  does  not  seem  to 
have  a significant  effect  on  the  thermochemistry. 

Several  pathways  have  been  followed  on  this  surface  using  large  MGSCF 
configurational  spaces,  in  preliminary  attempts  to  find  transition  states  for 
the  first  reaction  steps  of  vinylidene  with  acetylene,  but  while  these  have 
yielded  another  fairly  stable  isomer,  carbenecyclopropane,  and  transition 
states  for  some  rearrangements  have  been  found,  the  initial  transition  states 
have  not  yet  been  located.  However,  the  investigation  is  at  an  early  stage 
and  there  should  not  be  a problem  determining  the  reaction  pathways. 
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The  Reaction  of  Propane  with  Atomic  Oxygen 

We  have  studied  the  hydrogen  abstraction  from  the  central  carbon  of 
propane  by  ground  state  oxygen  [20].  The  energy  barrier  on  the  potential 
energy  surface  was  determined  using  SCF  gradient  methods.  A more  accu- 
rate barrier  and  exoergicity  were  determined  using  correlated  methods.  Fur- 
thermore, a correction  factor  to  account  for  deficiencies  in  the  basis  set  and 
electron  correlation  treatment  was  determined  by  carrying  out  large  scale 
calculations  for  the  analogous  reaction  H2  + O — > H -f-  OH.  This  correction 
lowers  the  saddle  point  and  product  energies  by  4.66  kcal/mol  relative  to  the 
reactants.  The  final  computed  energies  are  4.36  kcal/mol  for  the  barrier  and 
7.00  for  the  exoergicity.  These  compare  favorably  with  the  experimentally 
determined  values  of  5.0  and  7.0  kcal/mol. 

The  potential  energy  profile,  molecular  geometries  and  vibrational  fre- 
quencies were  used  for  a transition  state  theory  calculation  of  the  rate  con- 
stant for  the  hydrogen  abstraction  reaction.  Two  approximate  treatments 
of  tunneling  were  carried  out.  The  Wigner  model  assumes  that  the  energy 
barrier  is  an  inverted  parabola  truncated  at  the  reactant  and  product  en- 
ergy limits.  The  Eckart  model  uses  a potential  energy  function  based  on  a 
modified  hyperbolic  secant.  It  can  be  seen  from  the  figure  that  the  transi- 
tion state  theory  calculations  with  either  tunneling  model  agree  with  the  ex- 
perimental data  to  within  a factor  of  two  over  the  entire  temperature  range 
(300-2000K).  Greater  than  a factor  of  two  accuracy  in  the  rate  would  require 
a global  surface,  which  is  exceedingly  difficult  for  a system  with  this  many 
atoms. 


Thermal  de-NOz 

Experiment  of  Lyon  and  Hardy  [21]  showing  NO  removal  by  ammonia 
injection.  The  process  works  in  a narrow  temperature  range,  and  oxygen 
must  be  present  for  NH2  formation.  Initial  conditions  of  experiment  are: 
NO=225  ppm,  NH3=450  ppm,  02=1.23%,  remainder  He.  The  pressure  is 
1.1  atm  and  the  observations  are  made  at  0.1  sec.  Case  two  is  similar  to 
case  one  except  for  225  ppm  H2  displacing  an  equal  amount  of  He.  Modeling 
shown  here  uses  the  reaction  mechanism  of  Miller  and  Bowman  [19],  with  a 
long  lifetime  for  N2H  (r=10-4  sec).  Calculations  assume  a plug  flow  reactor, 
and  are  simialr  to  Miller  and  Bowman  [19].  The  same  calculations  done  with 
a shorter  N2H  lifetime,  in  an  attempt  to  match  the  theoretical  value  of  the 
lifetime  (<  10-9  sec),  are  unable  to  reproduce  the  experimental  results. 
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Thermal  dc-NOx:  no  Aj  II 


In  the  limit  of  very  short  N>I1  lifetime  (<  10"9  sec),  we  can  assume  a spontaneous 
decay  of  N2I1  into  AT  and  H.  The  AO  removal  mechanism  then  hinges  .on  two 
important  reactions: 

A O T A;  if 2 ” A 2 T 1I20  1 1 ) 

NO  T NH-2  = A2  -f  //  + Oil  (2) 

where  the  second  reaction  replaces  NO  + N 1J2  — N2H  + Oil . The  first  ecpialioii 
has  a chain-terminating  character,  while  the  second  is  chain  branching  and  will  be 
important  at  low  temperatures  (combined  with  NH3  + O//  = N II 2 + 1I20).  A sys- 
tematic study  is  performed  in  an  attempt  to  find  a consistent  reaction  inerhamsim 
without  N2H.  that  explains  tire  data.  The  parametric  variables  are  the  total  forward 
rate  of  reactions  (1)  and  (2),  S — k\  -f-  k2  and  the  branching  ratio  b — k2/S.  At  two 
temperatures  for  which  there  is  simultaneous  experimental  data  for  cases  1 and  2,  we 
plot  the  deviation  from  the  experimental  result  as  a function  of  both  the  total  rate 
and  the  branching  ratio.  The  contour  plots  are  for  the  Relative  Error,  defined  as  R.E. 
= jA'O  — NOm\/NO* . where  A Om  is  the  experimental  value  observed.  The  ordinate> 
are  the  total  rate  (x-axis.  in  logx 0 units,  and  ranging  from  10  to  13).  and  branching 
ratio  (y-axis,  ranging  from  0 to  1).  Valid  regions  are  for  small  R.E.  (blur  mg  ions), 
and  are  mut  ually  exclusive  for  T=!150  K.  A uarruw  overlap  may  exist  at  T=12(l0  IV 
without  convincing  evidence.  T he  disagreement  at  T = 1 150  K is  due  tu  the  fact  that 
for  most  values  of  S and  6.  the  production  of  NUi  is  not.  -suflic.itei.it ]y  fast  to  start  the 
NO  removal.  Calculations  were  performed  for  a plug- 1 low  reactor. 

1 liese  results  indicate  that  the  presence  of  reaction  (2)  cannot  by  itself  explain  the 
experimental  data.  Since  the  assumption  of  a plug-flow  reactor  may  be  invalid,  partial 
recirculation  zones  in  the  reactor  may  be  able  to  introduce  radicals  early  in  the  stream 
and  speed  up  the  removal  of  NO  at.  low'  temperatures.  The  same  systematic  scries 
of  calculations  should  be  done  also  for  Perfectly-Stirred  and  Partially-Stirred  reactors. 
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Conclusions 


Computational  chemistry  techniques  have  utility  in  computing  accu- 
rate thermodynamic  properties  such  as  C-H  bond  energies.  Accurate  C-H 
bond  energies  have  been  computed  for  methane,  ethylene,  ketene,  acetylene, 
and  methanol.  Reaction  rates  can  be  computed  at  least  to  within  a factor  of 
two.  The  reactions  currently  under  study  in  our  laboratory  include  H+02  — » 
HO+O,  H+N2  -4  HN2,  C2H2  with  itself,  CH+N2  ->  HCN+N,  CH3+OH,  and 
CH3+O2.  Our  calculations  demonstrate  that  the  HN2  molecule  has  a short 
lifetime  (<10-9  sec)  to  unimolecular  decomposition.  We  are  presently  trying 
to  incorporate  this  fact  into  model  studies  of  the  effect  of  NH3  on  NO  re- 
moval. We  have  been  working  in  close  collaboration  with  Marty  Rabinowitz 
at  Lewis  to  ensure  that  we  are  addressing  the  key  chemical  issues  involved  in 
reducing  NO  emission  in  jet  engines. 
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HSR  COMBUSTION  ANALYTICAL  RESEARCH 


Program  Objectives  and  Approaches 

Increasing  the  pressure  and  temperature  of  the  engines  of  a new  generation  of  supersonic 
airliners  increases  the  emissions  of  nitrogen  oxides  (NOx)  to  a level  that  would  have  an  adverse 
impact  on  the  Earth’s  protective  ozone  layer.  In  the  process  of  evolving  and  implementing  low 
emissions  combustor  technologies,  NASA  Lewis  has  pursued  a combustion  analysis  code  pro- 
gram to  guide  combustor  design  processes,  to  identify  potential  concepts  of  greatest  promise, 
and  to  optimize  them  at  low  cost,  with  short  turnaround  time.  The  computational  analyses  are 
evaluated  at  actual  engine  operating  conditions.  The  approach  is  to  upgrade  and  apply 
advanced  computer  programs  for  gas  turbine  applications.  Efforts  have  been  made  in  further 
improving  the  code  capabilities  for  modeling  the  physics  and  the  numerical  method  of  solution. 
Then  test  cases  and  measurements  from  experiments  are  used  for  code  validation. 


HSR  Combustion  Analytical  Research 


Objective: 

• Use  advanced  computer  models  to  analyze  and  design 
combustor  components  and  subcomponents,  understand 
the  physics,  and  determine  how  to  optimize  the  design  to 
improve  the  performance 

Approach: 

• Emphasis  on  applying  and  upgrading  existing  codes  - 
KIVA-II,  LERC3D  for  gas  turbine  combustor  applications 

- Improve  codes  capabilities 

- Codes  validation 


Figure  1 
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HSR  COMBUSTION  ANALYTICAL  RESEARCH 


Lewis  Key  Milestones 

Due  to  schedule  constraints,  the  analytical  research  program  is  being  conducted  over  a 
period  of  5 years  as  shown  in  figure  2 and  involves  three  major  milestones.  The  first  milestone 
was  accomplished  with  the  development  and  use  of  two-dimensional  and  three-dimensional 
codes,  KIVA-II  and  LeRC3D,  to  guide  low  emissions  combustion  concept  experiments.  These 
codes  will  be  updated  based  on  results  obtained  from  combustion  concept  experiments  by  the 
end  of  FY93.  These  codes  will  then  be  used  as  predictive  design  tools  for  low  emissions  combus- 
tors by  the  end  of  FY95. 


Lewis  Key  Milestones 
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Figure  2 


HSR  COMBUSTION  ANALYTICAL  RESEARCH 


Organization  and  Activities  Listing 

The  overall  combustion  analytical  codes  evolution  plan  involves  in-house  research  and 
contracts  and  grants;  and  it  provides  strong  collaborative  relationships  and  technology  transfer 
between  industry,  universities,  and  government  agencies.  Figure  3 lists  the  activities  for  the 
HSR  Combustion  Analytical  Research  Program. 


Organization  and  Activities  Listing 


Figure  3 
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Description  of  Computer  Code  KIVA-II 

To  provide  insight  into  the  combustion  process  and  combustor  design,  KIVA-II  and 
LeRC3D  have  been  used.  These  codes  are  operational  and  calculations  have  been  performed  to 
guide  low  emissions  combustion  experiments.  KIVA-II  (ref.  1),  developed  by  Los  Alamos 
National  Laboratory,  is  one  of  the  most  developed  and  validated  codes  of  the  available  multi- 
dimensional computer  programs  for  prediction  of  the  in-cylinder  combustion  dynamics  in  inter- 
nal combustion  engines.  There  are  features  of  KIVA-II  that  make  it  well  suited  for  other 
applications,  so  KIVA-II  has  been  adapted  for  gas  turbine  combustor  applications. 

In  terms  of  modeling  the  physics,  the  major  features  of  KIVA-II  are  as  follows: 

• KIVA-II  is  a two-  and  three-dimensional  turbulent  compressible  flow  solver  of  reacting 
multicomponent  gas  mixture  with  liquid  spray  using  an  Eulerian-Lagrangian  approach. 

• Turbulence  is  modeled  using  the  k -s  model. 

• Combustion  is  modeled  by  a chemical-kinetics-controlled  model  using  global  or  detailed 
chemical  reactions  (ref.  2)  or  by  a mixing-controlled  model  (ref.  3).  The  user  can  conveniently 
provide  a chemical  kinetics  mechanism  by  making  appropriate  modification  to  the  input  data  file 
(ref.  2). 

• The  extended  Zeldovich  NOx  mechanism  is  included. 

• Stochastic  particle  spray  model  includes  vaporization,  coalescence,  and  breakup. 

• A soot  formation/oxidation  and  a radiative  heat  transfer  model  are  also  included. 

In  terms  of  numerics,  KIVA-II  is  based  on  the  following: 

• Time-dependent  finite-difference  code  with  arbitrary  mesh  capability,  using  an  implicit- 
continuous  Eulerian  technique  with  conjugate  residual  iteration  for  the  flow  solver. 


988 


Key  Features  of  KIVA-II 

Description  of  Computer  Code  KIVA-II 


Physics 

Turbulent  compressible  flow  of 
reacting  multicomponent  gas 
mixture  with  liquid  spray 

K-e  turbulence  model  with  wall 
functions 

Combustion  models: 

Chemical  kinetics  controlled, 
mixing  controlled  model 

NOx  formation  model: 

Extended  Zeldovich  mechanism 

Spray  model: 

Stochastic  model,  vaporization, 
coalescence,  breakup 

Soot  formation/oxidation 

Radiation  heat  transfer 


Numerical  method 

2D  or  3D  time-dependent  finite 
difference  code 

Arbitrary  mesh 

ICE  method  with  conjugate 
residual  iteration 

Optimal  quasi-second-order 
upwind  convection 


Figure  4 
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Description  of  Computer  Code  LeRC3D 

LeRCSD  is  a highly  advanced  code  for  gas  turbine  combustor  applications.  LeRC3D  was 
developed  by  Carnegie  Mellon  University  with  the  collaboration/sponsorship  of  Lewis.  In  terms 
of  modeling  the  physics,  the  major  capabilities  of  LeRC3D  (ref.  4)  are  as  follows: 

• LeRC3D  is  a two-  and  three-dimensional  code  that  solves  the  N-S  equations  for  tur- 
bulent compressible  flow  of  reacting  multicomponent  gas  mixture  with  liquid  spray  using  an 
Eulerian-Lagrangian  approach. 

• The  turbulence  is  modeled  by  using  a k-e  turbulence  model  with  wall  functions,  or  by 
using  a low  Reynolds  number  k-e  model  of  Chen  and  Patel,  or  by  using  a RNG-based  k-e 
model. 

• Modeling  of  combustion  is  done  by  two  different  models:  the  chemical-kinetics- 
controlled  model  governed  by  global  or  detailed  chemical  kinetics  mechanisms  of  hydrocarbon 
combustion,  and  the  mixing-controlled  model  of  Magnussen  and  Hjertager.  The  user  can 
conveniently  provide  a chemical  kinetics  mechanism  by  making  appropriate  modification  to  the 
input  data  file. 

• The  chemical  kinetics  model  used  to  study  NOx  is  the  Zeldovich  mechanism. 

• The  spray  model  includes  the  fuel  vaporization  model  of  Raju  and  Sirignano. 

In  terms  of  the  numerical  method  of  solution,  LeRCSD  is  based  on  the  following: 

• The  flow  algorithm  is  a finite-volume,  LU  algorithm  utilizing  van  Leer  flux-vector 
splitting  with  the  HOPE  algorithm  of  Liou  and  Steffan.  Source  terms  are  treated  implicitly 
using  Shih  and  Chyu  method,  diffusion  terms  are  treated  implicitly  using  the  procedure  of  Shih 
and  Steinthorsson. 

• A grid  system  is  generated  by  using  an  algebraic  grid  generation  method  based  on 
transfmite  interpolation. 
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Key  Features  of  LeRC3D 

Description  of  Computer  Code  LeRC3D 

Physics  Numerical  method 

Turbulent  compressible  flow  of 
reacting  multicomponent  gas 
mixture  with  liquid  spray 

Turbulence  models: 

K"£  turbulence  model  with  wall 
functions 

Low  Reynolds  no.  k-e  model 
(Chen  & Patel) 

RNG-based  K-e  model 

Combustion  models: 

Chemical  kinetics  controlled 
Mixing  controlled 

NOx  formation  model: 

Zeldovich  mechanism 

Spray  model: 

Lagrangian  model  of  Raju  & 

Sirignano 


Figure  5 


Grid  generation: 

Algebraic  method  using 
transfinite  interpolation 

Flow  algorithm: 
Finite-volume,  LU,  Implicit 

Code: 

Efficient  and  robust 
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VERIFICATION  OF  KIVA-H  CODE  PREDICTIONS 

Fuel  Spray  - Air  Interaction 

Figure  6 shows  the  prediction  of  a swirling  fuel  spray  in  a nonreacting  airstream  using  the 
KIVA-II  code  and  a comparison  with  the  experimental  results  (ref.  5).  The  model  air-assist 
atomizer  embodies  a nonswirl  inner  airstream  and  a swirling  outer  airstream  which  help  to 
atomize  and  distribute  fuel  injected  from  a core  tube.  Predicted  and  measured  air  azimuthal 
velocity  profiles  are  in  good  agreement.  Fuel  injection  and  mixing  become  increasingly  impor- 
tant as  more  air  is  used  for  the  combustion  process.  Detailed  models  of  the  interaction  of  the 
swirling  air  and  the  fuel  spray  can  provide  valuable  insight  into  the  effect  of  different  variables 
that  presently  can  only  be  evaluated  experimentally  on  a global  scale  at  laboratory  test 
conditions. 


Verification  of  KIVA-II  Code  Predictions 

Fuel  Spray-Air  Interaction 
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VERIFICATION  OF  KIVA-II  CODE  PREDICTIONS 


Low  NOx  Combustor  Emissions 

Figure  7 summarizes  the  comparison  of  experimental  NOx  and  CO  emission  index  of  a lean 
premixed  prevaporized  (LPP)  burner  (ref.  6)  with  KIVA-II  code  predictions.  The  simplified 
kinetics  mechanism  (ref.  2)  was  used.  The  predictions  agree  very  well  with  the  test  data  over 
the  range  of  equivalence  ratio  and  residence  time  reported.  Calculations  using  KIVA-II  have 
been  performed  to  guide  current  low  NOx  combustion  experiments. 


Verification  of  KIVA-II  Code  Predictions 

Low  NOx  Combustor  Emissions 
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LOW  NOx  COMBUSTOR  ANALYSIS 
(KIVA-II  Analysis) 

KIVA-II  was  used  to  perform  two-dimensional  analysis  of  the  Rich  Burn/Quick  Quench/ 
Lean  Burn  (RQL)  combustor  to  provide  detailed  information  on  the  combustor  internal  flow 
fields,  fuel-air  mixing,  combustor  emissions,  gas  temperature  distribution,  and  pattern  factor.  A 
two-dimensional  axisymmetric  model  was  used  with  propane  and  primary  air  injected  at  the 
inlet  of  the  rich  burn  section  and  quick  quench  air  supplied  to  the  two-dimensional  slot  in  the 
quick  quench  section.  The  upper  half  above  the  combustor  centerline  showing  the  gas  tempera- 
ture profile  is  shown  in  figure  8.  The  rich  zone  and  lean  zone  equivalence  ratios  were  set  at  1.4 
and  0.65,  respectively.  The  gas  temperature  contours  show  core  hot  gas  regions  that  occur  in 
the  rich  zone  and  lean  zone  flame  fronts.  This  figure  also  indicates  that  the  penetration  of  the 
two-dimensional  jet  reaches  near  the  combustor  centerline  and  that  thermal  quenching  occurs  in 
the  quick  quench  section. 
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Figure  8 
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LOW  NOx  COMBUSTOR  ANALYSIS 
(LeRC3D  Analysis) 

Figure  9 shows  the  flow  field  characteristics  of  the  rich  burn  section  of  the  RQL  combus- 
tor. As  an  integral  part  of  the  fuel  nozzle  calculations,  two-dimensional  analyses  (ref.  7)  were 
done  to  provide  the  swirling  air  profiles  through  the  swirlers  of  the  airblast  fuel  nozzle.  The 
swirlvane  cascade  analysis  provides  inlet  air  profiles  to  the  rich  burner  analysis.  The  velocity 
vectors  show  a strong  central  recirculation  zone  downstream  of  the  airblast  fuel  nozzle.  Calcu- 
lations using  LeRC3D  have  been  performed  to  guide  current  low  NOx  combustion  experiments. 


Figure  9 
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LeRC  In-House  Experimental  Research 


The  Lewis  Research  Center  has  an  ambitious  in-house  experimental  research 
program  to  conduct  studies,  acquire  technology,  and  validate  the  capabilities  and 
limitations  of  advanced  low  NOx  combustor  concepts.  This  program  will  establish  NOx 
reduction  technologies  that  will  insure  no  significant  ozone  depletion  in  the  atmosphere  by 
future  high  speed  civil  transports  (HSCT).  This  is  critical  to  establishing  the 
environmental  feasibility  of  an  HSCT.  This  work  supports  the  efforts  of  industry  and 
universities  to  determine  the  criteria  for  the  HSCT  combustor  concept  selection  in  1992. 
The  work  at  Lewis  focuses  on  several  flame  tube  combustor  rigs:  the  Lean  Premixed 
Prevaporized  (LPP);  the  Rich  Burn/Quick  Quench/Lean  Burn  (RQL);  the  Catalytic 
Oxidation  Rig;  and  the  Ceramic  Matrix  Liner  Test  Rig.  Advanced  laser  diagnostics  will 
be  applied  to  the  flame  tube  rigs  to  provide  more  detailed  and  non-intrusive  measurements 
of  combustion  flow  parameters. 


• Lean  Premixed  Prevaporized  (LPP) 

• Rich  \ Quick  Quench  \ Lean  (RQL) 

• Catalytic  Oxidation  Rig 

• Ceramic  Matrix  Liner  Rig 


• Diagnostics 


Combustion  Concepts 


The  basic  approach  to  thermal  NOx  reduction  is  to  reduce  the  flame  temperature. 
This  can  be  accomplished  by  burning  lean  or  rich,  avoiding  the  maximum  flame 
temperature  which  occurs  near  the  stoichiometric  equivalence  ratio  (E.R.)  of  1.0.  The 
three  concepts  shown  on  this  figure  reduce  NOx  emissions  by  burning  lean  (E.R.  of  0.6) 
for  the  Lean  Premixed  Prevaporized  (LPP)  concept,  or  by  burning  rich  (E.R.  of  1.2- 1.8) 
and  then  lean  (E.R.  of  0.6)  for  the  Rich  bum/Quick  Quench/Lean  Burn  (RQL)  concept,  or 
by  burning  very  rich  (E.R.  of  3-9)  for  the  Catalytic  Oxidation  section  which  could  be  used 
as  the  rich  stage  for  the  RQL  concept.  These  concepts  are  the  focus  of  our  LeRC  in-house 
experimental  efforts. 
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reducing  flame  temperatures 
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• Burning  with  excess  air 
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Rich  burn/quick  quench/lean  burn 
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Rich  zone  variant  catalytic  oxidation 
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Reactive  gas, 
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• Burning  with  excess  fuel; 
equivalence  ratio  = 1 .2  - 1 .8 

• Burning  with  excess  air; 
equivalence  ratio=  0.6 


• Catalytic  burning  highly 
excess  fuel;  equivalence 
ratio  = 3.0  - 9.0 


Schedule  for  In-House  Experiments 


The  schedule  below  shows  the  general  time-frame  for  the  major  phases  of  the 
experimental  work  which  will  be  performed  in  the  LPP  and  RQL  flame  tube  rigs.  The 
term  "Low  NOx  experiments"  initially  refers  to  the  gas  sampling  probe  measurements  of 
gaseous  emissions  for  various  equivalence  ratios  and  inlet  pressures  and  temperatures. 
This  activity  is  continued  into  a second  phase  which  includes  the  use  of  advanced 
diagnostic  probes  through  windowed  sections  in  first  the  fuel/air  mixing  zones  and  then  in 
the  combustion  zones  of  each  of  the  flame  tubes.  A little  more  detail  is  given  for  the  RQL 
rig  which  is  currently  in  its  isothermal  testing  phase.  Within  the  next  few  weeks,  the  hot 
fire  check-out  will  occur  and  the  initial  low  NOx  testing  can  begin. 


Schedule  for  LPP  & RQL  Flame  Tube  Experiments 

LPP  Flame  Tube  Rig 
Low  NOx  Experiments 
Fuel  Injection  Studies 
Combustion  Studies 
RQL  Flame  Tube  Rig 
Installation 
Isothermal  Tests 
Hot  Fire  Check  Out 
Low  NOx  Experiments 
Fuel  injection  Studies 
Combustion  Studies 

91  92  93  94  95 

FY 
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Lean  Premixed  Prevaporized  Combustion 


The  objective  of  this  portion  of  the  LeRC  in-house  research  program  is  to  use  a 
flame  tube  combustor  to  demonstrate  the  capability  of  the  Lean  Premixed  Prevaporized 
(LPP)  concept  to  reach  the  HSR  goal  of  a NOx  emission  index  (grams  of  NOx  produced 
per  kilogram  of  fuel  burned)  of  between  3 and  8.  Using  the  flame  tube  combustor,  the 
effect  of  fuel/air  distribution  and  degree  of  vaporization  can  be  studied.  Also  of  great 
interest  are  autoignition,  flashback,  turbulent  mixing  and  lean  stability.  Information 
obtained  in  the  flame  tube  about  these  parameters  will  be  used  to  guide  the  design  of  an 
LPP  combustor. 

The  approach  is  to  use  an  existing  NASA-designed  square  cross-section  flame  tube 
combustor  to  allow  combustion  testing  at  the  high  temperatures  and  pressures  necessary 
for  the  HSR  Program.  This  rig  was  designed  in  the  late  70's  to  support  the  emissions 
reduction  program  at  that  time.  It  has  a windowed  section  to  allow  laser  diagnostics  to 
probe  the  premixing  zone.  A windowed  section  is  currently  being  designed  to  accomodate 
laser  studies  of  the  combustion  zone. 


OBJECTIVE; 

□ Demonstrate  the  Capability  of  LPP  to  Reach  the  HSR  Goal  of 
NOx  E.I.’s  Between  3 and  8 g/Kg 

□ Experimentally  Study  the  Effect  of  Fuel/ Air  Distribution 
Degree  of  Vaporization,  and  Additives  on  the  Emission  of 
NOx  for  Advanced  Low  NOx  Combustors 

□ Study  Autoignition,  Flashback,  Turbulent  Mixing  and  Lean  Stability. 

APPROACH: 

□ Use  Existing  NASA  Square  Cross-Section  Flame  Tube  Combustor  to 
Reach  High  Temperatures  and  Pressures  Necessary  for  HSR  Program. 

□ Use  advanced  laser  diagnostics  to  obtain  measurements  and  use  in 
code  validation. 


The  rig  is  shown  schematically  in  this  figure.  The  airflow,  up  to  5 lbs./second, 

1 100  F inlet  temperature,  20  atmospheres  pressure,  passes  from  a large  round-cross- 
sectional flow  straightening  plenum  into  a 3-inch  square  inlet  section  which  leads  to  a 
multiple-conical  tube  fuel  injector  (shown  later).  The  fuel  injector  can  be  moved  by 
rearranging  the  configuration  of  several  spool  pieces  so  that  fuel  vaporization  as  a function 
of  distance  downstream  of  the  fuel  injector  can  be  studied.  One  configuration  includes  the 
addition  of  a windowed  section  downstream  of  the  fuel  injector  to  allow  flow  visualization 
and  laser  diagnostic  measurements  of  the  degree  of  vaporization  and  droplet  sizes  and 
velocities.  Just  before  the  flame  holder,  a sampling  probe  allows  sampling  of  the  fuel/air 
mixture.  The  flameholder  is  an  80%-blockage,  uncooled  perforated  plate,  soon  to  be 
replaced  with  a water-cooled  flameholder  for  more  durability.  The  rig  is  ignited  by  a spark 
igniter,  surrounded  by  a water-cooled  jacket.  The  combustion  section  is  lined  with  a 
castable  silicon-carbide  ceramic,  which  is  poured  around  a 3-inch  square  wooden  mold  to 
form  the  test  section  passage  and  is  externally  water-cooled  with  copper  cooling  coils. 
There  are  6 gas  sampling  probes  located  at  3 axial  locations  and  2 "radial"  locations  at 
each  axial  station.  A windowed  section  for  the  combustion  zone  is  planned  to  be  ready 
early  in  1992. 


MSft  Scfwar©  Flame  Tula©  Rig 
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Lean  Premixed  Prevaporized  Combustion 
Photograph  of  LPP  Rig 


The  LPP  flame  tube  rig  is  shown  in  the  photograph  below.  The  non-vitiated  pre- 
heated air  passes  into  the  rig  from  the  right-hand  side  of  the  picture  through  the  inlet 
bellmouth,  where  the  transition  from  round  inlet  section  to  square  test  section  occurs.  Two 
possible  fuel  injection  locations  are  shown  and  the  location  of  the  optical  window  section 
can  be  seen  as  part  of  the  fuel  vaporization  zone.  At  the  end  of  the  fuel  vaporization  zone 
is  a fuel/air  sampling  probe.  The  round  flange  shows  the  location  of  the  flame  holder, 
downstream  of  which  is  seen  the  cooling  coils  surrounding  the  combustion  test  section. 

The  six  exhaust  gas  sampling  ports  can  be  seen  below  and  above  the  test  section.  A future 
windowed  section  will  be  added  to  allow  use  of  advanced  diagnostics  in  the  combustion 
zone.  The  destructive  additive  injection  called  out  in  the  photograph  was  an  experimental 
program  planned  to  verify  the  results  of  an  analytical  evaluation  of  NOx  destructive 
additives.  However,  since  the  analytical  results  showed  no  viable  NOx  destructive 
additives  for  HSR  applications,  this  experimental  program  is  not  expected  to  be  carried 
out. 


Lean  Prem ixed/Pre vaporized  Combustion  (LPP) 
LeRC  Square  Flame  Tube  Rig 


Advanced  diagnostics: 
Laser-induced  fluorescence 


Fuel/air  sampling  probe 
(traverse) 


Gas  sampling 
probe  (6) 
(in/out) 


Inlet 
plenum 
Airflow  K 


Fuel  injector  locations 

Optical  window  for 
Droplet  size  measurements 
Laser  Doppler  velocimetry 
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Lean  Premixed  Prevaporized  Combustion 
LPP  Multiple  Tube  Fuel  Iiyector 


A key  subcomponent  is  the  fuel  injector.  A unique  multiple  tube  fuel  injector  is 
being  used  in  the  square  flame  tube  rig  at  LeRC.  Shown  schematically  below,  there  are  16 
fuel  injection  passages  which  use  the  Venturi  effect  to  provide  high  velocity  airflow  to 
break  up  the  fuel  into  fine  droplets.  Very  small  fuel  tubes  enter  the  Venturi  passage  and 
curve  around  so  that  the  fuel  is  injected  parallel  to  the  airflow.  A small  amount  of  air 
passes  over  these  small  tubes  to  cool  them  as  they  make  their  way  through  the  fuel  injector 
body  into  the  Venturi  passage. 

In-house  water  cold  flow  studies  on  one  fuel  passage  of  this  fuel  injector  has 
shown  that  it  is  capable  of  producing  extremely  small  droplets  (on  the  order  of  10  microns 
in  diameter).  The  NOx  data  obtained  using  this  multiple  tube  injector  was  lower  by  an 
order  of  magnitude  compared  to  some  preliminary  NOx  data  obtained  with  a crude  "spray- 
bar"  fuel  injector  in  the  same  flame  tube  rig. 


LPP  Multiple  Tube  Fuel  Injector 
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Comparison  of  Low  NOx  LPP  Data 


The  figure  below  shows  the  emission  index  of  NOx  (grams  per  kilogram  fuel 
burned)  as  a function  of  adiabatic  flame  temperature  in  the  combustion  chamber.  The 
figure  is  a historical  representation  of  NOx  measurements  from  several  research  programs 
which  studied  lean  premixed  prevaporized  combustion.  The  most  recent  results  are  those 
obtained  from  the  LPP  square  flame  tube  rig  at  LeRC  by  Acosta  and  Lee.  This  data  is 
shown  as  filled-in  symbols  and  show  encouragingly  low  NOx  emissions.  These  NOx 
emissions  are  well  within  the  HSR  goal  (less  than  8 gm.  NOx/kg.  fuel)  at  conditions 
representative  of  HSR  combustor  operating  temperatures  and  pressures  shown  between 
the  vertical  bars. 


Comparison  of  Low  NOx  LPP  Data 
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Lean  Combustion  Studies  Timeline 


The  program  plan  for  the  LeRC  in-house  testing  is  shown  in  the  figure  below. 
Currently  baseline  testing  is  being  performed  to  define  the  operating  conditions  for  the 
LPP  flame  tube  rig.  This  includes  determining  the  lean  stability  limits,  flashback  and 
autoignition  limits  and  flameholder  and  liner  characteristics  and  durability.  During  this 
period,  low  NOx  was  successfully  demonstrated  at  HSR  cruise  conditions.  In  the  near 
future,  a new  preheater  will  enable  even  higher  inlet  temperatures  to  allow  operation  of  the 
rig  at  increased  severity  parameters.  Installation  of  the  water  cooled  flameholder  will  then 
allow  "advanced  LPP  testing"  at  the  higher  temperatures  and  pressures.  Advanced 
diagnostics  will  be  used  to  study  the  fuel  vaporization  and  mixing  process  downstream  of 
the  fuel  injector  within  the  next  few  months.  By  the  middle  of  1992,  the  window  section 
will  be  installed  in  the  combustion  zone  and  advanced  laser  diagnostics  will  be  used  to 
study  the  combustion  process  itself. 


Lean  Combustion  Studies 


LPP  baseline  testing 
Increase  severity 
Advanced  LPP  testing 
Adv.  diagnostics 
Direct  injection  exps 
Adv.  diagnostics  comb. 


Program  plan 
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Rich  Bum/Quick  Quench/Lean  Burn  (RQL) 


The  objective  of  this  portion  of  the  LeRC  in-house  research  program  is  to  use  a 
flame  tube  combustor  to  demonstrate  the  capability  of  the  Rich  Burn/Quick  Quench/Lean 
Bum  (RQL)  concept  to  reach  the  HSR  goal  of  a NOx  emission  index  (grams  of  NOx 
produced  per  kilogram  of  fuel  burned)  of  between  3 and  8.  Using  a flame  tube  combustor, 
the  effect  of  fuel/air  distribution  and  degree  of  vaporization  can  be  studied.  Also  of  great 
interest  are  soot  formation  and  burnout,  CO/NOx  formation  trade-off,  rich  zone,  quench 
zone  and  lean  zone  residence  time  effects,  and  quick  quench  mixing.  Information  obtained 
in  the  flame  tube  about  these  parameters  will  be  used  to  guide  the  design  of  an  RQL 
combustor. 

The  approach  is  to  use  a NASA-designed  flame  tube  combustor  to  allow 
combustion  testing  at  the  high  temperatures  and  pressures  necessary  for  the  HSR  Program. 
This  rig  was  specially  designed  for  the  HSR  program  using  the  latest  combustion  codes  to 
predict  the  ideal  fuel  and  air  injection  schemes  as  well  as  flame  tube  geometry  and 
residence  times  in  each  stage  of  the  combustor  in  order  to  minimize  NOx  formation.  It 
will  also  incorporate  windowed  sections  to  allow  laser  diagnostics  to  probe  the  premixing 
and  combustion  zones. 


OBJECTIVE; 

□ Demonstrate  the  Capability  of  RQL  to  Reach  the  HSR  Goal  of 
NOx  E.I.’s  Between  3 and  8 g/Kg  at  Supersonic  Cruise. 

□ Study: 

Fuel/Air  Distribution  and  Atomization. 

Soot  Formation  and  Burnout. 

CO/NOx  Formation  Trade-off. 

Rich  Zone,  Quench  Zone  and  Lean  Zone  Residence  Time  Effects. 
Quick  Quench  Mixing. 

APPROACH; 

□ Design  and  Build  Staged  Flame  Tube  Combustor  to  Reach  the 
High  Temperatures  and  Pressures  Necessary  for  HSR  Program. 

□ Use  advanced  laser  diagnostics  to  obtain  measurements  and  use  in 
code  validation. 


LeRC  Rich  Burn/Quick  Quench/Lean  Burn  (RQL) 
Flame  Tube  Rig 


The  rig  is  shown  schematically  in  this  figure.  The  airflow,  up  to  5 lbs./second, 

1100  F inlet  temperature,  16  atmospheres  pressure,  passes  through  various  passages 
entering  the  rich  burn  section.  These  passages  supply  air  to  various  portions  of  the  dome 
swirler  fuel  injection  system  (shown  later).  The  fuel  injection  system  can  be  modified  by 
installing  various  fuel  injectors  having  different  airflow  passages  and  swirler 
configurations.  Future  plans  include  the  addition  of  a windowed  section  downstream  of 
the  fuel  injector  to  allow  flow  visualization  and  laser  diagnostic  measurements  of  the 
degree  of  vaporization  and  droplet  sizes  and  velocities  in  the  rich  burn  section.  The  rich 
zone  operates  approximately  at  an  equivalence  ratio  of  1.6.  The  combustion  section  is 
lined  with  a castable  silicon-carbide  ceramic  and  is  externally  water-cooled  with  copper 
cooling  coils.  The  quick  quench  section  Supplies  up  to  1 1 lb./sec.  airflow  to  produce  a lean 
equivalence  ratio  of  approximately  0.5  in  the  lean  burn  zone.  Exhaust  gas  sampling  is 
performed  by  an  axially-traversing  probe  that  takes  samples  in  the  lean  burn  section.  A 
windowed  section  for  the  lean  combustion  zone  is  also  planned  for  making  laser  induced 
fluorescence  measurements  of  combustion  species  and  temperatures. 


Rich  Burn/Quick  Quench/Lean  Burn  Flame  Tube  Rig 
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^Quick  quench  mixer 
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RQL  Combustion 


Photograph  of  RQL  Rig 

The  RQL  flame  tube  rig  is  shown  in  the  photograph  below.  The  non-vitiated  pre- 
heated air  passes  into  the  rich  burn  section  of  the  rig  from  the  right-hand  side  of  the  picture 
through  four  air  supply  lines.  These  lines  determine  the  air  flow  splits  between  the  fuel 
injector  inner  and  outer  sections  and  the  dome  swirler.  The  large  air  inlet  supply  line  for 
the  quick  quench  section  is  shown,  followed  by  the  copper-coiled  water-cooled  lean  burn 
section.  The  gas  sampling  probe  will  be  mounted  into  the  large  flange  at  the  end  of  the 
lean  burn  section.  The  wheels  shown  in  the  photo  allow  easy  dismantling  of  the  rig  to 
allow  installation  of  various  length  test  sections  to  experimentally  determine  the  optimum 
lengths  for  the  rich  and  lean  combustion  zones. 


LeRC  Rich  Bum/Quick  Quench/Lean  Slim 

Flame  Tube  Rig 
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RQL  Combustion 


Airblast  Fuel  Injector  System 

The  RQL  flame  tube  rig  airblast  fuel  injector  system  with  the  dome  swirler  is 
shown  in  the  photograph  below.  Air  passes  through  the  system  both  inside  and  outside  of 
the  fuel-flow  annulus.  Air  also  passes  through  the  dome  swirler,  shown  as  the  outer 
passage  with  the  large  swirl  vanes  in  this  photograph.  This  fuel  injector  has  exceeded  the 
expectations  of  the  manufacturer  in  its  ability  to  produce  extremely  small  fuel  droplets. 
The  effect  of  dome  air  versus  inner  and  outer  annulus  air  on  fuel  atomization  and  soot 
formation  will  be  studied  with  this  injection  system. 


Airblast  Fuel  injector  System  for  LeRC  RQL  Flame  Tube  .Rig 
! Showing  Some  Swirler 
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RQL  Combustion 

Rich  Burn  Section  of  RQL  Flame  Tube 

The  inside  of  the  RQL  flame  tube  rig  rich  burn  section  is  shown  in  the  photograph 
below.  The  entrance  to  the  combustor  as  seen  by  the  fuel  injection  system  is  shown  as  the 
foreground  in  this  picture.  The  castable  silicon  carbide  liner  is  shown  and  the  transition 
from  the  7-inch  diameter  combustion  section  to  the  5-inch  diameter  quick  quench  section  . 
can  be  seen  at  the  downstream  end  of  this  section.  The  liner  is  approximately  2-1/2  inches 
thick. 
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RQL  Combustion 


Quick  Quench  Section  of  RQL  Flame  Tube 

The  RQL  flame  tube  rig  quick  quench  section  is  shown  in  the  photograph  below. 
Air  passes  into  the  quench  zone  through  the  45 -degree  slanted  slots  seen  behind  the  water- 
cooled  thermocouple  probes.  These  thermocouples  determine  the  exit  temperature  of  the 
rich  burn  section.  The  quench  section  shown  is  5 inches  in  diameter.  It  is  made  of  Haynes 
214  material  with  a thin  Rockide  Z coating. 
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Fuel-Rich  Catalytic  Combustion 


The  objective  of  this  part  of  the  Lewis  low  NOx  program  is  to  evolve  the 
technology  for  utilizing  liquid  kerosene  fuels  in  high  speed  combustion  systems  and  to 
reduce  NOx  and  soot  emissions  through  very  rich  catalytic  oxidation  and  staged 
combustion.  Some  phenomena  of  interest  include  fuel  vaporization  and  distribution, 
catalyst  activity  and  physical  characteristics,  catalyst  and  substrate  durability,  and 
autoignition  of  the  very  reactive  gases  produced.  Preliminary  tests  will  be  performed  in  a 
single  stage  catalytic  combustor.  A two-stage  flame  tube  combustor  will  then  be  designed 
and  tested  in  conjunction  with  the  rich-burn/quick  quench/lean  burn  flame  tube  combustor 
program  so  that  this  concept  can  be  tested  at  the  high  temperatures  and  pressures 
necessary  for  the  HSR  program  goals.  All  of  the  advanced  diagnostics  planned  for  use  in 
the  RQL  rig  will  be  available  for  use  to  evaluate  the  catalytic  combustion  section's 
contribution  to  the  RQL  concept. 


OBJECTIVE: 

□ Evolve  the  technology  for  utilizing  liquid  kerosene  fuels  in  high 
speed  combustion  systems  and  reduce  NOx  and  soot  emissions 
through  very  rich  catalytic  oxidation  and  staged  combustion. 

□ Study: 

Fuel  Vaporization  and  Distribution. 

Catalyst  Activity  and  Physical  Characteristics. 

Catalyst  and  Substrate  Durability. 

Autoignition. 

APPROACH: 

□ Perform  preliminary  tests  in  a single-stage  catalytic  combustor 

□ Design  and  build  a Two-Staged  Flame  Tube  Combustor  to  reach  the 
high  temperatures  and  pressures  necessary  for  HSR  Program. 

□ Use  advanced  laser  diagnostics  to  obtain  measurements  and  use  in 
code  validation. 


Fuel-Rich  Catalytic  Combustion  Test  Rig 


The  main  features  of  the  single  stage  catalytic  combustor  are  shown  schematically 
below.  In  this  concept,  fuel  greatly  exceeds  the  available  air  by  a factor  of  3 to  9.  Under 
these  extremely  fuel-rich  conditions,  catalytic  elements  are  required  to  stabilize 
combustion  downstream  of  the  fuel  injector  and  vaporization,  premixing  section.  In  the 
catalyst  section,  liquid  JP  fuel  is  transformed  into  a highly  reactive,  partially  oxidized  gas 
heated  to  1700-1900  degrees  F,  well  below  the  temperatures  where  NOx  and  soot  are 
formed.  In  a combustion  system,  this  rich  bum  stage  would  be  coupled  with  a quick 
quench  stage  and  a final  lean  bum  combustion  stage.  The  combustion  process  produces 
large  amounts  of  hydrogen,  carbon  monoxide,  and  partially  oxidized  hydrocarbons:  all 
reactive  species.  Nitrogen  oxide  concentrations  are  2.7  to  7.9  parts  per  million  (where  100 
parts  per  million  would  be  required  for  an  emission  index  of  1.0). 


Fuel-Rich,  Catalytic  Oxidation  Test  Rig 


Gaseous  products 

1700-1900 °F 
130  Btu/scf 
13%  hydrogen 
10%  light  THC 
18%  CO 
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Advanced  Diagnostics 


The  objectives  of  the  in-house  programs  in  laser  diagnostics  is  to  provide  non- 
intrusive  means  to  measure  flow  characteristics  in  the  LPP  and  RQL  flame  tube 
combustors.  These  measurements  will  provide  data  for  code  validation  and  for  better 
understanding  of  both  rich  and  lean  combustion  to  develop  design  criteria  for  producing 
low  NOx  combustors. 

The  flow  characteristics  of  interest  include  the  degree  of  fuel  vaporization,  flow 
and  fuel  droplet  velocities,  temperature  profiles,  chemical  species  and  soot  particle 
concentrations.  Flow  visualization  techniques  will  also  be  performed  which  will  provide 
information  on  fuel  injector  performance,  mixing,  and  species  concentrations. 


OBJECTIVE 


□ Provide  advanced  laser  diagnostics  to  measure  flow  characteristics 
in  flame  tube  combustors  to  better  understand  the  physics  and 
chemistry  of  combustion  for  the  HSR  Program. 

□ Study: 

Degree  of  Vaporization  (Droplet  Sizing) 

Flow  and  Droplet  Velocities 

Temperature  Profiles 

Species  and  Soot  Particle  Concentrations 

Flow  Visualization  (Fuel  injection,  Mixing,  Species) 

APPROACH: 

□ Develop  techniques  both  in-house  and  through  university  grants. 

□ Apply  laser  diagnostics  to  in-house  flame  tube  rigs  (LPP,  RQL, 

Catalytic  Oxidation). 


Flow  Velocities 


A three-component  LDV  system,  using  fiber  optics,  will  provide  flow  velocity  data 
to  investigate  recirculation  zones  within  the  premixing  section  and  downstream  of  the 
flameholder,  if  possible.  Flow  velocity  fields  will  provide  information  on  the  residence 
times  involved  in  spray  vaporization  and  flow  residence  times  in  the  combustor,  which  will 
determine  if  local  regions  of  high  NOx  are  being  produced  in  recirculation  zones  in  local 
high  temperature  regions.  These  measurements  will  be  coupled  with  planned  non- 
intrusive  temperature  measurements  which  will  be  provided  by  laser  spectroscopy. 
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Fuel  Spray  Research 


A copper  vapor  laser  is  used  to  illuminate  and  provide  a strobe  light  source  to 
allow  flow  visualization  of  fuel  droplets  in  a test  nozzle.  In-house  fundamental  research 
on  sprays,  using  advanced  laser  diagnostics  will  be  applied  to  the  LPP  and  RQL  flame 
tubes  after  initial  testing  in  simple,  atmospheric  bench  tests  such  as  the  one  seen  in  the 
photograph  below.  The  copper  vapor  laser  pulses  at  10,000  hertz,  allowing  high-speed 
movies  to  be  made  of  sprays,  or  allowing  still  photographs  to  be  made  of  a spray  by 
stopping  the  motion  of  the  droplets.  Phase  Doppler  Anemometry  can  be  used  to  determine 
droplet  velocities  and  sizes  simultaneously  in  regions  of  interest  after  studying  the  flow 
visualization  results.  This  information  can  be  used  to  determine  the  fuel  vaporization  rates 
in  a flame  tube,  validate  codes,  and  be  applied  to  future  combustor  designs. 


ORIGINAL’  PAGE 
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Measurement  of  Feel  Droplet  Sizes 


A Malvern  particle  sizer  will  be  used  to  obtain  fuel  spray  droplet  sizes.  This  laser 
technique  provides  a line-of-sight  measurement  and  supplies  a mean  droplet  size  to 
characterize  the  spray.  This  instrument  will  be  used  to  study  the  vaporization  process  in 
the  flame  tube  combustors  (LPP  and  RQL)  where  access  to  the  premixing  sections  is 
provided  by  quartz  windows. 
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Advanced  Diagnostics  Schedule 


The  general  schedule  for  employing  various  diagnostic  techniques  is  schematically 
shown  below.  Initially,  the  pre-mixing  section  of  the  LPP  rig  will  be  probed  with  flow 
visualization  techniques  including  still  photography,  laser-strobe  photography,  and 
schlieren  photography.  The  Malvern  particle  sizer  will  then  be  used  to  provide  fuel 
droplet  sizes.  Laser  Doppler  Velocimetry  will  be  used  to  determine  flow  velocities.  Later 
work  will  include  application  of  exciplex  fluorescence  to  determine  the  degree  of 
vaporization  at  different  positions  in  the  premixing  section.  Digital  image  processing  will 
be  performed  on  the  2D  images  of  the  vapor  vs.  liquid  concentrations  to  determine  the 
extent  of  vaporization. 

The  combustion  zone  will  be  probed  using  laser  saturated  fluorescence  and  planar 
laser  induced  fluorescence  to  determine  species  concentrations  (OH  and  NO)  and 
temperature  profiles.  The  planar  measurements  will  be  image  processed  to  provide 
quantitative  results.  Soot  measurements  will  be  made  in  the  RQL  rig  using  laser1 
scattering/extinction  point  measurements. 

The  diagnostics  results  from  the  premixing  and  the  combustion  sections  from  both 
the  LPP  and  RQL  rigs  will  be  used  to  validate  codes  that  will  be  used,  to  develop  low  NOx 
combustor  designs. 
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Ceramic  Matrix  Liner  Test  Rig 


The  ceramic  matrix  liner  test  rig  was  specially  designed  to  evaluate  advanced 
ceramic/composite  materials  under  the  extreme  operating  conditions  which  will  be 
required  by  future  advanced  gas  turbine  engines.  A slave  combustor  provides  very  hot  (up 
to  4300  degrees  F)  high  pressure  (to  30  atms.),  inlet  gases  at  flow  rates  up  to  10  lb./see. 

Up  to  16  separate  ceramic  test  panels  can  be  arranged  inside  the  square  test  section  such 
that  each  set  of  four  can  have  different  back-side  cooling  conditions.  The  rig  itself  is 
water-cooled  to  withstand  the  extreme  operating  conditions.  This  rig  is  nearing  final 
installation  stages  and  will  soon  be  available  to  the  materials  and  gas  turbine  engine 
community  for  use  in  the  Enabling  Propulsion  Materials  Program  part  of  the  HSR 
Program. 


Ceramic  Matrix  Liner  Test  Rig 


Objective: 

Evaluate  advanced  ceramic/composite  materials  under 
advanced  engine  conditions. 
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Summary 


The  NASA  Lewis  In-House  research  program  has  produced  encouraging  results 
from  the  Lean  Premixed  Prevaporized  flame  tube  rig,  producing  NOx  emission  indices  less 
than  3 gms./kg.  fuel  at  an  inlet  temperatures  of  930  F and  pressure  of  10  atm.  Future  plans 
call  for  increasing  the  inlet  pressures  and  temperatures  to  encompass  the  whole  HSR 
cruise  condition  range. 

The  RQL  rig  is  well  underway  and  will  soon  produce  the  first  gas  sampling  probe 
data  on  NOx  levels  from  a flame  tube  designed  with  the  latest  analytical  tools  to  produce 
low  NOx  . Both  the  rich  and  the  lean  zones  will  have  gas  sampling  probes  installed.  This 
rig  will  also  provide  operating  conditions  that  will  simulate  the  whole  HSR  cruise  range. 
The  operating  parameters  for  the  rich,  quench  and  lean  zones  will  be  defined,  for  use  in 
engine  combustor  design. 

Advanced  laser  diagnostics  are  planned  for  fuel  injection  and  combustion  studies 
which  will  supply  non-intrusive  measurements  of  fuel  vaporization,  mixing,  and  chemical 
species  concentrations. 

The  catalytic  combustion  program  will  continue  to  provide  fundamental  data  that 
will  be  used  to  build  a complete  catalytic  test  section  that  will  serve  as  the  rich  burn  stage 
of  the  RQL  combustor  for  two-stage  experiments  which  will  begin  in  FY92. 


• The  LeRC  LPP  Rig  has  provided  ultra-low  NOx  data: 
E.l.’s  of  1-3  gms./kg.  at  HSR  cruise  conditions. 

• The  LeRC  RQL  rig  is  in  the  initial  check-out  stages  and 
will  provide  experimental  NOx  data  by  summer,  1991. 

• Advanced  laser  diagnostic  systems  are  being  set  up  for 
fuel  injection  and  combustion  studies  in  flame  tubes. 

• Two-stage  experiments  in  catalytic  combustion  will 
begin  in  FY  92. 


1023 


THIS  PAGE  INTENTIONALLY  BLANK 


Session  VII.  Emission  Reduction 


Lean  Burn  Combustor  Technology  at  GE  Aircraft  Engines 
Willard  L Dodds , GE  Aircraft  Engines 


1025 


THIS  PAGE  INTENTIONALLY  BLANK 


N94-  33485 


LEAN  BURN  COMBUSTOR  TECHNOLOGY 
AT  GE  AIRCRAFT  ENGINES 


W.J.  DODDS 


/.iA 


P 


NASA  FIRST  ANNUAL 
HIGH  SPEED  RESEARCH  WORKSHOP 


MAY  15,  1991 


In  late  1990  GE  Aircraft  Engines  (GEAE)  and  Pratt  & Whitney  (P&W) 
agreed  to  a joint  effort  to  conduct  studies,  acquire  technology  and 
validate  capabilities  and  limitations  of  advanced  low  NOx  combustor 
concepts  with  the  goal  of  generating  information  necessary  for 
concept  downselect  in  1992.  It  has  been  agreed  that  P&W  will  have 
primary  responsibility  for  demonstration  of  a rich  burn  quick  quench 
combustor,  while  GEAE  will  concentrate  on  development  of  a lean  burn 
combustor.  In  the  lean  burn  program,  both  lean  premixing 
prevaporizing  (LPP)  and  lean  direct  injection  (LDI)  designs  will  be 
investigated  (Tacina,  1990) . 

One  key  objective  of  these  parallel  programs  is,  by  the  end  of 
1991,  to  demonstrate  a NOx  emissions  index  of  3 to  8 g/kg  at  HSCT 
cruise  inlet  conditions  in  simplified  cylindrical  combustors 
representing  each  of  the  concepts.  The  second  objective,  to  be 
accomplished  by  the  end  of  1992,  is  to  complete  analyses  and  sector 
combustor  tests  necessary  to  assure  that  there  are  no  fundamental 
limitations  or  technology  barriers  that  would  preclude  successful 
evolution  of  a flightworthy  combustor  based  on  either  of  the  basic 
combustor  concepts. 


PRECEDES  BLANK  NOT  FILMED 
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This  presentation  summarizes  progress  to  date  at  GE  Aircraft 
Engines  in  demonstration  of  a lean  combustion  system  for  the  HSCT. 
These  efforts  have  been  supported  primarily  by  NASA  contracts,  with 
the  exception  of  initial  size  and  weight  estimates  and  development  of 
advanced  diagnostics  which  have  been  conducted  under  GE  Independent 
Research  and  Development  projects.  Key  accomplishments  to  date  are 
summarized  below. 


Lean  Combustion  Progress  to  Date 


• identified  combustor  concepts  - projected  emissions,  size, 
weight  and  performance  impacts  (3/90). 

• Predicted  benefits  of  advanced  materials  and  variable  geometry 
(8/90). 

• Assessed/developed  analytical  capabilities  for  combustor 
design  (CFD,  chemical  kinetics)  and  established  design 
criteria  (1/91). 

• Conducted  cold  flow  mixing  tests  to  identify  preferred  fuel 
injection  location  and  verify  CFD  predictions  (12/90). 

• Developed  improved  diagnostics  (NO,,  LIF  AND  Laser  Raman)  for 

combustor  development  (3/91).  ■ 

• Initiated  single  cup  rig  tests  to  demonstrate  3-8  g/kg  NOx  at 
HSCT  cruise  by  late  1991  (4/91). 

• Completed  initial  aero  flowpaths  for  HSCT  combustor  and  began 
mechanical  design  and  control  studies  (5/91). 
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Figure  1 illustrates  a parallel  staged  LPP  combustor.  A 
conventional  pilot  in  the  outer  annulus  is  used  for  low  power 
operation.  A premixing  main  stage  in  the  inner  annulus  is  used  at 
high  power  conditions. 

The  most  challenging  aspect  of  a LPP  combustor  for  an  HSCT  engine 
is  to  obtain  adequate  premixing  for  low  NOx  emissions  without 
encountering  precombustion  in  the  mixer  due  to  autoignition  or 
flashback.  If  mixing  is  incomplete,  NOx  will  be  formed  in  locally 
rich  (near  stoichiometric)  regions  of  the  combustion  zone. 

Combustion  within  the  mixer  will,  at  best,  result  in  increased  NOx, 
and  could  result  in  hardware  damage  to  mixing  ducts  and  flameholders. 

A second  major  challenge  is  to  maintain  stable  operation  across 
the  combustor  operating  range.  To  provide  low  NOx,  the  premixing 
stage  must  operate  very  close  to  the  lean  stability  limit.  Local 
fuel-air  ratio  must  be  closely  controlled  with  the  use  of  fuel 
staging  and  airflow  modulation  to  maintain  stable  operation. 

At  projected  HSCT  engine  cruise  conditions,  combustor 
temperatures  are  so  high  that  virtually  all  of  the  combustor  airflow 
must  be  premixed  with  the  fuel  to  achieve  the  NOx  goals.  Thus,  liner 
and  flameholder  cooling,  as  well  as  pilot  stage  airflow,  must  be 
minimized  by  using  advanced  materials  for  reduced  cooling  and 
variable  geometry  features  to  shut  off  pilot  air  at  cruise 
conditions.  Even  when  premixing  airflow  is  maximized,  it  is  critical 
to  minimize  residence  time  in  the  combustion  chamber  because  NOx 
formation  rates  are  high  even  at  projected  combustion  exit 
temperatures.  Combustion  zone  residence  time  must  be  long  enough  to 
complete  combustion  without  excessive  NOx  formation. 


LPP  Combustor  Design  Issues 


Pilot  for  low 


Variable  geometry 
to  optimize  premixer 
airflow  for  NO, 
and  stability 


Fuel-air  premixing 
without  autoignition 


Continued  NOx 
formation  at  high 
turbine  inlet 
temperature 


Liner  and 
flameholder 
cooling 
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Roffe  and  Venkataramani  (1978)  have  demonstrated  that  NOx  levels 
well  below  current  goals  can  be  achieved  at  representative  HSCT 
cruise  conditions  with  a well  premixed  system  using  prevaporized  fuel 
(propane) . Implementation  of  this  technology  into  a liquid  fueled 
system  capable  of  full  range  operation  is  the  present  challenge. 

As  indicated  in  Figure  2,  at  typical  cruise  conditions  in  current 
turbofan  engines,  it  would  take  approximately  10  milliseconds  for  jet 
fuel  to  autoignite.  This  is  of  the  same  order  as  combustor  residence 
times  in  current  aircraft  engine  combustion  systems,  and  is 
sufficient  to  achieve  complete  fuel-air  mixing.  However,  projected 
HSCT  cruise  inlet  temperatures  are  up  to  400°F  higher  than  those  of 
current  engines,  leading  to  an  order  of  magnitude  reduction  in 
available  mixing  time.  Achieving  full  vaporization  and  thorough 
fuel-air  premixing  within  1 ms  is  extremely  challenging. 

As  shown  in  Figure  2 (Lyons,  1979)  NOx  levels  are  increased 
substantially  if  mixing  is  not  complete.  Thus,  the  major  challenge 
of  the  LPP  development  effort  is  to  obtain  complete  mixing  without 
autoignition. 


LPP  Combustor  Fuel-Air  Mixing  Issues 


• Combustor  inlet  air  pressure:  15 
atmospheres  liquid  fuel  data  jet  A, 
kerosene,  etc. 


• Nominal  equivalence 
ratio  of  0.6 


twin  m iemp. 


Need  to  Fully  Mix  in  Less  Than  1 MSEC 
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The  importance  of  new  technologies  including  advanced  materials 
and  variable  geometry  devices  which  can  be  used  to  maximize  premixer 
airflow  are  illustrated  in  Figure  3.  These  NOx  emission  estimates 
were  based  on  results  of  research  combustor  tests  at  representative 
HSCT  cruise  conditions  with  well  premixed  propane  flames  (Roffe  and 
Venkataramani , 1978) . As  indicated,  a premixing  combustor  with  fixed 
geometry  and  conventional  liner  cooling  levels  would  produce  NOx 
levels  above  20  g/kg  because  the  premixing  stage  would  operate  at 
relatively  rich  conditions  with  the  available  airflow.  Use  of 
variable  geometry  to  force  more  air  into  the  premixer  would  reduce 
NOx  to  about  10  g/kg,  still  above  the  goal. 

With  the  use  of  variable  geometry  and  elimination  of  liner  film 
cooling,  levels  of  about  2 g/kg  are  predicted.  Recall,  however,  that 
NOx  levels  could  be  somewhat  higher  than  indicated  due  to  the 
challenge  of  premixing  at  HSCT  combustor  inlet  conditions. 

Elimination  of  liner  film  cooling  is  also  important  in  order  to 
reduce  quenching  of  CO  near  the  combustor  walls.  Roffe  and 
Venkat  Raman  (1981)  have  illustrated  that  wall  quenching  can 
adversely  • ffect  CO  burnout. 


Effects  of  Variable  Geometry  and  Liner  Cooling  on  LPP  NOx 


Variable  Geometry  and  Advanced  Materials 
Needed  to  Meet  NOx  Goals 
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A rule  of  thumb  for  low  thermal  NOx  production  is  to  keep  local 
temperatures  below  3000°F.  This  is  in  the  range  of  steady  state 
turbine  rotor  inlet  temperatures  at  projected  HSCT  cruise  conditions. 
Temperatures  are  even  higher  within  the  combustor,  prior  to  addition 
of  turbine  nozzle  cooling  airflow.  Thus,  it  is  very  important  to 
minimize  post-flame  dwell  time  between  the  reaction  zone  and  the 
location  in  the  turbine  nozzle  where  the  flow  is  accelerated  to  the 
point  that  thermal  NOx  formation  rates  become  negligible. 

Cycle  conditions  are  also  critical  toQNOx  production.  As 
indicated  in  Figure  4,  an  increase  of  200°F  in  turbine  inlet 
temperature  will  nearly  double  NOx  emissions. 


Cycle  Turbine  Inlet  Temperature  Effect  on  LPP  NOx 


Maximum  turbine  inlet  temperature,  °F 

Engine  Cycle  Affects  NOx  Capability 
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Currently  available  computational  fluid  dynamics  (CFD)  codes  and 
chemical  kinetic  codes  have  been  developed  and  evaluated  to  the  point 
where  they  are  quite  useful  for  LPP  combustor  design.  Figure  5 shows 
a few  examples  that  verify  the  usefulness  of  these  approaches.  As 
shown,  fuel-air  mixing  in  a duct  premixer  was  predicted  quite  well 
with  KIVA  code  computations.  NOx  and  CO  chemical  kinetics  models 
also  agree  well  with  data  for  lean  premixed  systems.  The  example 
shown  uses  the  kinetic  scheme  of  Bittker  et  al . in  a reactor  network 
model  to  predict  both  prompt  and  thermal  NO  formation.  Results  are 
in  good  agreement  with  premixed  combustor  data.  Chemical  kinetic 
ignition  delay  computations  based  on  a model  developed  by  Jachimowski 
(1984)  have  been  used  to  estimate  the  effects  of  inlet  pressure, 
temperature  and  equivalence  ratio  on  ignition  delay.  Results  of 
these  computations  have  been  used  to  define  and  refine  criteria  for 
premixer  and  combustion  chamber  designs. 


Analytical  Capabilities 


Fuel-Air  Mixing  In  Duct 
(Centerline  Concentrations) 


Fuel-Air  Mixing 
(Radial  Profiles) 


NOx/CO  Kinetics 


Autoignition  Kinetics 
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The  three  general  types  of  premixers  shown  in  Figure  6 are  being 
evaluated  for  use  in  an  engine  design.  The  duct  premixer  shown  is  a 
variation  of  the  multiple  tube  injector  that  has  been  widely  used  in 
fundamental  studies  of  LPP  combustors.  The  design  consists  of 
several  cylindrical  air  ducts.  Fuel  is  injected  near  the  entry  of 
each  duct,  and  the  fuel  and  air  mix  within  the  duct.  The  flame  is 
stabilized  by  a rapid  expansion  at  the  duct  exit. 

The  second  type  of  premixer  uses  a larger  duct  with  a device  to 
swirl  the  airflow  at  the  inlet.  Fuel  is  injected  at  the  center  of 
the  vortex,  and  the  swirling  flow  promotes  fuel-air  mixing.  The  duct 
is  sized  for  high  axial  velocity,  and  relatively  low  swirl  is  used  to 
prevent  recirculation  on  the  duct  centerline,  which  could  lead  to 
flashback.  The  flame  is  stabilized  at  the  premixer  exit  by  the 
recirculation  zone  set  up  by  the  swirling  flow. 

The  third  fuel  preparation  concept  is  a lean  direct  injection 
device.  In  this  device,  equal  portions  of  fuel  are  injected  into 
each  of  many  small  air  jets.  Although  the  length  of  the  air  passages 
is  not  sufficient  to  provide  complete  fuel-air  mixing,  the  design 
objective  is  to  make  the  scale  of  the  jets  very  small  so, that  fuel- 
air  mixing  rates  in  the  combustion  zone  are  fast  enough  to  provide 
very  low  NOx  levels  (Hussain  et  al.,  1981). 


Premixer  Concepts 


Lean  Direct  injection  Flame  Stabilizer 
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Cold  flow  mixing  tests  have  been  initiated  to  investigate 
different  fuel  injection  schemes  for  a duct-type  premixer.  A large 
scale  (approximately  5X)  mixing  duct  has  been  evaluated,  as  shown  in 
Figure  7.  Mixing  of  simulated  fuel  and  air  streams  has  been 
evaluated  using  an  ethylene  tracer  gas  technique  described  by  Mehta 
et  al.  (1989).  These  tests  have  been  used  to  establish  a preferred 
fuel  injection  approach  for  combustion  tests  of  the  duct  premixer. 


Cold  Flow  Mixing  Test 


Wall  Jet  vs.  Fuel  Tube 
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The  ethylene  tracer  technique  employed  in  these  initial  tests  is 
useful  for  measuring  time-  averaged  fuel-air  mixing.  However,  time 
variations  in  fuel-air  mixture  uniformity  (unsteady  flow  effects)  can 
lead  to  increased  thermal  NOx  formation.  In  order  to  evaluate  these 
unsteady  effects  at  GEAE,  N0_  laser  induced  fluorescence  capability 
has  been  developed  for  cold  flow  mixing  tests  and  a spontaneous  Raman 
system  has  been  developed  to  measure  average  and  fluctuating 
temperature  and  major  species  concentrations  in  methane  flames 
(Figure  8) . Additional  work  is  in  progress  to  evaluate  the  Raman 
technique  in  flames  where  distillate  fuels  are  used. 


Diagnostics  Developments  (GE  CR&D) 


TIME  - msec 


SHOT# 


N02  Laser  Induced  Fluorescence 


Raman  - CH  _ Flame 

4 
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A cylindrical  combustion  test  rig  sized  for  evaluation  of  one 
full  scale  swirl  premixer  or  LDI  device  has  been  built.  For  duct 
premixers,  a sector  or  arrangement  of  premixers  equivalent  in  airflow 
to  a single  swirl  premixer  is  evaluated,  as  shown  in  Figure  9. 

The  objective  of  these  single  premixer  combustion  tests  is  to 
evaluate  different  premixer  and  fuel  injector  design  configurations 
and  establish  effects  of  parametric  changes  in  design  features  such 
as  premixer  length,  direction  of  fuel  injection,  or  combustor 
residence  time.  Fuel  injector/mixers  representative  of  engine 
designs  are  being  evaluated  for  emissions  (NOx,  CO,  UHC) , flame 
stability  and  lean  blowout,  flashback/ autoignition,  and  ignition/ 
flame  propagation  characteristics. 

Typical  test  conditions  for  initial  low  pressure  tests  will  be  a 
pressure  of  15-60  psia,  inlet  temperature  of  800-1000°F,  combustor 
residence  time  of  1 to  3 ms  and  equivalence  ratios  from  0.70  to  the 
lean  limit.  High  pressure  tests  of  the  most  promising  configurations 
will  then  be  conducted  at  pressures  up  to  300  psia  and  inlet 
temperatures  up  to  1200°F  to  evaluate  operation  at  actual  HSCT  engine 
operating  conditions. 


High  Temperature  and  Pressure  Duct  Premixer  Rig 
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Figure  10  illustrates  two  of  the  design  issues  that  were 
addressed  during  design  of  the  cylindrical  rig.  Flameholder  cooling 
is  accomplished  with  backside  impingement,  while  ceramic  thermal 
barrier  coatings  are  used  to  protect  the  surface  that  is  exposed  to 
the  flame.  Finite  element  heat  transfer  and  stress  analyses  were 
conducted  which  indicate  that  flameholder  durability  will  be 
acceptable  with  this  design  approach. 

CFD  analysis  was  used  to  evaluate  recirculation  patterns  and 
mixing  in  the  combustion  zone  downstream  of  the  flameholder.  The  GE 
CONCERT  code  premixed  combustion  model  is  currently  being  adapted  to 
compute  NOx  formation  for  this  flameholder  configuration. 


Duct  Premixer  Design  Considerations 


sm  vjcu  oiitcr  im 
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Flowpath  layout  studies  are  currently  underway  to  define  LPP  and 
LDI  systems  suitable  for  full  range  operation  in  an  HSCT  engine. 
Combustor  inlet  conditions  and  compressor  and  turbine  interfaces  have 
been  identified  based  on  the  most  recent  engine  cycle  studies  being 
conducted  at  GEAE. 

Any  one  of  many  different  design  concepts  could  potentially  be 
used.  Three  options,  based  on  previous  design  and  development 
programs,  are  shown  in  Figure  11. 


LPP/LDI  Combustor  Concepts 


A.  Single  annular/wide  V-G 


B.  Parallel  staged/2-stage  V-G 


C.  Three  stage/pilot  V-G 
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Sector  combustor  tests  will  be  conducted  to  evaluate  two  selected 
combustor  configurations  and  establish  effects  of  key  design  and 
operating  parameters  on  NOx  emissions  and  combustor  performance.  A 
sector  combustor  and  test  rig  similar  to  those  shown  in  Figure  12 , 
incorporating  all  key  features  of  an  engine  combustor  design  will  be 
fabricated  and  tested  to  evaluate  the  influence  of  engine  hardware 
features  such  as  dilution  holes/wall  cooling,  fuel-air  staging  and 
variable  geometry  features  on  emissions,  exit  temperature  profiles, 
flashback/ autoignition,  hardware  temperature  and  stability  limits. 

Two  types  of  tests  will  be  conducted.  Initial  screening  will  be 
done  in  low  pressure  tests  (15-60  psia  pressure  and  800-1000°F  inlet 
temperature) . High  pressure  tests  (200-300  psia  maximum  pressure  and 
up  to  1200°F  inlet  temperature)  will  then  be  conducted  to  evaluate 
emissions  and  autoignition  of  promising  combustor  configurations  at 
full  engine  pressure. 


Typical  Combustor  Sector  Test  Rig 


Combustor  Rig 
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Elements  of  the  long  term  HSCT  combustor  development  plan  are 
shown  in  Figure  13.  The  current  NASA-supported  work,  through  1992, 
will  include  initial  sector  combustor  tests  to  verify  NOx  emission 
reduction  capability  and  identify  potential  technology  barriers  that 
would  preclude  their  successful  development.  The  next  step  would  be 
to  build  an  annular  prototype  of  the  most  promising  combustor  design 
to  develop  and  refine  combustion  steady  state  operating  capability 
over  the  full  range  of  combustor  operating  conditions  from  lightoff 
to  maximum  thrust.  The  objective  of  these  annular  tests  would  be  to 
evolve,  by  the  end  of  1994,  a combustor  design  capable  of  meeting  the 
NOx  emissions  goal  and  providing  adequate  operability,  performance 
and  durability  for  a demonstrator  engine  test  in  an  existing  engine 
that  could  be  operated  at  combustor  inlet  temperatures  and  pressures 
representative  of  the  range  of  HSCT  engine  operation. 

An  engine  quality  combustor  would  then  be  built,  using  conven- 
tional materials,  for  an  initial  engine  demonstration  in  1997.  The 
primary  purpose  of  this  engine  test  would  be  to  evaluate  transient 
response  of  the  combustor  (including  fuel  staging  and  variable 
geometry  features)  and  evaluate  NOx  emissions  in  the  presence  of 
interactions  with  an  actual  engine  compressor  and  turbine. 

As  indicated  earlier,  high  temperature  materials  are  needed  to 
meet  the  HSCT  NOx  goals  with  good  long-term  durability.  Active 
development  of  needed  materials  will  proceed  in  parallel  with  the 
combustor  development  efforts.  However,  these  materials  will  not  be 
available  for  initial  annular  combustor  rig  engine  tests.  Combustors 
built  with  conventional  materials  for  these  early  tests  might  rely  on 
auxiliary  cooling  to  permit  demonstration  of  emissions  and  perfor- 
mance capabilities.  As  the  advanced  materials  become  available,  a 
second  set  of  rig  and  annular  tests  would  be  conducted  to  demonstrate 
the  full  potential  of  the  evolved  combustor  design  with  combustor 
components  which  use  the  best  of  the  high  temperature  materials. 


HSCT  Combustor  Development  Plan 
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Session  VII.  Emission  Reduction 


Rich  Burn  Combustor  Technology  at  Pratt  & Whitney 
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NEAR  TERM  OBJECTIVES 


The  stringent  NO*  emissions  constraints  necessary  to  produce  an  environmentally  acceptable  High  Speed  Civil 
Transport  aircraft  dictate  the  use  of  advanced  combustor  concepts  that  will  require  substantial  technology  acqui- 
sition and  integration  to  produce  a viable  configuration.  Under  their  joint  HSCT  Program  Pratt  & Whitney  and 
General  Electric  have  agreed  to  initiate  this  process  through  parallel  technology  acquisition  and  verification  acti- 
vities with  Pratt  & Whitney  concentrating  on  rich  bum  combustor  concepts  while  General  Electric  focuses  their 
efforts  on  lean  burning  methods.  The  parallel  approach  permits  critical  evaluation  of  both  concepts  to  the  depth 
necessary  to  make  a conclusive  selection  of  the  preferred  concept  after  which  Pratt  & Whitney  and  General  Elec- 
tric will  concentrate  on  the  joint  evolution  of  a single  flightworthy  and  environmentally  acceptable  combustor 
based  on  the  selected  concept.  This  downselect  between  rich  and  lean  burning  approach  is  scheduled  to  occur 
late  in  CY 1992  and  has  led  to  definition  of  the  near  term  objectives  listed  on  Figure  1.  The  intent  of  this  presenta- 
tion is  to  demonstrate  how  these  timely  objectives  will  be  accomplished  in  a manner  that  is  also  consistent  with 
the  initiation  of  the  larger  effort  that  would  be  required  to  achieve  technical  viability  of  a rich  bum  combustor 
for  the  HSCT. 


BY  LATE  1992: 

• VERIFY  THE  EMISSIONS  REDUCTION  CAPABILITY  OF 
RICH  BURN  COMBUSTOR  CONCEPTS  AT  HSCT 
SUPERSONIC  CRUISE  CONDITIONS  WITH  GOAL  OF 
ACHIEVING  A CRUISE  NOx  EMISSIONS  INDEX  OF  3 TO  8 
GM/KG. 

• ASSURE  THAT  THERE  ARE  NO  FUNDAMENTAL 
LIMITATIONS  OR  TECHNOLOGY  BARRIERS  THAT  WOULD 
PRECLUDE  SUCCESSFUL  EVOLUTION  OF  A 
FLIGHTWORTHY  COMBUSTOR  BASED  ON  RICH  BURN 
CONCEPTS 


Figure  1 


RICH  BURN  QUICK  QUENCH  COMBUSTOR 


The  Rich  Bum  Quick  Quench  (RBQQ)  or  Rich-Quench  - Lean  (RQL)  combustor  is  the  primary  rich  bum  con- 
cept. As  shown  on  Figure  2,  all  of  the  fuel  is  consumed  initially  in  a rich  combustor  zone.  This  zone  is  deficient 
in  oxygen  - operating  at  an  equivalence  ratio  in  the  range  of  1.5  to  2.0.  The  deficiency  of  oxygen  inhibits  thermal 
NOx  production  but  the  ensuing  combustion  products  include  incompletely  reacted  species  - particularly  carbon 
monoxide  and  carbonaceous  particulates  (smoke).  Additional  air  is  introduced  into  the  combustor  in  the  quench 
section  providing  the  necessary  oxygen  to  complete  the  combustion  process.  As  shown  in  the  process  diagram 
of  Figure  2 the  quench  air  introduction  must  be  effective  to  minimize  NOx  production  and  the  second  phase 
of  combustion  in  the  lean  zone  occurs  at  temperatures  dictated  by  combustor  exit  temperatures.  Experience  with 
the  RBQQ  combustor  concept  is  based  on  potential  industrial  power  generation  engine  applications  which  in- 
volved cylindrical  or  can  type  combustors  utilizing  heavier  fuels  from  diverse  feedstocks  and  at  combustor  inlet 
and  discharge  temperature  levels  substantially  lower  than  those  anticipated  in  an  HSCT  engine  at  supersonic 
cruise. 


SECONDARY 

AIRFLOW 


FUEL 

PREPARATION 


FUEL-RICH  RAPID 

COMBUSTOR  QUENCH 


FUEL-LEAN 

COMBUSTOR 


EXPERIENCE  BASE 

CONTRACTED  PROGRAMS  ADDRESSING  CAN  TYPE  COMBUSTORS  IN 
INDUSTRIAL  ENGINES  USING  HEAVIER  FUELS 


Figure  2 
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RBQQ  CRITICAL  TECHNOLOGY  AREAS 


As  enumerated  in  the  list  of  Figure  3 there  are  five  critical  technology  areas  that  must  be  addressed  to  produce 
a viable  RBQQ  combustor  for  the  High  Speed  Civil  Transport  engine  application.  The  experience  base  with 
experimental  versions  of  this  combustor  concept  is  inconsistent  with  the  HSCT  application  and  must  be  extended 
and  verified  in  that  environment.  Operation  on  aviation  fuels  and  the  demand  for  compact  systems  in  a flight 
engine  require  definition  of  more  relevant  and  aggressive  design  and  sizing  criteria.  The  necessity  for  a rapid 
and  effective  mixing  process  in  the  quench  zone  has  been  emphasized  in  the  discussion  of  Figure  2.  Sustaining 
rich  oxygen  deficient  combustion  in  the  rich  zone  dictates  unique  thermal/structural  constraints  on  the  liner  en- 
closing this  zone  because  cooling  air  may  not  be  discharged  into  the  gaspath.  Fuel/air  mixture  preparation  may 
have  a significant  role  in  optimizing  the  emissions  characteristics  of  the  rich  zone  because  mixture  uniformity 
could  minimize  smoke  formation  in  this  zone  and  allow  more  effective  management  of  NOx  formation.  Finally 
the  operational  flexibility  requirements  of  a flight  engine  must  be  considered  and  is  expected  to  lead  to  the  need 
for  variable  geometry  air  admission  components  to  provide  efficient  performance  over  the  entire  flight  envelope. 

The  remainder  of  this  presentation  describes  the  efforts  being  conducted  at  Pratt  & Whitney  to  address  these 
five  critical  rich  bum  combustor  technology  areas.  Particular  emphasis  in  place  on  technology  acquisition  in  prep- 
aration for  the  downselect  process  and  in  forming  the  nucleus  of  a longer  range  program.  ( 


• RBQQ  VERIFICATION  AND  DESIGN  / SIZING  CRITERIA 

• QUENCH  ZONE  MIXING 

• NONEFFUSIVE  COOLED  RICH  ZONE  LINER 

• FUEL-AIR  MIXTURE  PREPARATION 

• VARIABLE  GEOMETRY  AIR  ADMISSION 


CYLINDRICAL  RRQQ  COMBUSTOR  RIG 


The  cylindrical  Rich  Burner  Quick  Quench  Combustor  rig  will  be  the  major  test  vehicle  used  in  the  near  term 
effort  to  verify  the  emissions  reduction  potential  of  the  rich  bum  concept,  define  relevant  design  criteria  and 
establish  the  direction  for  subcomponent  refinement.  The  rig  has  been  designed  on  the  basis  of  prior  experience 
with  experimental  rich  bum  can  type  combustors  for  industrial  engine  application.  The  inlet  air  to  the  rig  will 
be  preheated  electrically  to  temperatures  as  high  as  1400°F  to  simulate  supersonic  cruise  of  the  HSCT  engine 
and  inlet  total  pressures  in  excess  of  200  psia  are  attainable.  As  shown  on  Figure  4,  the  air  supply  system  is  de- 
signed to  allow  variable  flow  split  between  the  rich  combustion  zone  and  the  quench  section.  Gaseous  emissions 
and  particulate  concentrations  are  measured  at  the  combustor  exit  and  at  the  end  of  the  rich  combustion  zone. 
Additional  diagnostic  instrumentation  will  include  traversingprobes  to  establish  mixture  uniformity  immediately 
downstream  of  the  quench  air  admission  section,  gaspath  pressure  measurement  and  heat  flux  sensors  in  the 
wall  of  the  rich  and  lean  combustion  zones. 


AIR 

SUPPLY 


Figure  4 
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MODULAR  RBQQ  COMBUSTOR 


Figure  5 shows  details  of  the  construction  of  the  combustor  section  proper  of  the  cylindrical  RBQQ  combustor 
rig.  Emphasis  in  the  design  has  been  on  flexibility  of  the  configuration.  The  basic  construction  elements  are 
flanged  cylindrical  and  conical  pipe  sections.  The  noneffusive  cooling  requirement  is  achieved  by  externally  cool- 
ing with  a water  jacket  while  casting  a thick  ceramic  wall  inside  the  section  to  permit  high  gaspath  surface  temper- 
atures. The  cylindrical  sections  of  the  rich  and  lean  zone  have  been  fabricated  in  several  lengths  and  are  inter- 
changeable or  used  in  series  to  vaiy  residence  time.  The  rich  zone  air  admission  and  fuel  injection  system  are 
installed  in  the  inlet  plenum  and  may  be  mounted  on  or  replace  the  front  bulkhead  that  separates  this  plenum 
from  the  combustion  zone  proper.  The  initial  configuration  of  the  rig  incorporates  a quench  section  with  eight 
canted  air  inlet  slots  in  a reduced  diameter  gaspath  section.  This  quench  air  admission  section  and  its  adjacent 
conical  transition  pieces  may  be  replaced  with  alternate  components  to  produce  different  quench  section  config- 
urations. 


QUENCH  AIRFLOW 


Figure  5 
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CYLINDRICAL  RIG  OBJECTIVES 


The  cylindrical  RBQQ  combustor  rig  is  being  used  to  accomplish  several  near  term  program  objectives  and  to 
establish  the  direction  for  longer  range  component  refinement.  The  table  of  Figure  6 lists  the  objectives  of  the 
activity  on  this  rig  through  CY1992.  The  test  program  is  being  initiated  with  parametric  evaluation  of  the  effect 
of  combustor  inlet  and  operating  conditions  on  the  emissions  characteristics  of  the  RBQQ  combustor  concept. 
These  will  be  used  to  verify  the  NOx  reduction  capability  of  the  combustor  and  to  generate  the  data  base  for 
trade  and  optimization  studies.  Systematic  variations  of  zone  airloading  and  length  will  be  used  to  optimize  resi- 
dence time  effects  and  to  generate  corresponding  stage  sizing  criteria.  The  cylindrical  combustor  rig  will  also 
be  used  for  evaluating  the  sensitivity  of  the  RBQQ  combustor  concepts  to  subcomponent  performance.  Exploit- 
ing the  flexibility  incorporated  in  its  design  several  different  rich  zone  fuel/air  admission  concepts  using  both 
single  and  multi-distributed  sources  are  being  designed  for  evaluation.  Similar  systematic  variations  in  the  con- 
figuration of  the  quench  zone  are  also  anticipated. 


• VERIFICATION  OF  NOx  REDUCTION  CAPABILITY  OF  THE  RBQQ  AT 
HSCT  SUPERSONIC  CRUISE  CONDITIONS 

• GENERATE  DATABASE  FOR  OPTIMIZATION  AND  SENSITIVITY 
STUDIES  AT  HSCT  ENGINE  CONDITIONS 

• GENERATE  DESIGN  CRITERIA  FOR  ZONE  SIZING  AND  LOADING, 
RICH  ZONE  HEAT  LOADS  AND  LEAKAGE  TOLERANCE 

• ESTABLISH  SENSITIVITY  TO  SUBCOMPONENT  PERFORMANCE 

• FUEL  INJECTION  AND  RICH  ZONE  MIXTURE  PREPARATION 

• QUENCH  ZONE  MIXING  EFFECTIVENESS 

Figure  6 
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QUENCH  ZONE  MIXING 


The  mixing  process  occurring  in  the  quench  zone  is  critical  to  the  operation  of  the  RBQQ  combustor.  Rapid 
and  thorough  mixing  must  be  achieved  to  avoid  generating  excessive  NQx  during  the  quench  process.  An  inde- 
pendent task  is  being  conducted  to  screen  and  evaluate  mixing  concepts  for  the  quench  zone  and  optimize  their 
performance.  The  experimental  approach  involves  nonintrusive  measurement  of  the  flow  structure  in  nonreact- 
ing mixing  processes.  As  shown  on  Figure  7 one  of  the  participating  streams  is  seeded  with  an  oil  aerosol  and 
Mie  scattering  in  a laser  illuminated  plane  is  measured  and  processed  through  planer  digital  imaging  to  provide 
instantaneous  distributions  of  the  seed  concentration  from  which  the  progress  of  the  mixing  processes  is  eva- 
luated quantitatively.  An  extensive  series  of  cylindrical  mixer  configurations  of  the  type  shown  on  the  figure  have 
been  evaluated  and  led  to  the  definition  of  an  optimum  mixer  geometry  for  the  previously  described  cylindrical 
combustor  rig.  The  quench  zone  mixing  investigation  has  been  subsequently  redirected  to  an  apparatus  with  a 
rectangular  gaspath  to  explore  mixing  approaches  that  will  be  more  compatible  with  the  annular  combustor  con- 
figuration anticipated  in  the  product  engine. 


OBJECTIVE 

EVOLVE  CONCEPTS  THAT  EXPLOIT  FLUID  DYNAMIC  INSTABILITIES 
AND  SCALE  EFFECTS  TO  ACHIEVE  RAPID  AND  COMPLETE  MIXING 


APPROACH 

USE  PLANAR  DIGITAL  IMAGING  OF  MIE  SCATTERING  TO 

QUANTITATIVELY  EVALUATE  MIXING  PROCESSES  TYPICAL  IMAGE 


Figure  7 
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NONEFFUSIVE  COOLED  LINER 


The  requirements  for  a noneffusive  cooled  liner  for  the  rich  zone  fo  the  RBQQ  combustor  will  required  a new 
liner  material  having  thermal  and  structural  properties  beyond  those  of  state  of  the  art  metallic  or  monolithic 
ceramics.  The  Enabling  Propulsion  Materials  program  has  been  established  with  the  objective  of  defining  and 
optimizing  this  material  for  use  in  either  a rich  or  lean  burning  HSCT  engine  combustor.  As  shown  by  the  sched- 
ule of  Figure  8 this  program  has  the  milestone  of  producing  a substantiated  advanced  material  liner  for  verifica- 
tion testing  in  a demonstrator  engine  under  the  High  Speed  Research  program  in  the  1998  time  period. 

Pratt  & Whitney  has  also  initiated  studies  of  the  requirements  and  constraints  on  the  liner  for  the  rich  zone  of 
the  RBQQ  combustor.  As  shown  on  Figure  8,  these  thermal  and  structural  design  studies  are  directed  at  three 
near  term  program  objectives:  providing  definition  of  boundary  conditions  for  the  Enabling  Propulsion  Materials 
program;  generating  a design  base  for  interim  liner  constructions  for  combustor  rigs  that  will  be  operated  under 
future  elements  fo  the  High  Speed  Research  program  and  in  conjunction  with  the  initial  output  from  the  Enab- 
ling Propulsion  Materials  program  provide  technical  data  to  support  the  combustor  concept  downselect  process 
in  late  1992. 


1991-92  OBJECTIVES 

• DEFINE  BOUNDARY  CONDITIONS  FOR  ENABLING  PROPULSION 
MATERIALS  PROGRAM 

• DEFINE  AN  INTERIM  RICH  ZONE  LINER  CONSTRUCTION  FOR 
TEST  RIGS 

• PROVIDE  TECHNICAL  BASIS  FOR  VIABILITY  POSITION  FOR  THE 
COMBUSTOR  CONCEPT  DOWNSELECT  IN  LATE  1992 

DOWNSELECT  INPUT 


CORPORATE 
HIGH  SPEED  RESEARCH 


ENABLING  PROPULSION 
MATERIALS 

1992  1998 

Figure  8 
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VARIABLE  GEOMETRY  REQUIREMENTS 


The  majority  of  the  initial  effort  on  the  HSCT  combustor  concepts  will  concentrate  on  the  optimization  of  the 
configuration  and  stochiometiy  to  minimize  NOx  emissions  at  the  supersonic  cruise  flight  condition.  However, 
acceptable  performance,  emissions  and  operability  over  the  remainder  of  the  flight  envelope  must  be  assured 
and  variable  geometry  air  admission  components  are  expected  to  be  required  to  achieve  this  capability.  Figure 
9 shows  an  air  control  mode  for  the  RBQQ  combustor  that  requires  variable  air  admission  on  the  inlet  to  the 
rich  combustion  zone.  The  rich  zone  equivalence  ratio  schedule  of  that  figure  satisfies  engine  cycle  requirements 
in  that  the  high  equivalence  ratios  conducive  to  minimum  NOx  production  is  maintained  at  high  fuel  air  ratios; 
an  equivalence  ratio  near  unity  is  achieved  at  ground  idle  to  minimize  carbon  monoxide  and  unburned  hydrocar- 
bon emissions  and  adequate  lean  stability  is  retained.  This  equivalence  ratio  schedule  is  shown  to  be  achieved 
with  only  a moderate  variation  in  rich  zone  airloading  at  high  fuel  air  ratios. 

While  the  definition  of  variable  geometry  airflow  components  and  their  actuation  mechanisms  would  be  deferred 
to  a later  phase  of  the  High  Speed  Research  program  after  the  combustor  downselect,  initial  evaluation  of  per- 
formance or  emissions  sensitivities  to  airflow  shifts  could  be  conducted  in  the  cylindrical  combustor  rig.  The  air- 
flow shifts  would  be  simulated  in  sequential  tests  with  interchangeable  components  sized  to  represent  the  ex- 
treme areas  of  the  airflow  apertures.  * • 


QUENCH  ZONE 


Figure  9 
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SECTOR  COMBUSTOR  RIG 


While  the  initial  evaluation  and  technology  acquisition  on  the  Rich  Bum  Quick  Quench  combustor  concept  will 
be  conducted  on  the  cylindrical  combustor,  the  HSCT  engine  combustor  is  expected  to  be  on  annular  configura- 
tion. Tb  provide  an  assessment  of  theRBQQ  combustor  in  a better  simulation  of  an  annular  combustor  geometry 
a sector  combustion  rig  such  as  that  shown  on  Figure  10  will  be  incorporated  in  the  program.  The  design  of  this 
rig  and  its  aerothermal  details  will  be  based  on  the  experience  derived  in  the  previously  described  technology 
acquisition  tasks.  Zone  sizing  and  rich  zone  fuel/air  admission  module  configurations  will  be  based  on  criteria 
developed  from  data  acquired  with  the  cylindrical  combustor  rig  and  the  quench  air  admission  system  will  have 
been  optimized  in  the  rectangular  quench  zone  mixing  evolution  task.  The  sector  combustor  rig  is  expected  to 
be  operational  in  late  1992  to  provide  further  concept  verification  prior  to  the  downselect  decision. 


INITIAL  CONFIGURATION  FOR  EVALUATION  IN  LATE  1992  BASED  ON 
INPUT  FROM  THE  FUNDAMENTAL  TECHNOLOGY  TASKS 

PROVIDE  DEMONSTRATION  IN  SIMULATED  ANNULAR  BURNER  WITH 
MULTIPLE  FUEL  / AIR  ADMISSION  MODULES 

EXIT 

EMISSIONS 

FUEL/AIR  SCREEN  RAKES 


Figure  10 


CONCLUSIONS 


The  near  term  program  to  evaluate  rich  bum  combustor  concepts  for  application  to  the  High  Speed  Civil  Trans- 
port engine  will  meet  the  intended  program  schedule  and  objectives.  The  fundamental  technology  tasks  outlined 
will  provide  the  necessary  substantiation  of  the  Rich  Bum  Quick  Quench  combustor  concept  for  the  downselect 
process.  These  tasks  will  also  establish  the  direction  for  additional  technology  acquisition  and  combustor  compo- 
nent refinement  if  this  concept  is  selected.  The  test  procedures  and  experimental  apparatus  developed  and  con- 
structed under  these  initial  tasks  will  be  available  for  subsequent  combustor  component  refinement  efforts  in 
the  later  phases  of  the  High  Speed  Research  program. 


• NEAR  TERM  TECHNOLOGY  ACQUISITION  EFFORTS  WILL  PROVIDE 
SUBSTANTIATION  OF  THE  POTENTIAL  FOR  RICH  BURN 
COMBUSTOR  CONCEPTS  IN  THE  DOWNSELECT  PROCESS. 

• DIRECTION  FOR  SUBSEQUENT  REFINEMENT  OF  RICH  BURN 
COMBUSTOR  WILL  BE  ESTABLISHED 

• TEST  PROCEDURES  AND  APPARATUS  FROM  NEAR  TERM  TASKS 
AVAILABLE  FOR  SUBSEQUENT  COMPONENT  REFINEMENT 


Figure  11 


Session  VII.  Emission  Reduction 


Low  NOx  Combustor  Design 
Dr.  Hukam  Mongo,  Allison 
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Session  VII.  Emission  Reduction 


Low  NOx  Mixing  Research 

Professor  Scott  Samuelson,  University  of  Califomia-Irvine 
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